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Summary

Aviation is a vital lifeline for island communities. However, air travel is also a significant source of air pollu-
tion and therefore contributes to global warming. The rising sea levels, caused by global warming, heavily
affect the livability of pacific islands, causing drink water shortages and crop failure. Sustainable aviation
has to be a part of the climate change solution. It is the goal of Group 19 to design a fully electrically pro-
pelled net-zero emissions aircraft suitable for island-hopping operations. This was done by a team of 10
students within 10 weeks. In the previous stage of the preliminary design, a trade-off was performed, re-
sulting in the final concept: the HOPPER, a hydrogen powered electrical aircraft. In this final report, the
further design of this final concept is documented and both the technical and the financial analysis of the
H,OPPER are presented.

The main aircraft parameters can be seen in Table 1 - 3 and the payload range diagram in Figure 1. Figure 2
shows the final design for the H,OPPER. As can be seen from the drawing, the aircraft has a high-wing
configuration with two engines placed at the tip.

Table 1: Aircraft technical specifications Table 2: Aircraft dimensions Table 3: Performance specification
Weight Exterior Performance
Maximum take-off weight [kg] 8618 Exterior height [m] 7.9  Cruise speed [kts] 175
Maximum zero fuel weight [kg] 6804 Exterior length [m] 14.4  Service ceiling [km] 4.57
Maximum payload weight [kg] 1814 Wing span [m] 20.0 Take-off distance [m] 750
. Landing distance [m] 675

Occupancy Interior Maxi (NM] 1177
Crew members [-] 1-2 Cabin height [m] 1.91 R ax1mutm range load [NM] 321
Passengers [-] 19 Cabin width [m] 1.95 angea max payloa

. Rate of climb [m/s] 5.8

Cabin length [m] 6.8

Powerplant Seat pitch 0.35
Number of engines [-] 2 eat pitch [m] )

Take-off power per engine [kWh] 730

2000
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1200 l
1000
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Figure 1: HyOPPER payload-range diagram
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In order to bring enough liquid hydrogen for the H,OPPER to meet its range requirements, it is stored in a
unique container. This multi-spherical composite tank, with a very high storage efficiency, allows for weight
savings and flexibility in placement. This flexibility allowed for the tanks to be placed in the bottom of the
fuselage underneath the cabin.

This hydrogen is converted to electrical power using state of the art Proton Exchange Membrane fuel cells.
The fuel cells have an efficiency of at least 0.53, the remaining energy is converted to heat. Part of this heat
is used to heat up the liquid hydrogen to the desired temperature. The remaining heat has to be dissipated.
This is done with the use of radiators, placed underneath the engines. The acceleration of the air by the
propeller increases the effectiveness of the radiator.

During the design it was found that placing these engines at the wing tips has a positive effect on the drag
and the oswald efficiency of the aircraft. This decision also had an effect on other subsystems. For the
wingbox a structural weight reduction was achieved, because the placement of the engine on the tip relieved
some bending moment caused by the lift force. For the sizing of the vertical tail, the one engine inoperative
scenario became most critical. This resulted in an increased tail and rudder surface area, increasing the
structural weight of the empennage. From these combined effects it was concluded that the engines on the
wing tip were more favourable than the conventional engines near the root.

Due to these innovative solution, the HoOPPER has a range of 300 [NM] with maximum payload, meeting
the set requirement. By exchanging two passengers for extra hydrogen, a range of 1000 [NM] can be reached
with 17 passengers. This can be done with the available tank capacity, thus no adjustments have to be
made. This makes the HoOPPER a versatile aircraft, which can be used to serve more remote islands. It
also means that not every smaller airport needs a hydrogen refueling system, reducing the cost of ground
operations.

Even more important than the range requirements, were sustainability requirements. During this design
phase the Green Policy, composed during the baseline phase, was used to ensure the sustainability of the
design. This was done with the use of qualitative and quantitative green indicators. Since the final design
was hydrogen powered, emission indicators were already met. The main focus was on the efficiency and
recyclability of the design. The recyclability indicator was a deciding factor in the material choices and
resulted in a structure which is 98% recyclable.

With these performance characteristics known, a revised market analysis was performed to identify the
competitors and the competitiveness of the H)OPPER. The unique selling point was found to be the sus-
tainability with a superior range with respect to other sustainable designs, such as the ES-19. To further
investigate the financial feasibility, a financial evaluation was performed. The total manufacturing cost was
estimated to be 6.2 million dollars, allowing for a 30% profit margin with the required list price of 10 million
dollars. The operational cost was estimated to be 10% more than current aircraft by the year 2030. Depend-
ing on how the hydrogen market evolves over the coming years, this could be reduced to 5% by 2040.

However, the HOPPER can only be successful on the market if the design is valid. In order to prove the valid-
ity of the design tools, extensive verification and validation was performed. The focus was put on validation
and was mainly done by comparison with reference aircraft. Some discrepancies were found, but they could
be justified with differences between the HoOPPER and the reference aircraft. In addition the robustness of
the design was tested, using a sensitivity analysis. This analysis focused on the effect of assumptions made
in the subsystem design on a system level. This mainly showed that the uncertainty of the performance
of batteries and fuel cells in the near future, could be detrimental for the design. However, there is still a
margin in the operational empty weight of 70 [kg], for the HOPPER to meet its requirements.

This is the final report in the preliminary design phase. However, a lot of work still has to be done before the
H,OPPER can become operational. The next step will be the detailed design phase, where the subsystems
are worked out in full detail and tested. The focus for this should be on the newer technology with more
uncertainties, such as the hydrogen tank and fuel cell. After this, a prototype will be created before the pro-
duction phase starts. Lastly, in the support phase, inspection maintenance needs to be performed during
the aircraft’s entire operational lifetime.



Nomenclature

Abbreviations

A/C Aircraft

AFC Alkaline Fuel Cell

ATLA Air Transport Vehicle Life Cycle Analysis

BOR Boil-Off Rate

BWB Blended Wing Body

CFD Computational Fluid Dynamics

CFRP Carbon-Fibre-Reinforced Polymers

EASA European Aviation Safety Agency

EoL End of Life

FBD Free Body Diagram

FBS Functional Breakdown Structure

FFD Functional Flow Diagram

FL Flight Level

GHG Greenhouse Gasses

HLD High-Lift Device

LH2 Liquid Hydrogen

MAC Mean Aerodynamic chord

MCEC Molten Carbonate Fuel Cell

MST Multi-Sphere Tank

MTOW Maximum Take-Off Weight

MZFW Maximum Zero Fuel Weight

NFPA National Fire Protection Association

OEM Operational Empty Mass

OEW Operational Empty Weight

PAFC Phosphoric Acid Fuel Cell

Pax. Passengers

PEM Proton Exchange Membrane

RAMS Reliability, Availability, Maintainability, and Safety

RDTE Research, Development, Testing and Evaluation

ROC Rate Of Climb

S&C Stability & Controllability

SIDS Small Developing Island States

SOFC Solide Oxide Fuel cell

TOP Take Off Parameter

VeDSC Vertical tail Design Stability and Control

WBS Work Breakdown Structure

WEFD Work Flow Diagram

Symbols

a Angle of attack [deg]
B Side-slip angle [rad]
AHyqap Heat of vaporization [J/kg]
AT Temperature difference [K]
Or Rudder deflection [rad]
€ Downwash angle [deg]
nr Energy recovery efficiency (-]
Nfe Efficiency of the fuel cell (-]
Mm Material scarcity index (-]
Npt Total propulsive efficiency (-]
Nre Recyclability energy efficiency [-]
Yeyl Angle between intersection and liner [rad]
A Wing sweep angle [rad]
A Taper ratio [-]
Ay Taper ratio of the vertical tail [-]
Acra Half cord sweep [rad]
Hg Aircraft mass ratio (-]

% Material poisson ratio (-]
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NOMENCLATURE

0
Pcomp
Pins
Pliner
Pins
Occ

Ouvm
Ox

Oy

APTOP

pro

Cro

Air density

Composite density

Density of the insulation

Liner density

Insulation density

Critical crippling stress

Von Mises stress

Bending stress in x-direction
Total bending stress in y-direction
Yield stress

Bending stress in z-direction
Rudder effectiveness

Critical skin bucking shear stress
Shear stress due to torsion

Shear stress in the xz-plane

Shear stress in x-direction

Shear stress in z-direction

Fillet angle

Bank angle

Wing aspect ratio

Speed of sound

Aspect ratio of the vertical tail
Area formed by fillet radius at intersection
Area of propeller

Area of triangle formed at intersection

Door area

Inlet area

Element area

Cross sectional area

Skin area

Compressibility parameter

Number of blades per propeller

Outer fuselage width at the wing intersection

Compression buckling coefficient

chord length

Drag coefficient

mean geometric chord

Lift coefficient

Thrust coefficient

Zero-lift drag coefficient

Drag increment for interference, roughness and excrescence
Development support and testing cost

Engineering and design cost

Cost of financing

Change of aircraft lift coefficient due to a change in angle of attack
Non dimensional rolling moment due to change in side-slip angle
Isolated vertical tail lift curve slope

Change of aircraft minus tail lift coefficient due to a change in angle of attack
Change of tail lift coefficient due to a change in angle of attack

Lift coefficient during loitering

Yawing moment coefficient due to a change in side-slip angle
Non dimensional moment due to asymmetric thrust
Fuselage contribution to the yawing moment coefficient
Propeller contribution to the yawing coefficient

Vertical tail contribution to the yawing moment coefficient
Wing contribution to the yawing moment coefficient
Yawing moment due to a change in rudder deflection

Cost of outsourced RDTE

Testing aircraft(s) cost

Aircraft testing operations cost

iv



NOMENCLATURE v
Cisf Test and simulation facillities cost [$]
Cy, Lateral force coefficient due to a change in side-slip angle [-]
Cyp, Lateral force coefficient of the vertical tail due to a change in side-slip angle (-]
Ys, Lateral force coefficient of the vertical tail due to a change in rudder deflection [-]
Yan Lateral force coefficient of tailless aircraft (-]
Cym Lateral force coefficient of the vertical tail due to a change in angle of attack [-]
CEF Cost escalation factor (-]
d Centroid distance [m]
D, Propeller diameter [m]
Dyor Horizontal tail drag distribution [N/m]
Dyer Vertical tail drag distribution [N/m]
Duying Wing drag distribution [N/m)]
dy x-distance to centroid [m]
d, z-distance to centroid [m]
dimensiony, ,, Dimensionm,norp (-]
E Material elastic modulus [N/m?]
e Oswald efficiency (-]
E, Total energy density [J/kg]
E;, Energy required to recycle material i (7]
Eyir, Required energy for virgin production of material J]
Feaa Judgement factor which accounts for the effect of computer aided design capability (-]
Fairf Judgement factor which accounts for the difficulty of a new airplane program [-]
Fy, Horizontal tail force [N]
Fy,, Elevator force in x-direction [N]
Fxpia High-lift device force in x-direction [N]
Fypp Empennage force in z-direction [N]
F, il Aileron force in z-direction [N]
F;, Elevator force in z-direction [N]
Frppy Empennage force in y-direction [N]
Fra High-lift device force in z-direction [N]
G Mass growth factor [-]
G Material shear modulus [N/m?
g Acceleration due to gravity [m/s?]
h Convective heat transfer coefficient [W/(m?K)]
h Height of base (m]
h.c. Hourly cost of the engineers working on the RDTE [$]
h¢ Outer fuselage height at the wing intersection (m]
heap Height of the spherical cap at intersection [m]
Rcenter Cap height at center [m]
Rinter Height at intersection [m]
Rinter Intersection spherical cap height [m]
Rk Skin height [m]
Ix Area moment of inertia around the x-axis [m?]
I, Area moment of inertia around the z-axis [m?]
Kr Fuselage correctional factor (-]
Kg Gust allevation factor [-]
Ky Horizontal stabilizer correctional factor (-]
Kw Wing correctional factor [-]
Ks, Rudder correctional factor (-]
Koverlap Hoop ring overlap ratio (-]
Kair Thermal conductivity of the air [W/(mK)]
kcomp Composite thermal conductivity [W/(mK)]
Kins Insulation thermal conductivity [W/(mK)]
K; Shear buckling constant (-]
l Length of base [m]
Iy Moment arm between the wing and the tail [(m]
Iy Longitudinal distance between the propeller and the centre of gravity of the aircraft [m]
Iy Vertical tail length [m]
leyt Hollow tube length (m]
lfn Length from the nose to the leading edge of the wing [m]
Lfys Fuselage lift distribution [N/m]
Lyor Horizontal tail lift distribution [N/m]
L, Circumferential length [m]



NOMENCLATURE

Lyer
Lwing
m

Minsulation
Mliner

Min2

mult icells

Vertical tail lift distribution

Wing lift distribution

Mass flow

Insulation mass

Liner mass

Mass of the liquid hydrogen

Door mass

Horizontal tail moment

Mass of the insulation

Reaction moment

Bending moment around the x-axis
Bending moment around the z-axis
Number of spheres

mul tijunctions Number of junctions in the MST

n

Nu

N,

Nrdte

Nrpm
St

P
Pbr

Teyl
cryo
Reijjet
Riiner
Rring
Rringﬁnal
X
RJ/
R,
RC

Scsw
Sspheresﬁllets

Storus
Sw

Sref
SPLyax
T
t/Croot

tjunction
lins
liner
Tem p
Ten gine
Ty

T,

Isk

Load factor

Nusselt number

Ultimate load factor

Number of aircraft built for RDTE
Propeller revolutions per minute

Number of aircraft that will be used for static tests

Power

Engine shaft power

Prandtl number

Heat transfer

Heat transfer rate

m, norp

Radius

Distance from noise source
Hollow tube radius

Radius of the tank insulation
Radius of the fillet

Liner radius

Intersection radius

Intersection radius, corrected with fillet

Reaction force in x-direction
Reaction force in y-direction
Reaction force in z-direction
Recyclability percentage

Fraction of material i that can be recycled
Fraction of material i that is already recycled

Width of hoop ring
Vertical tail area
Wetted surface area
Insulation surface area

Control surface area

Surface subtracted due to filleting
Surface area of single intersection
Wing surface area

Wing surface area

Maximum sound pressure level
Thrust

Thickness to chord ratio at the root
Temperature of upstream air
Total thrust energy per flight
Surface Temperature

Junction thickness

Thickness of the tank insulation
Liner thickness

Empennage torque

Engine thrust

Horizontal tail torque

Reaction torque

Skin thickness



NOMENCLATURE

Tstatic
TJ’

Ve
Vcenterlens
Veenters
chlinder
chlinders
Vlet
Vhillets

Vienses
Vlensjunction

Vspheres
VCliMblengine
V!V
Vimax
Vmc

Vs1

Vi

Ux

Vz

Uz

VB

ve

VD

w

Wig
Wampr
engine

Yail
Vel
Ye
Yhid
Vs,i

Zhld
Zh
Zj

Static thrust

Torsional moment around the y-axis
Cell voltage

Tank coefficient of heat transfer

Gust velocity

Velocity

Volume

Air speed in front of propeller

Air speed after propeller

Volume of single lens at meeting point
Volume of all the lenses at meeting points
Volume of single central hollow tube
Volume of central hollow tubes

Follet volume of single sphere

Volume of the sphere fillets

Volume of all the intersected lenses
Volume of intersected sphere lenses

Complete sphere volume

Climb speed one engine inoperative
Airflow velocity ratio of the tail over the wing
Maximum design speed

Minimum control speed

Stall speed without flaps

Shear force in x-direction
Displacement in x-direction

Shear force in z-direction
Displacement in z-direction

Design max gust intensity speed
Design cruise speed

Design dive speed

Width of base

Design gross weight

Aeronautical manufacturers planning report weight

Engine weight

Effected skin width

Fuselage weight distribution

Subsystem weight

Skin width

Wing weight distribution

The x-coordinate of the aerodynamic center
The x-coordinate of the center of gravity
Centroid x-coordinate

Elevator x-location

Engine x-location

High-lift device x-location

Element x-coordinate

Step function activation value
Dimensionless centroid distance
Moment arm of the asymmetric thrust vector
Aileron y location

Elevator y-location

Engine y-location

High-lift device y-location

Subsystem y-location

Centroid z-coordinate

Elevator z-location

Engine z-location

High-lift device z-location

Horizontal tail location

Element z-coordinate
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Introduction

Aviation is a vital lifeline for island communities. In addition, many island nations have a great dependence
on tourism. For some islands, over 50% of the GDP comes from tourism !. These tourists mostly arrive by
plane; 90% of the visitors use air-travel to reach these islands. > However, air travel is a significant contrib-
utor to global warming and a source of air pollutants, such as nitrogen oxides and carbon dioxide; Aviation
has a contribution of around 5 % to the global-warming effect [1, p.3528].

While aviation is vital for island communities, the rising sea levels caused by global warming heavily affect
the livability of pacific islands, causing drink water shortages and crop failure [2]. For some islands it is
already too late, they are deemed to disappear in the upcoming years. 3 The leaders of island nations luckily
realize the severity of this problem and are currently forming coalitions to have a bigger voice in the global
scene [3, p.206]. One of these coalitions is the Coalition of Low Lying Atoll Nations, consisting of countries
such as the Maldives and Tuvalu. This coalition sees itself as an early warning system for the world; what
happens to them now, will later on happen to the rest of the world. This coalition has ambitious targets for
the world; they try to get the world to match the rate of solutions with the climate change impacts felt at
their nations®.

Sustainable aviation could be of big importance in the coming years to reduce the effects of climate change,
while still keeping aviation unharmed. It was the objective of group 19 to design a fully electrically propelled
climate neutral aircraft suitable for island-hopping operations: the H,OPPER. This was done by a team of
ten students within ten weeks.

This project consisted of multiple phases; the first phase consisted of defining the project structure, setting
project objectives and defining the user needs. In the second phase, several design options were devised
and a preliminary trade-off was performed to find the most promising designs. These designs have been
worked out partially in the third phase to perform a more thorough trade-off. The winner of the trade-off
was the hydrogen propelled aircraft with concentrated propulsion. This design was worked out in the best
attainable level of detail in the given time frame.

The aim of the report is to show the results found during the final phase of the project; the conceptual
design of the H,OPPER with its expected performance, risks, and compliance to regulations. In addition,
the ground operations, finances and future activities for the aircraft have been investigated.

The report first elaborates on the functions and requirements of the HoOPPER in Chapter 2. After this,
the sustainability approach of the project is restated. The devised green indicators are updated and their
implementation in the design is discussed in Chapter 3. The expected market performance and unique
selling point of the H,OPPER are re-evaluated in Chapter 4.

The following chapters discuss various parts of the aircraft, the first of which is the structure. This entails
sizing the structure for the loads acting on the aircraft and making sure that all the components and pay-
load can be accommodated. An important part is the selection of the structure materials, as it has a great

lURL:https://www.statista.com/statistics/789517/caribbean-direct-contribution-travel-tourism-gdp-country/
#:7 :text=Caribbean. [Accessed on: 16-6-2021]

2URL:https://unitingaviation.com/news/economic-development/aviation-benefits-for-a-better-future [Ac-
cessed on: 16-6-2021]

3URL: https://www.theguardian.com/global-development/2019/may/16/one-day-disappear-tuvalu-sinking-islands-rising-seas-
climate-change [Accessed on: 16-6-2021]

4URL: https://www.sprep.org/news/coalition-low-lying-atoll-nations-climate-change-cancc-known-global-early-warning-
system [Accessed on: 16-6-2021]


https://www.statista.com/statistics/789517/caribbean-direct-contribution-travel-tourism-gdp-country/#:~:text=Caribbean.
https://www.statista.com/statistics/789517/caribbean-direct-contribution-travel-tourism-gdp-country/#:~:text=Caribbean.
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influence on the weight, strength and recyclability of the HoOPPER. The structure is discussed in Chap-
ter 5.

Next, the wing design is discussed in Chapter 6. This part involves the sizing of the high lift devices and the
aileron. After this, in Chapter 7 the stability and controllability of the aircraft and the resulting sizing of the
empennage, including the control surfaces are discussed. The resulting aerodynamic characteristics of the
aircraft are discussed in Chapter 8.

The design of the energy and power subsystems is detailed in Chapter 9 - 12 . First, the power needs for a
flight mission are calculated. Next, the fuel cell system is given with the corresponding accessory subsys-
tems. In Chapter 11, the other systems of the aircraft are examined. Hardware and software diagrams are
shown and a power budget is given. At last, the hydrogen fuel tank is investigated.

The verification and validation of all the design tools is discussed in Chapter 13. The ground operations,
focusing on the hydrogen challenges, are outlined in Chapter 14. After this, the financial performance, in-
cluding a breakdown of the cost and return of investment, is discussed in Chapter 15. The final design is
presented in Chapter 16. In this chapter also the sensitivity of the design and the compliance to the require-
ments are evaluated. The risk and RAMS characteristics are described in Chapter 17 and 18, respectively.
The next steps in the design process are discussed and summarized in a workflow diagram and a Gantt chart
in Chapter 19. Lastly, this project is concluded in Chapter 20.
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Aircraft Functions and Requirements

This chapter describes the functional requirements of the designed aircraft. A functional analysis was per-
formed to identify all the required functions. This was displayed in functional breakdown structure and
functional flow diagram.

2.1. Functions

With the use of a functional breakdown structure in combination with a functional flow diagram, presented
on page 4 and page 5 respectively, the required functions were assessed. The life cycle consist of five main
phases namely: design, certification, production, operation and retirement. To identify requirements, the
operation phase was worked out in more detail then the other phases. This is the reason why the other
phases are not labeled, since these are not part of the functional breakdown structure.

"The operational part is divided in three main categories, which are: normal flight, abnormal flight and
support. Normal flight is the normal sequence of flight operations the aircraft will have to do repetitively
throughout. Abnormal flight on the other hand are unexpected events that can occur that the aircraft will
still have to be able to perform, like for example fire emergency procedures or flying in bad weather. Lastly,
support is focused on the maintenance of the aircraft and other logistics that will have to be done in order
to keep the aircraft perform its mission.”[4].

2.2. Requirements
The user requirements of the H»OPPER, also referred to as the top-level requirements, are as follows:

HOPPER-U-P1 The maximum range shall be 300 [NM], with regulatory reserves
HOPPER-U-P2 The maximum payload shall be 19 passengers

HOPPER-U-P3 The aircraft shall be able to operate out of a 400 [m] runway
HOPPER-U-P4 The cruise speed shall be 175 [kts]

HOPPER-U-SR.1 The aircraft shall comply with CS-23 regulations

HOPPER-U-S.1 The aircraft structure shall be 90% recyclable

HOPPER-U-S.2 The propulsion system shall be climate neutral

HOPPER-U-EB.1 The MTOW shall be no greater than 19,000 [lbs]

HOPPER-U-EB.2 The aircraft shall be able to perform 3 maximum range flights a day, with a maximum
1 [hr] turnaround time between flights

HOPPER-U-EB.3 The aircraft shall have a range of 200 [NM], with maximum payload

HOPPER-U-C.1 The list price shall be no more than 10 million [USD]

HOPPER-U-C.2 The operating cost shall be no more than 10% higher than current aircraft

From these requirements, a stakeholder analysis, an functional analysis of the aircraft and CS-23, system
and subsystem level requirements were derived. These are stated at the start of each section.

Concerning the identifiers of the requirements, most requirements either contain an U (user requirement),
aT (technical requirement), or a C (constraint). Furthermore, the terms in Table 2.1 indicate the subsystem
of the requirements. Finally, the term CS indicates the requirement follows from CS-23.

Table 2.1: Subsystem suffixes

Pr Propulsion Cm Communications  Sr Structures
Lg Landing gear Av Avionics Ct Comfortability
Fc Flight control Fs Fuel system
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3

Green Policy

In this chapter, the sustainability approach of the HoOPPER is handled. First, in Section 3.1, the past en-
deavors are summarized, where the original indicators are addressed. Then, in Section 3.2, the indicators
are refined to make them fit the current conceptual design phase, such that they could be applied in an
optimal way. Section 3.3 focuses on the implementation of the indicators and overall green policy. Finally,
Section 3.4 gives an evaluation of the green policy.

3.1. Policy Synopsis

With sustainability being of such paramount importance in this project, the need for a sustainable devel-
opment strategy arose. In the starting phase of this project, such a strategy was formulated in the form of a
Green policy. This policy aimed at ensuring that the final design was going to meet the HOPPER-U-S.1 and
HOPPER-U-S.2 requirements concerning sustainability.

Due to the deep-rooted aspect of sustainability, it was necessary to set a domain for the policy. A choice was
made that for the preliminary design phase, the Green policy was limited to the aircraft operating phase
only. As the relatively long aircraft operating phase was considered to have a far larger environmental im-
pact than any other life cycle phase. This argument was supported by the preliminary results from the
"Air Transport Vehicle Life Cycle Analysis (ATLA)" [5] [6]. To account for the recyclability requirement, the
End of Life (EoL) phase was also included in the policy domain but was limited to just the recyclability
aspect.

In this domain, the objective of the policy was to design for climate-neutral flight. Where climate-neutrality
is achieved when all aircraft activities result in no net effect on the climate system [7]. This was considered to
be achievable since the expected flight altitude of 10,000 [ft] is low enough that no contrail formation would
occur [8] and due to electric propulsion sources not having direct greenhouse gas (GHG) emissions.

When the domain and objective were set, four Green indicators were created to either quantitatively or qual-
itatively judge the performance of certain aspects of the concept with respect to the relevant sustainability
requirements. These indicators will be briefly discussed below but can be found in more detail in [4].

* IND-GP-01: Efficiency, a quantitative indicator that evaluates the system level efficiency of the design.

e IND-GP-02: Total greenhouse gas emissions, a qualitative indicator concerning the emission of green-
house gasses of the design.

e IND-GP-03: NO, emission in landing and take-off, a qualitative indicator regarding the overall pro-
duction of NOy during the landing and take-off phases.

* IND-GP-04: Material recyclability, a quantitative indicator that assesses the total recylability of a ma-
terial by comparing energy consumption of virgin production and recycling.

To ensure that the final design would actually end up meeting the policy objective, extensive monitoring
on the proper adaption of the indicators was performed by the sustainability managers. This was achieved
by assessing the correctness of the indicator calculations and checking whether these indicators have been
sufficiently used as guideline during design choices. When a design failed to comply with any of the min-
imum set values of the indicators, the design was not approved and appropriate measures were taken to
make sure that the design complied with those minimum values. This consisted of changing the design and
re-iterating it until the requirements were met.
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3.2. Indicator Refinement

During the conceptual design process, some complications concerning the Green policy and its indicators
were discovered. While the indicators themselves were not inherently incorrect, it was found that the re-
cyclability indicator could not be used as originally intended as the formula was not yet usable due to the
materials being still largely unknown. Furthermore, the NO, emission in landing and take-off could not be
estimated in the preliminary design phase. Even though the indicators were still relevant as guidelines, they
fell more towards the background instead of actively being used in the design process.

The selection of a concept allows for more refined and specific indicators with respect to the concept char-
acteristics. To make the indicators more relevant and applicable, the upcoming design tasks and their cor-
responding design parameters were inventoried. Using these parameters, the indicators were adjusted to
match the design process.

IND-GP-01: Energy efficiency

As can be seen in Equation 3.1, the efficiency indicator is re-evaluated and re-determined completely.
The indicator now displays the trade-off between C; over Cp, the added/removed weight, and total
efficiency. This trade-off is relevant for every subsystem and part imaginable. For example take the
cooling system; if a certain cooling system has an increased efficiency which comes with a disad-
vantage of added weight, a choice must be made whether the increased efficiency justifies the added
weight and decreases total energy usage. This choice can be evaluated using the indicator. The same
question can be asked for a wing: does a certain increased C; over Cp compensate for possible added
wing weight?

Cr 1

GhL =—

—_— . 3.1
Co W+AW-G Ntotal (3.1)

Where A W is the initial weight saving and G is the mass growth factor. 1,,4; is the total efficiency,
which is the product of propeller efficiency, Power management and distribution efficiency, fuel cell
efficiency and electrical system efficiency. In order to make a quick estimation of this weight gain fac-
tor, a tool from JS Cheema [9] was adopted. This tool relies on the operational empty weight fraction
and the fuel weight fraction staying constant for a change in mass, allowing for a quick iteration. It
must be noted that this tool is more suited for conventional kerosene aircraft since a hydrogen air-
craft would have a significantly lower fuel weight fraction, with a possible excessive growth factor.
However, when more accurate estimations of the weights are unavailable in the earlier phases of the
preliminary design phase, this tool would function as an acceptable estimate.

The drag coefficient in Equation 3.1 can be calculated using:
C2

Leruis
C — C + cruise 3'2
p=Cpy+ —r" (3.2)

Where Cp, is the zero lift drag, A the aspect ratio and e the Oswald efficiency.

The tool uses wing, tail, fuselage and landing gear as drag-producing subsystems. Wing, tail and
fuselage are the only lift-producing elements. For induced drag, only the wing and tail are considered
as the influence of the fuselage is negligible [10, p.12]. Preliminary coefficient estimates are taken
from literature [11, p.418], and surfaces are sized using the L 410 NG as reference aircraft ! 2.

It should be noted that using this approach calculations are simplified, but it is deemed acceptable
since it is used in a trade-off and it is not the final analysis.

IND-GP-02: GHG for H, production and logistics

As a hydrogen-powered concept was chosen, the GHG indicator is no longer relevant for the entire
domain of the policy. Instead, the indicator was now focused on the production of hydrogen and the
logistics that came with the use of liquid hydrogen. The production and storage of hydrogen is as of
yet still not without GHG emissions in most cases [12]. For the operations and logistics of this project,

lURL: http://www.let.cz/documents/L410NG. pdf [Accessed on: 01-06-2021]

2URL:

https://web.archive.org/web/20190423024417 /http://www.let.cz/files/file/KeStazeni/2016/EN_

Brochure_L410_UVP-E20.pdf [Accessed on: 01-06-2021]


http://www.let.cz/documents/L410NG.pdf
https://web.archive.org/web/20190423024417/http://www.let.cz/files/file/KeStazeni/2016/EN_Brochure_L410_UVP-E20.pdf
https://web.archive.org/web/20190423024417/http://www.let.cz/files/file/KeStazeni/2016/EN_Brochure_L410_UVP-E20.pdf
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the methods of producing green hydrogen and consequently its storage and transportation are in-
vestigated thoroughly. Where GHG emissions are inevitable, an additional GHG emission recapture
method should be researched and implemented.

e IND-GP-03: NOy emission in landing and take-off
While NOy is not officially a GHG, it plays an important role in the destruction of ozone in the at-
mosphere [13]. Hence, a net emission of NO, will make the concept fail to meet the climate neutral
requirement. As it is known that hydrogen will be used as a fuel, NO, emissions are not expected.
However, since the hydrogen will react with air and not pure oxygen, NO, theoretically could still oc-
cur in the case of incomplete combustion 3. Therefore, this is an important indicator that should be
investigated during the design of the fuel cells.

* IND-GP-04 Recyclability
Equation 3.3 shows the improved recyclability indicator. It was chosen to exclude the scarcity index
from the equation as, except for metals of batteries, there are no common aerospace materials on the
element risk list #. Next to that, the operative empty weight was omitted from the equation as it is
already included in the weight part of the energy efficiency indicator.

To let the indicator calculate the actual energy needed to reproduce a certain design option, the non-
recyclable material part is multiplied by the embodied energy for primary production, and the recy-
clable material part is multiplied by the embodied energy for recycling. Additionally, it was decided to
include the recycle fraction from current supply, i.e. the fraction of the material that is already recy-
cled in the current supply, which is included as a factor that is multiplied by the entire equation. This
factor is the total embodied energy including the percentage of recycled materials and its embod-
ied energy divided by total embodied energy for virgin material. The indicator is, therefore, a direct
indication of the energy required for producing a particular part or subsystem.

i=n Erci
Gly =Y m;-(RC;-Eye; +(1=RCy)-Epir) - |1+ | ==~ —1|-RECD; (3.3)

i=1 vir;
In the formula above, RC; is the fraction of material i that can be recycled, E,, is the energy required
to recycle material i and E,;,, is the required energy for virgin production of material i, both in Joule.
Lastly, RECD; is the fraction of material i that is already recycled. The value of the parameters above

was taken from literature such as Ashby [14].

* IND-GP-05: Noise level
Now, a new indicator is added regarding noise levels. In the Baseline Report and Midterm Report,
there were already calculations done regarding noise levels of the aircraft. However, it was noted that
the noise should be a sustainability matter as noise pollution has an enormous environmental impact
[15]. Therefore, it is chosen to make the noise level an indicator in the Green policy. The noise level is
computed using Equation 3.4 [16].

SPLyax = 83.4 +15.3log,y Py, /1000 — 2010g;o D, +38.5M; —3(B —2) + 10log;, N — 20log;, 1 (3.4)

In the equation above, D), is the propeller diameter, N is the number of propellers, B is the number
of blades per propeller and Py, is the engine shaft power. The distance from propeller noise source r
is assumed to be 75 [m], which is the distance from the ground after flying 2500 [m] at the minimum
climb gradient as depicted by CS-23. This is the same method as the ICAO regulations use. Finally,
M, is the rotational tip Mach number, which is determined using Equation 3.5; where n;pp, is the
revolutions per minute of the propeller and c is the speed of sound [16].

Nrpm 7D
M, = p p
60-c
SURL: https://www.thechemicalengineer.com/features/hydrogen-the-burning-question/ [Accessed on: 29-06-2021]
4URL: https://www2.bgs.ac.uk/mineralsuk/download/statistics/risk_list_2015.pdf [Accessed on: 01-06-2021]

(3.5)



https://www.thechemicalengineer.com/features/hydrogen-the-burning-question/
https://www2.bgs.ac.uk/mineralsuk/download/statistics/risk_list_2015.pdf
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3.3. Implementation

To support the more active role of these new parameters, a more structured approach concerning their
implementation was needed. Hence a tool was created that would calculate the efficiency, recyclability and
noise indicators instantaneously. Each department could fill in the parameters of two corresponding design
options. The tool would then present the performance of the three quantitative indicators for both design
options and how they compare to each other. This allowed the indicators to support different departments
in making design choices. For example, the tool was key in the decisions regarding the material choice for
the fuselage using the IND-GP-04 indicator and the wingtip mounted engine placement was based on the
IND-GP-01 indicator.

To ensure consistent use of the latest design parameters, a dedicated place in the design N2 chart was made.
This would function as a central place for the most recent values for all different design aspects. In this N2
chart all parameters related to the Green indicators were displayed in green to clarify dependencies and
further encourage departments to make use of the tool.

Furthermore, this tool added consistency concerning the indicator formula usage, meaning that the sus-
tainability managers had to do less monitoring on the calculation correctness and were able to spend more
time working in their own technical department. However, the sustainability managers still needed to ver-
ify that the departments did indeed use the tool for decisions and major design choices still needed to be
agreed upon by the sustainability managers.

Finally, the qualitative indicators that were not suited for the tool functioned more as boundaries for certain
design choices and limited the designer to stay within the climate neutral domain. The responsible depart-
ments contacted the sustainability managers about whether they experienced any trouble in meeting these
requirements and possible mitigation options were discussed.

3.4. Evaluation

Now, onto the actual results and evaluation of the green policy. Perhaps the greatest success of the quantifi-
able indicators is the fact that engineers from each department were actively working on the sustainability
aspects of their specific department and design parts. It was seen throughout the design that all the de-
partments were actively working on the green indicators and were overall using the green policy. Because
of that, the goal of realizing climate neutral flight is achieved. Next to that, the Hopper surpassed the 90%
recyclability requirement. Thanks to the efforts of the structures department in combination with the recy-
clability indicator, a structural recyclability percentage of 98% percent was reached. It can therefore be said
that the green indicators had a significant positive influence in correctly implementing sustainability into
the H,OPPER, and that the green policy was an overall success.



A4

Market Analysis

This chapter gives a quick recap about the current market and competitors in Section 4.1. Then in Sec-
tion 4.2, the performance of the H,OPPER is updated and revised. Finally, in Section 4.3, the unique selling
point of the HoOPPER is revised to fit to the updated aircraft performance.

The current study adds to this literature by showing that more reductions in greenhouse gases increase
willingness to pay an additional ticket price. This was somewhat limited in the 15% ticket price increase
condition, particularly for long-haul flights.

4.1. Current Market and Competitors

Currently, despite growing efforts in reducing the climate impact of flight, there is no existent market seg-
ment for climate neutral aircraft. This results in a loss in customers as more people decide to avoid air travel
due to a significant contribution to global warming. This problem would be tackled when the contribution
to global warming would be reduced significantly. Research shows that air travelers are even willing to pay
a 15% increase in price for a 50% reduction of greenhouse gas emission [17]. Therefore, the loss in cus-
tomers is non-existent when no GHG are emitted; moreover, customers are willing to pay more for reduced
GHG emissions, increasing revenue for airlines. An aircraft that does not have any climate impact is thus
desired to increase the customer base and could even increase the ticket price. This is exactly what the aim
of the HOPPER is: to bring a competitive climate neutral aircraft on the market and thereby increasing the
climate neutral market share in the aviation industry.

In the already executed market analysis, several competitor aircraft were compared to the expected perfor-
mance of the HoOPPER [4]. In this analysis, the HoOPPER was compared to both conventional kerosene
burning aircraft (DHC-6 Twin Otter-400 and the Beechcraft 1900D), as well as to a climate neutral aircraft,
the battery-powered ES-19. The analysis showed that the overall performance of the H)OPPER is compara-
ble to that of the two conventional aircraft. When compared to the ES-19, it came forward that the HoOPPER
excelled in range performance and was able to cope with a similar runway length.

Table 4.1: Competition analysis

H,OPPER Beech1900D DHC-6Twin L410NG ES-19

Passengers -] 19 19 19 19 19
Payload [Ibs] 4000 4210 4061 5071 -
Ferry range [NM] 1177 1356 989 1387 216
Min. runway length [m] 750 1058 366 600 750
List price [$] $10M $7.5M $5.9M $7.8M -
MTOW [lbs] 19,000 17120 12500 15432 -
Cruise speed [knots] 175 250 175 225 180
Operational cost per hour [€] 1250 1158 837 - -

4.2, Performance Re-evaluation

The performance parameters in the Baseline Report were determined in a very preliminary design phase.
Therefore, to make a more relevant performance comparison possible, the parameters were updated ac-
cording to final performance results. The ultimate performance of the H)OPPER is shown in Table 4.1. Note
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that since the Baseline Report, the Aircraft Industries L 410 NG was added to the competing kerosene air-
craft, as after the Baseline it was added as reference aircraft. The values of all the aircraft can be found in
Table 4.11234,

As can be noted from Table 4.1, the final performance of the HoOPPER aircraft is comparable to the conven-
tional kerosene aircraft. It is even more interesting to compare the HoOPPER to the other climate neutral
aircraft, the ES-19.

As there is limited data known about the ES-19, only four parameters can be compared: passengers, min-
imum runway length, cruise speed and range. The minimum required runway length and the number of
passengers is equal for both aircraft. Regarding the cruise speed, the ES-19 has a slightly higher cruise speed
then the H>,OPPER. This is a minor competitive advantage for the ES-19. The range of the HyOPPER is far
superior to that of the ES-19. The range of 1177 [NM] can be achieved without payload, while with max
payload a range of over 321 [NM] can be realized. The benefit of liquid hydrogen is visible when a small
reduction in the payload is replaced with liquid hydrogen. Reducing the boarded passengers from 19 to 17
results in a range increase of 679 [NM] adding up to a total of 1000 [NM]. This increases the flight routes in
which the H,OPPER can operate, and thus a larger competitive advantage is realized.

For the operational cost, the H,OPPER will be compared with conventional aircraft as no direct comparison
could be made with the ES-19. It was found that there will be a small increase of 5 to 10 % in operational
cost for the HyOPPER, mainly determined by the fuel cost and maintenance.

4.3. Unique Selling Point

In the baseline report, the unique selling point of the H,OPPER is to be a "climate neutral aircraft with
superior range compared to another climate neutral aircraft, in addition, it should be able to cope with a
shorter runway to take-off and land" [4, p.11]. As presented in Table 4.1, the designed Hyopper has a ferry
range of 1177 [NM] and range of 321 [NM] with maximum payload. This outscores the range of the ES-19
by a good amount and in combination with being climate neutral and has a short take-off distance, the
Hyopper will therefore obtain a competitive position in the current market.

Thttp://www.aero-news.net/index.cfm?do=main.textpost&id=732cbc6e-a18e-4523-b985- cedc2277d071[Accessed:
23-04-2021]
2h‘ctps ://heartaerospace. com/[Accessed: 23-04-2021]
3https://wuw.vikingair.com/sites/default/files/Viking-Twin-0Otter-Series-400-Technical-Specifications-R-01-2018.
pdf[Accessed: 23-04-2021]
“https://let.cz/documents/L410NG. pdf [Accessed: 23-04-2021]


http://www.aero-news.net/index.cfm?do=main.textpost&id=732cbc6e-a18e-4523-b985-cedc2277d071
https://heartaerospace.com/
https://www.vikingair.com/sites/default/files/Viking-Twin-Otter-Series-400-Technical-Specifications-R-01-2018.pdf
https://www.vikingair.com/sites/default/files/Viking-Twin-Otter-Series-400-Technical-Specifications-R-01-2018.pdf
https://let.cz/documents/L410NG.pdf
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Structures

This chapter discusses the structural design of the aircraft, focusing on the preliminary sizing of the wing-
box, empennage and fuselage for manoeuvre and gust loading conditions. In Section 5.1 the functions and
requirements of the aircraft structure are given. After this, the layout of the fuselage is shown in Section 5.3.
The structural layout of the wingbox, empennage and fuselage are given in Section 5.4. An analysis of the
design loads is given in Section 5.2. The design tool, used to optimize the structure, is elaborated in Sec-
tion 5.5. The landing gear design is discussed in Section 5.6. Lastly, the material selection is motivated in
Section 5.7.

5.1. Subsystem Overview
The subsystem overview shows the functions and requirement of the main structural components of the
aircraft, namely the fuselage, wingbox, empennage and landing gear.

5.1.1. Functions

The function of the aircraft structure is to transfer all the aerodynamic and weight forces of the aircraft.
Additionally, enough space needs to be provided for all the aircraft subsystems and the payload. The main
objective of the structural design is to achieve the lowest possible weight, and at the same time handle the
most extreme load cases.

5.1.2. Requirements

HOPPER-C-R-SR-4 The aircraft shall be able to withstand positive loads up to the ultimate load factor
of 5.1

HOPPER-C-R-SR-5 The aircraft shall be able to withstand negative loads up to the ultimate load factor
of -1.52

HOPPER-C-R-SR-6 The aircraft shall not tip during normal loading conditions when resting on its
landing gear

HOPPER-C-R-SR-11:  The aircraft wings shall not bend upwards by more than 1 [m] during the entire
mission

HOPPER-C-R-SR-12:  The aircraft wings shall not bend downwards by more than 0.5 [m] during the en-
tire mission

HOPPER-C-CF-1: The passenger seat shall be at least 0.41 [m] wide

HOPPER-C-CF-2: The passenger seat shall have armrests of at least 0.04 [m]

HOPPER-C-CF-5: The passenger seats shall have a pitch of 0.762 [m]

HOPPER-C-CF-6: The aisle shall have a height of at least 1.66 [m] and width of 0.38 [m]

HOPPER-C-CF-7: The aircraft shall provide space under each passenger seat for hand luggage with
maximal dimensions of 40 x 30 x 20 [cm]

HOPPER-C-CF-8: The aircraft shall provide the possibility to bring a minimum of 15 [kg] of cargo
luggage

HOPPER-C-CF-11: The aircraft shall have a window on each side of the fuselage within 0.5 meter of

each row of seats

HOPPER-C-CF-14: The aircraft shall have 1 lavatory

HOPPER-C-CF-15: The aircraft shall have at least 1 passenger door

HOPPER-C-CF-16: The aircraft shall have 3 emergency doors

HOPPER-C-R-CS-5: The aircraft shall be able to withstand a gust speed of 20.12 [m/s] at VB for 0-4572
[m] altitude

12
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HOPPER-C-R-CS-6:  The aircraft shall be able to withstand a gust speed of 15.24 [m/s] at VC for 0-4572
[m] altitude

HOPPER-C-R-CS-7: The aircraft shall be able to withstand a gust speed of 7.62 [m/s] at VD for 0-4572
[m] altitude

HOPPER-C-R-CS-16:  Each passenger entry door shall qualify as a floor level emergency exit. This exit
shall have a rectangular opening of not less than 0.61 [m] wide by 1.22 [m] high

HOPPER-C-R-CS-17:  The aircraft shall have an emergency on the side of the cabin opposite the passen-
ger entry door that has a rectangular opening measuring not less than 0.51 [m] by
0.91 [m] high

HOPPER-C-R-CS-23:  For each pilot compartment, where the flight crew are separated from the passen-
gers by a partition, there shall be a means to facilitate two-way communication
between flight crew and cabin occupants, such as an opening or openable win-
dow or door or other means.

HOPPER-C-R-CS-12:  There must be a clearance between each propeller and the ground of at least 18
[cm].

5.2. Load Analysis

During the aircraft’s lifespan, it will go through a lot of different flight situations. In order to be able to design
the aircraft to withstand all possible loads encountered during flight, a load analysis was performed. The
goal of this load analysis was to come up with critical load cases for the aircraft structure design.

A critical load case is combination of flight loads which will be designed for, since at no other point in
the flight profile higher loads will be achieved. Multiple critical load cases can be identified, which are all
limiting for different parts of the wing box. These load cases follow from the CS-23 requirements and are
either associated with performing a manoeuvre or encountering a gust.

5.2.1. Manoeuvre and gust loads
The maximum positive limit load factor encountered during manoeuvres is stated in CS-23 as Equation 5.1.

24,000
n=21+——— (5.1)
W +10,000

Where W is the MTOW in [lIbs]. Since the H,OPPER has a MTOW of 19,000 [Ibs], the corresponding pos-
itive limit load factor is 2.93 . The load factor is a measure of the load to which the aircraft is subjected
a equal to the lift over the drag. Following CS-23, the associated negative limit load factor was calculated
by multiplying the maximum positive load factor by -0.4, resulting in a negative limit load factor of -1.17.
(18]

The gust loads that are encountered during flight are calculated using a gust loading diagram. Following
CS-23, the aircraft needs to be able to withstand gusts of a certain velocity at three different design speeds,
as shown in Table 5.1. It should be noted that the design cruise speed (VC) is higher than the actual cruise
speed of the aircraft, since the design cruise speed is prescribed by CS-23.

Table 5.1: Gust velocity the aircraft needs to withstand at a certain design speed

Design speed Aircraft EAS [m/s]  Gust velocity [m/s]
Maximum gust intensity speed (VB)  95.02 20.12

Cruise speed (VC) 105.28 15.24

Dive speed (VD) 125 7.62

The load factor the aircraft experiences due to gusts was calculated using Equation 5.2, as depicted by CS-
23.
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K,U;,VC
n=14 -t e (5.2)
498(5)

Here nis theload factor, Uy, the gust velocities [ft/s], V the aircraft EAS [knots], Cr the winglift curve slope
per radian and K the gust allevation factor as depicted by Equation 5.3.

0.88
= E (5.3)
5.3+ g
Where (g is the aircraft mass ratio as described in Equation 5.4.
2(W/S)
(5.4)

He = hmaoCr.g

Where p is the density of air [slugs/ft®], MAC the mean aerodynamic chord [ft] and g the acceleration due
to gravity [ft/ s2].

The calculated manoeuvre and gust loads were combined and plotted in a manoeuvre and gust loading
diagram, which is shown in Figure 5.1. The red line depicts the gust loads and the black line the manoeuvre
loads at different aircraft velocities.

Manceuvre and gust loading diagram

—— Manoeuvre load
3.5 7 — Gust load
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Figure 5.1: Manoeuvre and gust loading diagram of the Ho OPPER.

As can be seen in Figure 5.1, the maximum positive and negative limit load factor follow from gust loads
which happen at VB and respectively are 3.40 and -1.40. These are the load factors that the aircraft was
designed for.

5.2.2. High-lift device and control surface loads

Not only the positive and negative maximum loads are critical load cases encountered during flight. The
wing of the aircraft contains high-lift devices and ailerons. Furthermore, the horizontal and vertical tail
contain elevators and the rudder, respectively. These surfaces introduce loads inside the aircraft for which
the structure should be designed.

From CS-23, the VF design speed gives the maximum speeds at which flaps can be deflected. The aircraft
needs to be able to withstand a gust velocity of 7.62 [m/s] at this design speed. Therefore, the high-lift device



5.3. Fuselage Internal Layout 15

load case is a combination of the load factor due to the gust and the loads due to flap deflection.

For the load case with ailerons deflected, CS-23 specifies that the load case consist of a combination of 2/3
of the maximum positive limit load factor and the loads due to aileron deflection combined.

For the loads on the horizontal tail, the load cases considered were the maximum positive and negative load
factors from the loading diagram, combined with the load introduced by deflection of the elevator.

The critical load case for the vertical tail follows from the one-engine inoperative requirement from engine
failure and is a combination of the load on the tail surface and the load on the rudder.

During all loading cases, full thrust from the engine(s) was considered.

5.2.3. Critical load cases
From the manoeuvre and gust loading diagram, and the high-lift device and control surface loads, four
critical load cases were distinguished for the wing structure:

¢ Maximum positive n

¢ Maximum negative n

e Maximum positive n with flaps deflected

* 2/3 of maximum positive n with ailerons deflected

For the structural design of the fuselage and horizontal tail, only the first two load cases were considered.
Furthermore, it should be noted that during calculations for all load cases, not the limit load factor, but the
ultimate load factor was used. This ultimate load includes a safety factor of 1.5 over the limit load.

5.3. Fuselage Internal Layout

Using the requirements from Subsection 5.1.2, a fuselage layout was designed. The cross-sectional layout
of the fuselage is shown in Figure 5.2 and the top view of the fuselage is shown in Figure 5.3. For passenger
comfort, each seat row has a window on either side, adding up to a total of fourteen. The main entrance is
located at the back of the fuselage and three more emergency exits are present for fast disembarking.

Emergency exit Emergency exit

Baggage compartment

Figure 5.2: Cabin
cross-sectionial layout

Figure 5.3: Cabin layout top view

Due to the placement of the hydrogen tanks on the bottom side, a relatively high fuselage height was re-
quired, combined with a wide fuselage bottom. Furthermore, due to the hydrogen tank, there was no space
for luggage in the bottom of the fuselage. Therefore, a baggage compartment of 1.62 [m?®] was added be-
hind the cabin, which is loaded through the main entrance door. This way, in addition to the small bag
of 40x30x20 [cm] below the chair in front, all passengers can bring a large suitcase of 65x42x24 [cm]. The
parameters of the fuselage layout are displayed in Table 5.2 and Table 5.3.
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Table 5.2: Fuselage cross-sectional layout parameters Table 5.3: Fuselage top view layout parameters

Parameter Value [m] Parameter Value [m]
Seat width 0.41 Seat pitch 0.762
Seat height 0.95 Emergency exit width 0.51
Armrest width 0.04 Main entrance width 0.61
Aisle height 1.66 Extra seat pitch emergency exit 0.15
Aisle width 0.38 Lavatory width 0.862
Hydrogen tank width ~ 1.65 Baggage compartment length ~ 0.90
Hydrogen tank height 0.44 Nosecone length 3.0
Fuselage width 2.11 Tailcone length 5.78
Fuselage height 2.50 Fuselage length 13.24

5.4. Structural Layout

In this section the layout of the main structural components is discussed, namely the main wingbox, em-
pennage and fuselage. The design tool, used to obtain these designs, is discussed later in Section 5.5.

5.4.1. Main Wingbox

Figure 5.4 shows the cross section of the wingbox at the root. The front spar of the main wingbox is located
at 25 % of the chord length and the aft spar at 75 %. The wingbox has the same taper ratio as the wing and is
symmetric around the x and z-axes. The wingbox has a constant skin thickness, along the cross section and
the span, of 2 [mm]. For the stringer a simple L type stringer is chosen, with a height and width of 30 [mm].
The stringers are evenly spaced along the top and bottom skin and the number of stringer decrease from
the root to the tip. For the rib spacing a value of 0.8 [m] is chosen [19]. The amount of stringers decreases
linearly in five steps from 15 at the root to only 3 at the tip. Similarly the bottom stringers decrease from 8 at
the root to 4 at the tip. The stringers follow the taper of the wingbox, so that the spacing stays equal.

0.3 4
= E
E 0.2 1
]
0.1 4
| N NN
0.0 1 T Ll L T L T L Il_ T T T
0.0 0.2 0.4 0.6 0.8 1.0 1.2 1.4
x [m]

Figure 5.4: Main wing wingbox cross section at the root, with the blue cross marking the centroid of the wingbox

5.4.2. Empennage

The final design for the horizontal tail wingbox can be seen in Figure 5.5. This design has a constant skin
thickness of 2 [mm], 2 top stringers and 10 bottom stringers with a width and height of 30 [mm]. In con-
trary to the main wingbox, the horizontal tail has more stringers on the bottom side. The horizontal tail
provides negative lift for longitudinal stability, causing the most critical compression in the bottom side of
the wingbox.
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Figure 5.5: Horizontal tail wingbox cross section at the root

The final design for the vertical tail wingbox can be seen in Figure 5.6. The front spar is located at 25 %
of the chord length and the aft spar at 50 %, due the large size of the rudder. This design has a constant
skin thickness of 2 [mm], 10 top stringers and 10 bottom stringers with a width and height of 30 [mm],
decreasing linearly. The number of stringers on the top and bottom are equal due the symmetric load case
of the vertical tail.

0.15 W
— 0.10 ~
E »
=

0.05 4

O-GD ] T T T T T T

0.0 0.1 0.2 0.3 0.4 0.5
% [m]
Figure 5.6: Vertical tail wingbox cross section at the root
5.4.3. Fuselage

The final design for the fuselage has a skin thickness of 2 [mm], with 32 stringers, with a width and height of
40 [mm], equally spaced along the circumference. The frames of the fuselage have a thickness of 2 [mm], a
height of 100 [mm], and have a spacing of 800 [mm)].

5.5. Design Tool

In order to optimize the weight and performance of the structural components, an iteration tool is created.
The purpose of this tool is to iterate over the possible structural configurations and selects the lightest design
for which no failure modes occur. The design tool for the wingbox is elaborated in more detail and for the
fuselage and empennage the adaptations are discussed.

5.5.1. Assumptions

When designing the tools limited time was available, so multiple assumptions have been made to simplify
the problems. In this subsection these assumptions will be addressed as well as the errors it introduces. The
magnitude of these errors is difficult to determine since this would require a more in depth analysis of the
problem. Therefore, most of the effects are qualitatively assessed.

Main wing
¢ One of the most noticeable simplifications of the problem is the load case. For the lift of the main wing
and horizontal stabiliser a constant distributed load is assumed. The impact of this simplifications is

that the wingbox will be overdesigned. The actual lift distribution is not known during this design
phase. The realistic lift distributed will lead to a more concentrated load near the root which reduces
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the overall moment if the same lift force is applied. If a linear decreasing lift distribution was chosen,
an under designed wing box will be the result. Therefore the decision was made for the constant
distributed load. This constant distributed load however acts as point load on the center line of the
wingbox when looking at the cross section. This will neglect the torsional load introduced by the lift
loading which can be off center in reality and will therefore result in an underdesigned wingbox.

* A second assumption was to simplify the wingbox to a rectangular shaped cross section. A more
optimal wing box shape is one which follows the shape of the airfoil. Combining the aerodynamic
and structural functions of the skin. The leading edge skin is assumed to not carry any loads, but
its weight is considered in the wing weight. This assumption does lead to an overdesigned wing box
since all the loads have to be transferred through the wingbox itself. In reality the leading edge skin
could carry part of the torsional load, reducing the load carried by the wingbox. Thus, this assumption
mitigates the assumption of neglecting the torsional load caused by the lift.

* For the torsion introduced by the control surfaces, the simplification was made that these act as point
loads while in reality these are distributed over multiple hinges. This assumption will result in overde-
sign before the point of application and underdesign after. These combined do not result in a signif-
icant weight difference. The torsion caused by the drag of the control surfaces was also neglected.
This is justified due to the lower magnitude of the force and up to five times smaller moment arm,
compared to the lift.

* The wingbox model does not take cut-outs for inspection and system maintenance into account. Cut-
outs result in stress concentrations around it. Therefore, more material has to be added around the
cut-outs, than what is removed. This results in a net increase of the structural weight.

* The stringers are modelled as point areas, meaning that only the area distance of the stringers is taken
into account for the moment of inertia. This is valid because the moment of inertia of the stringers is
an order of magnitude lower than the area distance. Therefore, the influence on the sizing is negligi-
ble.

* When calculating the von Mises stress, only the stress in the spanwise direction and shear stress in the
xz-plane are taken into account. This assumption is valid, when considering the skin as thin walled.
With a skin thickness of 2 [mm] the stresses in lateral direction will be negligible.

Empennage

* The assumptions made for the main wing, also apply to empennage. In addition there are some as-
sumptions specific to the empennage.

¢ Both horizontal tail surfaces produce a reaction moment around the x-axis on the vertical tail. For the
vertical tail it is assumed that these reaction moments are equal and opposite and thus cancel out.
This is justified because a symmetric loading case is considered for the horizontal tail. This results in
two moments with equal size in opposite directions. Thus, having no effect on the sizing.

* The sweep of the vertical tail is not taken into account. Doing so would result in a slightly higher
torsional moment due to the lift force. With the low angle of sweep of the vertical, this torsion should
be a magnitude lower than the torsion caused by the rudder. Thus, having no significant effect on the
sizing.

Fuselage

* The cross section of the fuselage is modelled as circular, instead of the actual oval shape. The diam-
eter is taken to be the coverage of the width and the height of the fuselage. This underestimates the
moment of inertia around the y-axis, and overestimates the moment of inertia around the z-axis. With
the largest moment being around the y-axis, this causes a slight overdesign.

* The drag of the empennage and the aerodynamic moment of the horizontal tail are neglected. This
force and moment are a magnitude lower than the lift generated by the horizontal and torsional mo-
ment caused by the vertical tail force. This causes a slight underdesign.
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* The weight of the aircraft minus the wing is constantly distributed over the fuselage. This is not far
from the actual loading and will have no significant impact on the design.

* The floor is not considered in the load calculations, doing so would increase the moment of inertia of
the structure and thus lower the maximum stress. This causes an overdesign, because an estimate of
the floor weight is included in the total fuselage weight.

5.5.2. Wingbox Loading
One of the critical structural components in an aircraft is the wingbox, which absorbs and transfers the loads
experienced by the wing to the fuselage. A free body diagram (FBD) is created to show the forces acting on
the wing and the resulting reactions moments at the wing root. Figure 5.7 shows the forces in z-direction
acting on the wingbox. Lying is the lift distribution over the wing, taken to be constantly distributed. Wying
is the weight distribution of the wing, also taken to be constantly distributed. Wengine is the weight of the
engine, with a distance y, to the root. The weight of the other subsystems in the wing is also taken into
account, Wg; is the weight of the system and y;; is the distance to the root. R, and M, are respectively the
reaction force in z-direction and the reaction moment at the root.
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Figure 5.7: Free body diagram of the wingbox span in the yz-plane

Figure 5.8 shows the cross section of the wingbox, with the forces and torsional moment acting on it. Tengine
is the thrust force of the engine, with distances ex and z, from the centre of the wingbox. Fyq is the force
created by the high-lift devices, acting a distance of x4 from the centre of the wingbox. Similarly for the
aileron, which is not show in the FBD.
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Figure 5.8: Free body diagram of the wingbox cross section in the xz-plane



5.5. Design Tool 20

5.5.3. Empennage Loading

The empennage wingbox design mainly follows the same design approach as that of the main wingbox. The
only difference is the load cases that need to be considered for the vertical and horizontal tail. Similar to
the wing, the horizontal tail also has a constant distributed lift force acting on it. Instead of torsion caused
by the high-lift devices and the aileron, the horizontal tail experiences torsion by deflection of the elevator.
Figure 5.9 shows the FBD of the horizontal tail in the xz-plane, this is similar to the FBD of the main wingbox,
with the elevator replacing the HLD and aileron forces. The FBD in the xz-plane, as shown in Figure 5.10 is
also similar to the main wing, with the main difference being the absence of the engine.
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Figure 5.10: Free body diagram of the horizontal tail
in the xz-plane

Figure 5.9: Free body diagram of the horizontal tail in the yz-plane

The vertical tail has a slight different loading case. The horizontal tail is integrated with the vertical tail, so
it also has to carry these loads to the fuselage. This means that the reaction forces of the horizontal tail also
act on the vertical tail. Figure 5.11 shows the free body diagram of the vertical tail, the vertical constantly
distributed lift Ly, the rudder force F;, and force F;, moment My, and torsion Ty, caused by the horizontal
tail.
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Figure 5.12: Free body diagram of the vertical tail in the xy-plane
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Figure 5.11: Free body diagram of the vertical tail in the yz-plane
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5.5.4. Fuselage Loading

Figure 5.13 shows the free body diagram of the fuselage in the xz-plane. It is assumed that the fuselage is
clamped at the wing, this results in reaction forces Ry and R, and moment M;, acting at the location of the
wing Xwing. The empennage forces Fx_emp and F;_emp, and moment Memp act at the end of the fuselage. The
weight of the aircraft minus the weight of the wing is taken as a constantly distributed load Wgs. The lift
produced by the fuselage is also taken as a constantly distributed load Lys.

Figure 5.14 shows the FBD of the fuselage in the yz-plane. This FBD also shows the force tail Fy emp and
the torsional moment Temp generated by the vertical tail. In addition, the resulting reaction force Ry and
torsional moment T;.
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Figure 5.13: Free body diagram of the fuselage in the xz-plane

Figure 5.14: Free body diagram of the
fuselage in the yz-plane

5.5.5. Analytical Model

In order to analyze the stresses and deformations in the structure, analytical model is created. This model
is based on the theory and equations from the Aircraft Structures for Engineering Students book by T.H.G.
Megson [20].

The first step is to calculate the geometric properties of the cross section. In order to calculate the moments
of inertia of the wingbox, the coordinates of the centroid are calculated. Equation 5.5 and Equation 5.6 are
used to calculate the x-coordinate x4 and z-coordinate z. of the centroid. In this equation, x; and z; are the
distances of element i to the centre of the wingbox. A; is the area of the stringer or skin element.

Xe = Z";‘)—xf’ (5.5) Ze= Z”jﬁ—zﬁ’ (5.6)

i=0 /M i=0 ‘M

Both the skin and the stringers contribute to the moment of inertia of the wingbox. The stringers are seen
as point areas, so only the area distance to the centroid is taken into account. For the skins higher power
terms of t are neglected.

The contribution of the skin to the area moment of inertia around the x-axis Iy, is calculated with Equa-
tion 5.7. This equation uses the thickness of the skin ty, the height of the skin hgy, the area of the skin Agy
and the z-distance to the centroid d,.

The contribution of the skin to the area moment of inertia around the z-axis I ;, is calculated with Equa-
tion 5.8. This equation uses the width of the skin wg, and the x-distance to the centroid dy.

Lok - w3
Age- d? (5.7) .= % + Age - d? (5.8)

3
tsk'hsk
x=——/—*t

12
The internal forces and moments are described using Macaulay’s step functions. This step function is given
in Equation 5.9, here x, is the activation value of the function. This makes it possible to describe the forces
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as a function of y.

[x — x;]° 0 X Xm (5.9)
X—Xm X>Xm

The internal shear force in x-direction Vy is calculated with Equation 5.10. The main contributions to this
are the thrust of the engine and the drag of the wing.
Lyi ng ]0

Vi) =Rx——— ¥+ Tengine * [y — Ye

5.10
L/D .10

The internal shear force in z-direction V, is calculated with Equation 5.11. The main contributions to this
are the lift of the wing, and the weight of the wing and the engine.

Vz(¥) = Rz + (Lwing — Wwing) - ¥ — Wengine * [y_ye]o - Wi * [)"J’s,i]o (5.11)

The internal bending moment around the x-axis can be found by integrating Equation 5.11. The resulting
integration constant equals the reaction moment at the root M.

2
Mx()/) = er +R; Y+ (Lwing - Wwing) : y? - Wengine * [y_ye]l - Ws,i * [y_ys,i]l (5.12)

The internal bending moment around the x-axis can be found by integrating Equation 5.10. The resulting
integration constant equals the reaction moment at the root M.

Lwin 2
M (y) =My, +Ry-y~ L/Dg : y? + Tengine * [y_J/e]l (5.13)
The torsional moment, T, around y-axis is calculated with Equation 5.14. The main contributions to this are
the moments generated by the high-lift devices and the aileron.

Ty(y) =Tr+ Fnia-Xnia- [y_yhld]o - Tengine *Ze [y_.Ve]O + Fait - Xail - [y_ yuil]o (5.14)

The T calculated with Equation 5.14 is then used to calculate the twist of the wingbox. In this equation A,
is the cross sectional area, G is the shear modulus of the material and Ly, is the total length of the skins in
the cross section.

T 1

=— —ds (5.15)
4-A%n -G JL,, Lsk

The displacement of the wing is calculated with the moment curvature relationship. The deflection in x-
direction vy is found by integrating Equation 5.16 twice and the same for the deflection in z-direction v, with
Equation 5.17. These equations use the respective M and I, and the elastic modulus of the material, E. The
integration constants resulting from the integration drop out, when considering the boundary condition of
no deflection at the root.

d’vy, 1 d*v, 1

a7 = R M (5.16) 57 = T EL M (5.17)
The stresses caused by the bending moments acting on the wingbox, oy and o, are calculated with Equa-
tion 5.18 and Equation 5.19 respectively. Where x and z are the distances to the centroid of the cross section.
Both stresses act in the y-direction and can be added up to obtain the stress in y-direction ogvyy.

M,-z M, -x
S (5.18) 0,= —=

Ixx IZZ

Ox (5.19)

The shear stresses caused by the shear forces acting on the wingbox, 74 and 7, are calculated with Equa-
tion 5.20 and Equation 5.21 respectively. It is assumed that the shear forces act through the shear centre of
the cross section. In this case the shear centre coincides with the centre of the cross section, because of the
symmetry around the x and z-axis. Here x and z are the distances to the shear center and are integrated over
a skin distances.
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V. V.
‘rx:——xftxds (5.20) rz=——zfzds (5.21)
IZ.Z N Ixx N

Figure 5.15 shows the two distances, s; and sy, over which is integrated. Due to symmetry of the cross
section, the resulting equations for these distances can also be used for the other sides.

$2

Figure 5.15: Shear flow due to a shear force in z-direction

Besides the shear stress due to shear forces, there is also shear stress due to torsion around the shear centre.
This shear stress is calculated with Equation 5.22. Where T is the torsion calculated with Equation 5.14, t the
skin thickness and Ay, the cross sectional area. To obtain the total shear stress in the xz-plane 7y, all shear
stresses are added together as shown in Equation 5.23.

T
TT:—Z-tsk~Am (5.22) Tyz=Txz+TZz+TT (5.23)

5.5.6. Failure Modes

There are multiple ways in which the wingbox can fail, either the material can fail or the structure as a whole.
For the material the yield stress oy is considered, this is the stress at which deformation of the material is
irreversible. Therefore, the maximum stress in the wingbox may not exceed the yield stress of the material.
The maximum stress is calculated using the von Mises theory of elastic failure. The simplified equation for
the von Mises stress oy, is given in Equation 5.24. This equation only takes into account the bending stress
in y-direction oyy and the shear stress in the xz-plane 7y,.

Ovm=1/0%y+37%, (5.24)

For the failure of the structure, three failure modes are considered: buckling of the skin, crippling of the
stiffeners and crippling of the top and bottom panels. The first failure mode, buckling of the skin, is caused
by shear stress. The shear stress at which buckling will occur is estimated with Equation 5.25 [21]. In this
equation Kj is the shear buckling coefficient of the skin, b the width of the skin section, and E the elastic
modulus of the material.

t
Ter =K+ E- (1—9)2 (5.25)

From Niu [460, Fig. 11.3.5][21] an estimate of Ks can be found, depending on the aspect ratio of the panel
a/b and the edge conditions. In reality the edge conditions are in between those of hinged and clamped
conditions. However, it is assumed that the connections with the ribs and the stringers are in hinged condi-
tions, as this is the most critical case. This results in panel layout 3. Assuming that the rib spacing is much
larger than the stringer spacing, results in an a/b oflarger than 5 . This results in the most critical condition
with a K of 5.

The second structural failure mode, crippling, is caused by the compression stress. Crippling can occur
in both the skin and the stringers. However, the stress is divided over both the stringers and the skin. If
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crippling in the skin occurs earlier, the stress is transferred to the stringers instead of crippling. Therefore,
the combined crippling stress of the stringers and the skin is considered, the crippling stress of the panel.
This is calculated with Equation 5.26, where the individual crippling stresses of the components o; are
weighted with their area A; and summed. (0 ¢c)panel is then found by dividing by the sum of all the areas. This

and the following equations are obtained from course AE2135-1I "Structural Analysis and Design". !

Zo‘i . A
(O ce) panel = Zc—fq (5.26)

The crippling stress of the skin (0 ¢)skin is calculated with Equation 5.27. In this equation C is the compres-
sion buckling coefficient of the skin, b the width of the skin section, and E and p the elastic modulus and
the poisson ratio of the material.

n-E t

(—)? (5.27)

=C-—
Tee 120-v) b

From AE2135-1I lecture 7 [49, fig 12.8.3] an estimate for C can be found, depending on the aspect ratio of
the skin a/b and the edge conditions. For the skin simply supported conditions and an a/b larger than 5 are
again considered. This results in the most critical condition, with a C of 4.

The crippling stress of the stringers can be calculated in a similar way. The L shaped stringer can be seen
as two connected skin sections. The individual o, of the skins is calculated with Equation 5.27 and Equa-
tion 5.26 is then used to calculate (0 ¢c)suinger- The stringer skin does have a different C, because of the free
edge on one side. This results in a C of 0.425 for the stringer skin.

The smaller width of the stringer with respect to the skin, means that the stringers usually have a larger o ..
The stiffeners not only provide stiffness by taking part of the compression stress, they also stiffen a part of
the attached skin. This skin section has the o, of the stringer instead of that of the skin. The width of the
skin that is effected we is calculated with Equation 5.28. In this equation C is the compression buckling
coefficient of the skin, (o¢)stif the crippling stress of the skin, tg the skin thickness, and E and u the elastic
modulus and the poisson ratio of the skin material.

— Lsk C-m? E
w, = k. - (5.28)
2 12(1 —v=) (Ucc)stif

The skin area that is effected by the stiffener, 2w, * tg, is then subtracted from the skin area and added
to the stiffener area. With these new areas, (0¢c)skin @and (0 ¢c)stringers (T cc)panel is calculated with Equa-
tion 5.26.

In addition to these failure modes there are also restrictions set to the displacement and twist of the wing tip.
The maximum allowed deflections follow from the requirements, 0.5 [m] downwards and 1 [m] upwards.
No requirement was set for twist, for now the maximum allowed twist at the tip is limited to 1 [°]. In a
later design stage the effect of this twist on the aerodynamic performance of the wing should be further
investigated, and the allowable twist might need to be adjusted.

5.5.7. Fuselage Model

The fuselage design mainly follows the same design approach as that for the wingbox. However, the loading
case is different and a different cross section needs to be considered. The fuselage will be modeled as a
circular cross section with L stringers evenly distributed over the skin. The critical loading case is identified,
and based on this, the fuselage is sized with a constant cross section over the length of the fuselage. This
ensures that the entire fuselage can handle the loads, but will result in a heavier structure.

The equations used in the fuselage tool are almost the same as those for the wingbox in Subsection 5.5.5.
An exception to this is the calculation of the area moment of inertia of the skin. For this the equation for a

1Obtained from course AE2135-1I Structural Analysis and Design, lecture 7
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thin walled circular cross section is used as shown in Equation 5.29.

T-t-d3
8

I = (5.29)
The fuselage tool computes the weight for the fuselage with a constant cross sections. So this does not take
into account the presence of: windows, doors and the cabin floor. To account these parts in the estimation,
a semi-empirical method described by Torenbeek is used [22]. The doors and windows are accounted for
by subtracting the weight of the material of the cut-out and adding the weight of the reinforcement and the
weight of the filling. For small openings it can be assumed that the reinforcing material equals the removed
material [22]. The windows are made out of plexiglass, with a density of 1180 [kg/m?]. A thickness of 1 [cm]
is assumed, which should be an overestimation because the cabin is not pressurized. With a size of 20 by
30 [cm] an area of 0.06 [m?] is calculated, resulting in a weight of 0.7 [kg] per window. For the doors an
estimation by Torenbeek is used for unpressurized aircraft, as shown in Equation 5.30. With a door width
of 0.8 [m] and a height of 1.5 [m] the area of the door A is calculated to be 1.2 [m?]. This results in a mass
per door my of 18 [kg]. For the weight of the cabin floor an estimation by Torenbeek for passenger aircraft is
taken, namely 5 [kg/my].

mg =14.9\/ Ay (5.30)

5.5.8. Iteration tool

The main objective of the structural design is to obtain the lightest design that can carry all the loads without
any failure modes occurring. In order to obtain this optimal design, an iteration tool is created. This tool
generates different designs by varying the skin thickness, number of stringers and stringer size. For every
design it analyses if any failure mode occurs and the weight is calculated. The lightest successful design
is then selected. The tool can also be used to find the most optimal material for a certain component. By
iterating over different materials, the lightest design combination is selected.

The design obtained with this tool is the most optimal with the assumptions stated in Subsection 5.5.1
and the simplified layout. This tool is thus used to give a preliminary weight estimation of the structural
components and to quantify the effect of design decisions on the operational empty weight of the aircraft.
In the detailed design phase a better optimized layout can be obtained by varying the skin thickness over
the cross section or a more complex stringer distribution.

5.6. Landing Gear

The landing gear placement plays an important role in the ground stability of the aircraft. Multiple require-
ments dictate the placement of the landing gear and are described in this section. A tri-strut with a single
nose wheel was chosen as configuration due to the visibility advantage during ground operations, the added
stability during braking and the prevention of ground-looping [23]. The longitudinal positions, with the
nose of the aircraft as datum, were designed to be 1.5 and 6.5 [m] for the nose and main gear respectively.
The lateral separation of the main landing gear was selected to be 1.19 [m].

The longitudinal placement is dictated by three criteria namely: the tip back angle, scrape angle and the
nose wheel loading for adequate steering capacity. The tip back angle should be greater than the scrape
angle to ensure stability. The tip back angle was determined to be 18 [deg] and the scrape angle 15 [deg] to
ensure enough clearance between the tail and the runway during take-off (see Figure 5.17 for visual repre-
sentation). For the nose wheel, a minimum loading of 8% of the total weight is required [24]. This combined
with c.g. location which will be later discussed in Subsection 7.2.2 resulted in the longitudinal placement
described at the beginning of this subsection. The longitudinal positioning of the nose landing gear is se-
lected to be 1.5 [m] from the nose of the aircraft to be able to fit the landing gear in the fuselage when
retracted.
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Figure 5.16: Visual representation of the tip over angle
J P P & Figure 5.17: Visual representation of tip back and scrape angle

The lateral placement is also determined by three criteria namely: tip over angle, tip clearance and prop
clearance. The tip over angle is arequirement to prevent tipping over under asymmetric loading or sidewinds.
The tip over angle is determined to be 55 [deg] 2 and is visualised in Figure 5.16. The tip and prop clearance
criteria maintain clearance to the runway if a landing with crosswind is not performed correctly. These an-
gles are both taken as 8 [deg] and are measured from the outer landing gear to the tip or prop. For the engine
clearance, another 6 inches is added [24]. Due to the high wing configuration, the tip over criteria was found
to be limiting, even with tip mounted engines.

5.7. Material Selection

Material selection is an import step in the design phase. To make this selection multiple materials which
are common in aerospace design were chosen to be analysed. These are aluminium, titanium, GLARE and
composite fibre reinforced polymers (CFRP). Since sustainability is the driving factor of the HyOPPER, this
is a key factor for the materials. At least 90% of the materials used have to be recyclable. Moreover, the
used materials have to be as sustainable as possible. These two criteria were investigated by analyzing the
production energy as well as the recycling energy costs, which are used in the recyclability indicator as
discussed in Subsection 5.7.1. From the material selection it was clear that an overall recyclability of 98 % is
achieved for the main structural components of the aircraft.

5.7.1. Material sustainability

For the four considered materials the sustainability has been investigated by using the recyclability indica-
tor presented in Section 3.1. This indicator uses several properties such as embodied energy for primary
production and recycling, as well as the percentage of material that is already recycled. The recyclability
percentage is also a key factor in the indicator. The results for the different materials are shown in Table 5.4.
It should be noted that the recyclability indicator does not include the weight of the different components
yet which is the explanation for the unit [MJ/kg]. This indicator is used in Subsection 5.7.3 where a material
is selected for different parts of the aircraft.

Table 5.4: Recyclability indicator and raw material costs for the four considered materials [14]

Embodied Embodied

energy, energy Recyclability Recycled Recyclability Normalized Cost

primary ) percentage percentage indicator indicator

production f;dcﬂckhl]lg (%] (%] [MJ/kg] -] [USD/kg]

[MJ /kg] i
Aluminium 220 30 100 45 18.3 1 2.7
Titanium 720 96 100 24 76.0 4.15 63
GLARE 300 43 85 38 54.8 2.99 20.25
CFRP 500 500 0 0 500 27.3 44

CFRP is not recyclable with current technology. This would limit the use of this material in order to still
meet the 90% recyclability of the entire aircraft, especially considering the fact that the hydrogen tank is

20btained from course AE1222-11, lecture 7
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also made of carbon material. From literature it was found that the use of CFRP provides a 20% percent
weight saving over conventional aircraft [25]. It was decided that these weight savings do not outweigh the
huge increase in the recyclability indicator. Therefore the decision was made to discard CFRP as potential
material for the structural design. Aluminium, titanium and GLARE however do show promising results in
terms of recyclability and costs and therefore were analysed in more detail.

5.7.2. Material properties

Beside the sustainability of the materials, the properties have been analysed to design for specific load cases
and applications. This section will first elaborate on the strengths and weaknesses of the main chosen mate-
rial groups: aluminium alloys, titanium alloys and GLARE. Secondly, the properties of different aluminium
alloy series will be discussed to achieve a more optimal design. Four different alloy series were investigated:
2000, 6000, 7000 and the aluminium- lithium (Al-Li) series.

Remarks on material types

Aluminium overall has properties that perform well in many areas. Thermo-mechanical processing allows
for a high level of property control which ensures further optimisation of the material. The biggest down-
side of aluminium is that it has poor corrosion resistance. It is especially susceptible to stress corrosion.
Furthermore, it is hard to weld without non-fusion techniques.[26]

Titanium has two main advantages over other metals. Firstly, it has the highest weight-to-strength ratio
of any metal. This allows for lighter and smaller structures. Secondly, titanium makes an oxide film that
prevents from oxidizing mineral acids, chemicals, water and salt solutions. This makes it really corrosion
resistant, it can withstand long periods of exposure to salt water in marine atmospheres, which is useful in
island regions. On the other side, the costs of titanium are more than competitor metals due to extraction
and melting complexities. [27]

GLARE has two main advantageous properties over other materials. The tensile strength is significantly
higher then the common 1.5 times the yield stress [28]. This is due to the added fibres. Secondly, GLARE has
a high damage tolerance and impact resistance. This is mainly because of slow fatigue crack growth due to
the glass fibres. The main downsides of GLARE are the high material costs, it is 5-10 times more expensive
per kilogram than conventional aluminium alloys, and the low buckling resistance which limits the use in
compression loaded structures [26][28].

Specific aluminium alloy series:

The Al-2000 series is an alloy with copper and once was the most common aerospace alloy. The 2000 se-
ries is susceptible to stress corrosion cracking and therefore is later replaced mainly by the Al-7000 series.
(29]

The Al-6000 series is alloyed with magnesium and silicon. This series has a good formability and weldability
but does not provide the same strength as the 2000 and 7000 series. It does however have good damage
tolerance properties and corrosion resistance. [29]

The Al-7000 series is alloyed with zinc and can be hardened with thermo-mechanical processing to the
highest strengths of any aluminium alloy. This series provides good machinability and high thoughness as
well [29].

The Al-Li series is alloyed with lithium and is increasingly popular in aicraft design [29]. This alloy provides
8-15% higher specific stiffness than conventional aluminium alloys. The added lithium reduces the density
and increases the elastic modulus. The Al-Li series provides good fatigue and cryogenic properties and has
excellent corrosion and stress corrosion resistance which is especially helpful in humid and salty environ-
ments like island regions. However, the disadvantages compared to conventional aluminium alloys are the
higher material cost, more complex recyclability and multi-stage thermo-mechanical treatments.

For the selection of material, a literature study was performed to analyze the different materials used in
modern aircraft [27][29][30]. Multiple materials from different series were analysed and further investigated.
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The properties of these materials are displayed in Table 5.5° .

Table 5.5: Material properties of the considered materials [31].

Yield strength [MPa] Young’s modulus [GPa] Density [g/ cm?]

Al-2000 (2024-T361) 462 73.1 2.78
Al-6000 (6061-T914) 455 69 2.70
Al-7000 (7050-T74) 386 71 2.83
Al-7000 (7055-T77511) 614 75 2.86
AL-Li (2055-T8) 538 76.5 2.71
AL-Li (2099-T83) 525 78 2.63
Titanium (Ti-5A1-5Mo-5V-3Cr) 1055 110 4.64
GLARE (3-4/3-0.4) 284 58.1 2.50

The combination of Table 5.4 and Table 5.5 show that, in terms of recyclability and cost, aluminium outscores
the other materials. This can be seen from the properties of all the aluminium alloys. This is an important
finding for the material selection, which will be discussed in Subsection 5.7.3.

5.7.3. Material selection for aircraft parts

In this subsection the materials selected for the different aircraft parts are presented. The selection is based
on the following criteria: weight, recyclability indicator, recyclability percentage and cost. Table 5.6 gives
an overview of the different aircraft components and their respective weight, recyclability indicator value,
recyclability percentage and cost. The selected aircraft parts are the main wing, empennage, fuselage and
landing gear. It should be noted that the costs presented in Table 5.6 are the costs for the raw materials.
It is expected that the added manufacturing cost for aluminium processing is smaller compared to that of
titanium and GLARE due to the ease in machinability [32].

Table 5.6: Material selection per structural component.

Material Weight Recyclability  Recyclability Cost
(kg] indicator [G]] percentage [%] [USD]
Main wing
Wing skin Al-Li2099-T83 470 8.6 100 1270
Wingbox upper stringers Al-7055-T77511 140 2.6 100 380
Wingbox lower stringers Al-Li2099-T83 115 2.1 100 310
Leading edge wing GLARE 68 3.7 85 1380
Empennage
Skin Al-1i2099-T83 95 1.7 100 260
Horizontal upper stringers  Al-7055-T77511 30 0.6 100 80
Horizontal lower stringers ~ Al-Li 2099-T83 7 0.1 100 20
Vertical stringers Al-7055-T77511 42 0.8 100 110
Leading edge GLARE 15 0.8 85 310
Fuselage
Fuselage top skin GLARE 235 12.9 85 4760
Fuselage bottom skin Al-6061-T914 263 4.8 100 710
Fuselage stringers Al-Li2099-T83 425 7.8 100 1150
. Ti-5Al-5Mo-

Landing gear 5V-3Cr 135 10.3 100 8600
Total 2040 57 98 19340

SURL: http://www.matweb. com/ [Accessed on: 6-11-2021]
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Wing materials

For the wing materials the distinction is made between the wing skin, wing leading edge and wingbox. The
wingbox is further divided in the top and bottom stringers and the wingbox skin.

For the selection of the materials used in the wingbox, the tool described in Section 5.5 was used to optimize
the weight and material used for the stringers and the wingbox skin. From literature study it was clear that
most conventional aircraft use different materials for the upper and lower stringers, due to the difference in
compression and tension loading. Therefore, it was decided to use two vastly different aluminium alloys to
see the effect of different parameters. From Table 5.5, it can be seen that the materials Al-7055-T77511 and
Al-Li 2099-T83 differ a lot in terms of yield strength, Young’s modulus and density. Other aluminum alloys
were not considered due to the favourable characteristics of these alloys. It must also be noted that GLARE
is not considered due to the compression loading and titanium is discarded due to the high costs. From
the tool it was clear that Al-7055-T77511 is optimal for the top stringers and Al-Li 2099-T83 for the skin and
bottom stringers of the wingbox. For the top stringers the increase in yield stress outweighed the increased
density of the material, resulting in Al-7055-T77511. For the skin and the bottom stringers this is not the
case and the lighter material is optimal, resulting in Al-Li 2099-T83.

For the leading edges of the empennage and main wing it was decided to use GLARE due to its favourable
impact resistance property. The weight is also calculated by the tool mentioned above. The total recy-
clability of the aircraft will become lower when GLARE is used, however the 90% recyclability will not be
compromised with the current selected materials.

For the skin of the wing the same material will be used as that for the wingbox, namely Al-Li 2099-T83. High
impact resistance for the wing skin is not needed, since it expected that the high wing configuration reduces
the possibility of impacts from debris on the runway during take-off and landing. Recommendations will be
made to further analyse the possible weight decrease if other materials were chosen for the outer wing skin.
The used tool was not designed for the complex shape of the outer wing, therefore no complete analysis of
weight savings could be performed.

Empenage materials

The material selection procedure of the empennage was performed in the same manner as that of the main
wing. The same distinction in structural components was made and the results are presented in Table 5.6.
The vertical stabiliser does not use different materials for the stringers since it is designed for equal side
loading. GLARE is again used for the leading edges due to its favourable impact resistance.

Fuselage materials

The selected materials for the fuselage are shown Table 5.6, where the distinction was made the top and
bottom side for the stringers and skin. The same two aluminium alloys, Al-7055-T77511 and Al-Li 2099-T83,
were considered as well as GLARE and Al-6061-T914.

For the top of the fuselage GLARE is chosen as structural material. Since this component is mainly loaded
in tension, the use of GLARE was a possibility. Using the tool this resulted in a weight reduction. The overall
recyclability percentage will be lower if GLARE is used. However, GLARE is only used for the fuselage top
part and leading edges of wing and stabilizers. Therefore, the overall recyclability percentage of 90% will not
be compromised.

The lower part of the fuselage is loaded in compression, which eliminates the possibility to use GLARE.
Furthermore, the lower side of the fuselage experiences small impacts of for example small rocks that are
present on the runway during take-off and landing. Moreover, the fuselage bottom gets in contact with
splashing water and salt. Therefore, strength is not the only parameter to be considered. The Al-6000 series
does have good damage tolerance properties and corrosion resistance compared to other aluminium alloys.
It remains resistant to corrosion even when the surface is abraded. For this reason in combination with the
strength properties, the alloy Al-6061-T914 is chosen for the lower side of the fuselage.

The material selection for the stringers in the fuselage was also based on weight savings and resulted in
the seleciton of material Al-Li 2099-T83 for the top and bottom side stringers based on the outcome of the
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tool.
Landing gear:

When choosing a material for the landing gear, multiple criteria have an impact on the selection. Corrosion
is a big factor due to it being subjective to a rough environment when landing. The available volume for
retractable landing gear is limited which results in the need for a compact design. The selected material
is therefore the titanium alloy Ti-5A1-5Mo-5V-3Cr, which is conventional in modern aircraft. This alloy has
been chosen because it has more hardenability and ultimate strength compared to its competitors Ti-10V-
2Fe-3Al alloy and Ti-5A1-5V-5Mo1Cr-1Fe alloy [27]. Ti-5Al-5Mo-5V-3Cr fulfills the requirements of having a
high yield stress, which is required for a compact design. Furthermore, the corrosion resistance of Ti-5Al-
5Mo-5V-3Cr lowers the need for landing gear maintenance. The weight of the landing gear is estimated with
the use of a class 2 weight estimation, since no tools were designed for these loads.

This weight computed is the total system weight and not only the structural components. Therefore, the
ratio between the structural part and total weight, obtained from literature, of 0.36 is used to identify the
amount of structural material that is used in the landing gear [33].

5.8. Recommendations

This design phase focused on the preliminary sizing of the main structural components. For this a tool was
created to quickly obtain a new design based on new inputs from the other subsystems. This way, it was
possible to quantify the effect of design on the structural weight. The first step in the next design phase,
is to perform a detailed stress analysis. By analyzing the stress distribution over the span of the wing, is is
possible to further optimize the design. This can be done by obtaining a close to constant stress distribution
over the skins. This way, overdesigned parts of the structure can be downsized, by either removing stringers
or reducing the skin thickness. It is also beneficial for efficiency of the design, that all failure modes are close
to occurring at the ultimate load. For the current design buckling and crippling happened before the other
failure modes, making the design less efficient. In the next design phase, the structure has to be optimized
for all failure modes.

For now only a static load cases were considered, it is thus recommended to also perform a dynamic one.
Flutter, the dynamic instability of the wing, can cause failure of the wing system. Flutter occurs at certain
velocities and can be excited by a high angle of attack of the ailerons [20]. Flutter conditions are highly
dependent on the c.g. location of the wing. In further study, the placement of the engine and other systems
in the wing can be optimized to counteract flutter. This can be done by obtaining a cg position of the wing
in front of and as close as possible to the flexural axis. In addition to this, the effect of the wing tip placed
engines needs to be investigated. As this might also introduce an oscillating motion in wing.

Another failure mode that is not analyzed is fatigue. Both the material choice and the design of the structure
influence the fatigue performance. The fatigue behaviour was considered in the material trade-off, but the
fatigue and crack free life should be established in further design. This can be done by extensive coupon
testing of the different materials. The assembled structure should also be tested at least once, to validate
the expected fatigue behaviour. Based on the outcome of these tests a maintenance schedule should be set
up. Fatigue can cause the failure of individual components such as skins or fasteners. Thus, it is important
that failure of one of these components does not result in a failure of the entire system, giving a fail safe
design. The system must still be strong enough to function until the next inspection. The structure must be
redundant and accessible for inspections by providing inspections holes or removable panels. Since many
fuel systems are located in the wing and also need inspection, the accessibility of the wingbox is particularly
important.

The aircraft structure has been designed to withstand manoeuvre and gust loading. In the next stage of the
design it should be analyzed if the design can also withstand all other loading conditions, such as normal
and emergency landing. From this, critical loading conditions might arise for the landing gear and its forces
on the fuselage.
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Wing Design

In this chapter, the aerodynamic design of the wing, and the mobile surfaces on it, will be presented. The
general wing parameters, such as the aspect ratio, are calculated based on the design methodology of
Raymer [34] in Section 6.2. The airfoil selection is elaborated in Section 6.3, followed by the sizing of the
High Lift Devices in Section 6.4. Lastly, the sizing of the ailerons was done in Section 6.5.

6.1. Subsystem Overview
The subsystem overview shows the functions and assumptions used in the design of the wing and mobile
surfaces.

6.1.1. Functions

The wing is there to provide lift in order to keep the aircraft airborne. Furthermore, the High Lift devices
are needed for take-off and landing, in order to increase the overall lift coefficient. The ailerons are used to
manoeuvre the aircraft in roll direction.

6.1.2. Assumptions
* Panel method for airfoil characteristics: This is a simplification to determine lift characteristics of
the airfoil, since it uses points distributed over the airfoil. If the method overestimates the lift coeffi-
cient this would result in bigger high lift devices needed. However, combined with DATCOM methods
which account for statistical relations this is deemed accurate.
¢ Airfoil: Only one airfoil was considered in the wing design. Further optimization might improve air-
craft characteristics.

6.2. General Wing Parameters
In this section, the general parameters of the aircraft wing are determined. Overall, the method from Raymer
for wing geometry was used [35].

Surface area and aspect ratio

In the Midterm Report [36], it was decided that an aspect ratio of 9 would be chosen for the wing. This was
based on multiple reference aircraft like the L. 410 NG and the Beechcraft 1900D. A surface area, S, of 45 [m?3]
was also chosen, based on the wing and power loading diagrams from the Midterm Report [36]. These were
used as starting values. Later they were varied in the sensitivity analysis and iteration phase to optimize the
design. In the final design S is 43 [m?] and A is 9.302.

Wing sweep
Sweeping of an aircraft wing is usually done 0 ; ‘ ‘
to %re(.iuce lift loss due to superson.lc flow [35]. i | HlsTorncaI trend I,IEE-—'——""
This is due to the speed of the wind perpen- I
dicular to the leading edge being lower than 60 — “
s o

the actual velocity of the aircraft. In Figure 6.1,
the effect of Mach number on theoretical and
historical wing sweep is shown.

N

30
As can be seen in the figure, for a Mach of 0.3, r /\SD-arcsin(ﬂMach)
which is the speed the H,OPPER will fly at, r

both the historical trend as well as the theoret- 0 S S S S
ical ideal sweep are (almost) zero. It was there- Maximum Mach number '

fore decided that the quarter-chord would be

Leading edge sweep-degrees

Figure 6.1: Historical and theoretical wing sweep as a function of Mach
(34]
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unswept, since the Mach number of about 0.3 is low enough so that transonic effects can be ignored, and it
makes the structural design and packaging of wing components easier.

Taper ratio

Tapering of the wing is used to achieve a more elliptical lift distribution. Since the sweep also has an effect
on this, an optimal taper ratio can be found as a function of sweep. The graph shown in Figure 6.2 shows
this variation of taper ratio with quarter-chord sweep angle [35] for untwisted wings. This was valid to use
since the wing of the H,OPPER will also be untwisted.

As can be seen in the Figure, for unswept wings, a taper ratio of about 0.45-0.5 is common. For the HOPPER
a taper ratio of 0.5 was chosen, as the aerodynamic characteristics did not vary much and more volume
inside the wing box was usable.

Raymer 1977 NACA 921
1. T 18
- L
\
) i * o
o = 12—»
5 — 5 |
[ g Historical trend line
a § T /
e = 06
£ aulE
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Quarter chord sweep-degrees Design Mach number (maximum)

Figure 6.2: Historical taper ratio as function of sweep[34] Figure 6.3: Thickness to chord for different Mach numbers[34]

Thickness to chord

Thickness ratio has a big effect on multiple parameters. First of all, the drag increases with increased thick-
ness due to more flow separation. However, the maximum lift coefficient increases, as well as the stall angle.
This is due to the bigger nose radius. Furthermore, increasing thickness has a considerable effect on wing
weight, due to the larger moment of inertia, the wing can become significantly lighter. The historical trend
for thickness-to-chord ratio also demonstrates this. As can be seen in Figure 6.3, for low speed aircraft, the
thickness to chord tends to be higher. A value of 0.16 was chosen for the design Mach number of 0.3. This
is on the high side of the statistical relation in Figure 6.3, which was done to accommodate more space for
systems in the wing box.

6.3. Airfoil Selection
The NACA34016 airfoil was chosen for the wing of the HoOPPER.

With the general wing topology established, the airfoil to be used was selected. It was decided that the airfoil
would be a NACA 5-digit airfoil. This allowed for more customisation than the basic 4-digit airfoils, but
would not require the complex and time-consuming mathematics and optimization of the 6-digit airfoils.
For 5 digit NACA airfoil the following quote holds:

"The first digit, when multiplied by 3/2, yields the design lift coefficient (cl) in tenths. The next two digits,
when divided by 2, give the position of the maximum camber (p) in percentage of chord. The final two
digits again indicate the maximum thickness (t) in percentage of chord. For example, the NACA 23012 has a
maximum thickness of 12%, a design lift coefficient of 0.3, and a maximum camber located 15% back from
the leading edge." !

The thickness to chord was derived earlier. The design lift coefficient of the airfoil was determined by Equa-
tion 6.1. 2

l1URL: https://web.stanford.edu/~cantwell/AA200_Course_Material/The%20NACA%20airfoil%20series.pdf [Ac-
cessed on: 31-5-2021]
20btained from course AE2111-1I Lecture 2 [Accessed on: 20-6-2021].
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C 1.1 L (W) (6.1)
L =1. — .
%pVozO S

These desired cruise lift coefficient and thickness were converted to this NACA digits. This yields the NACA34016
airfoil.

To perform analysis on the aerodynamic characteristics of the airfoil in Xfoil, it is important to know the
Reynolds number during flight. The Reynolds operating number, Re, at cruise is found using Equation 6.2.

v
Re=P"" 6.2)

7
Where p is the air density, V is the velocity and x is the characteristic linear dimension, in this case the chord
length. This mean chord length was found from ¢ = %, where the wingspan was found from b = vV SA.

6.4. High-Lift Device Sizing

Equations used in this section and next section all originate from AE2111-II Systems Design lecture 3. 3

High lift devices are used during flight phases in which more lift is required. These are mainly take-off and
landing. Therefore, to size the high lift devices, the required value for the maximum lift coefficient is needed,
as well as the maximum lift coefficient without HLDs.

The first is used as one of the design parameters. Increasing the required Cy,, . will increase the weight and
complexity of the high lift devices, but will result in better take-off and landing characteristics, reducing for
example the maximum required power.

To determine the wing lift coefficient first the maximum lift coefficient of the NACA34016 airfoil was ob-
tained from Xfoil using panel code to be 1.89 . The maximum lift coefficient of the wing is then approxi-
mated using the DATCOM method. For this method it first needs to be established whether the wing classi-
fies as high or low aspect ratio, with Equation 6.3.

4

> (6.3)
(Cr+1)cosArg

Where Cl1 is a constant dependent on taper ratio as shown in Figure 6.4%.

TAPER RATIO, A

Figure 6.4: C1 as function of taper ratio

The wing maximum lift coefficient was then found using the semi-empirical DATCOM Equation 6.4.

ClLipa

Cr,.,=

max

C..+ACL 6.4)

me

CLmax
Clmax
from Figure 6.5. As it is a function of leading edge sweep, this sweep was found with Equation 6.5, as itis a

geometrical relation between the sweep at quarter chord and the taper ratio of the wing. ACy,__ is a term

In this equation, the ratio between the lift coefficient of the airfoil and the wing, [ ], can be obtained

30btained from course AE2111-1I Lecture 3 [Accessed on: 20-6-2021].
40Obtained from course AE2111-II Lecture 3 [Accessed on: 20-6-2021].
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to account for Mach numbers above 0.2 . However, since this is for take-off and landing, this is irrelevant to
the HyOPPER, as take-off and landing speeds are far below Mach 0.2.

tanALE:tanAc/4+[(1—/1)/A(1+7L)] (6.5)
The resulting leading edge sweep was 2.5 [°], which
is still extremely small when looking at Figure 6.5°, Note: Untwisted, constant-airfoil-section wings
resulting in the ratio of wing to airfoil maximum lift . ] ‘ [ ] | |
coefficient assumed to be 0.9 . P  M=02 | ‘\A,J
Now that the wing lift coefficient and the required 1T BE ;‘4
maximum lift coefficient are known, the required e | ~
change in lift coefficient due to the HLDs is found. “Imax 10 - A-f':
To calculate this ACmax based on high lift device _é - 20,
arameters, Equation 6.6 is used. 84— EF-—“'"
P a | S 1
6 1 1 3
Swf i
ACrmax = 0.9AC pax——=— c0S Ahinge,line (6.6) 4 t — 1
S ) 10 20 3o 40 50 60
Apg (deg)
Two parameters in this equation can be varied by
the designer, namely the flapped area fraction, S%f Figure 6.5: Wing to airfoil Cr, _as function of sweep
and ACjnax, a constant depending on the type of

HLD chosen.

The flapped area is the ratio between the wing surface area influenced by the flap and the total wing area.
This fraction can be different for leading edge and trailing edge high lift devices. In that case, Equation 6.6
is used twice, with different values for s%r and ACjpnax, and the ACpmax is found by adding the two. The
flapped area is visualised in Figure 6.6%. AC;nay is dependent on flap type chosen, as mentioned earlier.

The different values are listed in Figure 6.7 7.

High lift device

TE devices (flaps)
Plain and split 0.9
Slotted 1.3
Fowler 1.3- /e
Double slotted | 1.6-c /e
Triple slotted ‘ 1.9.- /e

LE devices

ACY,,.. when fully deployed

Fixed slot 0.2
Leading edge flap | 0.3
Kruger flap | 0.3
Slat | 04-¢/e

Figure 6.6: Flapped area

Figure 6.7: ACjp,ax for different flaps

Then, multiple flap combinations and their required flapped area were investigated. For some of the flap
types the change in lift coefficient is dependent on the ratio ¢’/ c. Which is the chord with flap deployed over
the chord. To find this, it was assumed cr is a quarter of the chord. Then, since ¢’ = ¢+ Ac:

/

c Ac
—=0.25—+1 (6.7)
c Cf

50Obtained from course AE2111-1II Lecture 3 [Accessed on: 20-6-2021].
80btained from course AE2111-11 Lecture 3 [Accessed on: 20-6-2021].
7Obtained from course AE2111-1I Lecture 3 [Accessed on: 20-6-2021].
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Where Ac/cy is taken from Figure 6.8. This Figure shows for different types of flaps, the relation between de-
flection angle and Ac/ ¢, which is how much the flap extends in comparison to the original flap cord.

d hinge - a: zhfct_ =,2
b: zhfcf = .4
: Typical optimum flap position
a: single slotted
b: double slotted, fixed vane
: Double slotted, variable geometry, with flap
extension
: Fowler - a: single slotted, double
slotted with fixed vane
b: double and triple slotted,

with flap extension

Figure 6.8: Chord extension for different flap types®

Chosen configuration

In the design of the HoOPPER, the required take-off power has a big effect on the OEW. The mass of the
propulsion group becomes significantly more when a higher maximum power is needed. Therefore, the
relatively large value of 2.8 was chosen as a maximum lift coefficient. This value was a compromise between
weight reduction in the propulsion group, while still maintaining an achievable maximum lift coefficient. A
higher maximum lift also results in a higher take-off lift coefficient, which in turn ensures a slower take-off
speed and thus a lower take-off power. From Equation 6.4 and the Xfoil analysis, a wing lift coefficient of 1.7
was found. This means the high lift devices have to add another 1.1 .

It was chosen to use Fowler flaps over a flapped area of 65% of the wing area. Taking into account a deflection
of 40 [°] in Figure 6.8, the required AC;, can be obtained. It should be noted that these are rather unusual
and complicated flaps for this aircraft type due to the many moving parts. However, a reduction of take-off
power had such an impact on the design that this configuration was preferred. The (extra) weight for this
complicated flap was taken into account in Subsection 7.2.1.

6.5. Aileron Sizing

Ailerons are used in order to control the roll of the aircraft. The required roll rate of the aircraft is determined
by the CS-23 requirements. The HoOPPER is a class-II aircraft, so it is expected to roll 45 degrees in 1.4
seconds, or 32 degrees per second, following from the CS-23 requirement. This roll rate was calculated
using Equation 6.8.

C
p=_bug (ﬂ) (6.8)

C b

p

In this equation, Clau’ is the change in rolling moment coefficient due to the aileron deflection, it is calcu-
lated with Equation 6.9. C;, is the change in rolling moment coefficient due to the rolling of the aircraft
itself, called roll damping coefficient, and is found with Equation 6.10. J is the aileron deflection angle.
For this aircraft, a deflection angle of 15°is used, as this is a typical value for this size aircraft. V and b are the
flight velocity and span, respectively. The landing speed was used in this case, as this is the lowest velocity
the aircraft will fly at and thus the limiting scenario.

Gy = 26T [ 1)y 6.9)
l&u_srefb bl ny y .

Where c;, is the lift curve slope of the airfoil, retrieved from Xfoil. c(y) is the chord length as a function of
y along the half-span of the wing. This is a geometric relation described in Equation 6.11. 7 is the aileron
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effectiveness and is dependent on the aileron chord. The value of tau can be found in Figure 6.9.
The change in the rolling moment coefficient is called the roll moment coefficient:

4(c, +¢ bi2
c, :_(S’“—fbd‘)) - Femdy (6.10)
re

In this equation ¢y, is the airfoil zero lift drag, not from the wing. The other parameters have been men-
tioned before.

1-1
c(y)= [1— b |2y|]. (6.11)

28y
a+A)b
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Control-surface-to-lifting-surface-chord ratio

Figure 6.9: Aileron effective vs chord ratio®

Chosen configuration

Using the method described above, the aileron was sized. The parameters that can be varied are b1, b2 and
7, which means the start and stop location of the aileron on the wing, and the chord of the aileron (influ-
encing 7). The ailerons are placed all the way to the end. This generates a bigger moment arm, increasing
effectiveness. Furthermore, the speed over the wing behind the propeller is also higher, further improving
the aileron control. The aileron chord was chosen to be a quarter of the aircraft chord, resulting in a 7 of
0.48 . The span starting and ending point were then 80 and 95 % of the half-wing span, respectively. This
was enough to reach a roll rate of 43 [deg/s].
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Empennage Design

In this chapter, the process of the empennage design is described. Section 7.1 shows the functions and
assumptions of the empennage design. Section 7.2 handles the longitudinal stability and control require-
ments and Section 7.3 focuses on satisfying the lateral stability and controllability requirements.

7.1. Subsystem Overview
The subsystem overview shows the functions and assumptions of the empennage design.

7.1.1. Functions

The function of the empennage is to provide stability and control in both longitudinal and lateral direc-
tions. Where the horizontal tail is responsible for stability and control in the longitudinal direction and
the vertical tail is responsible for the lateral direction. The main objective of the empennage design is to
achieve the smallest possible vertical and horizontal tail surfaces while maintaining sufficient stability and
controllability.

7.1.2. Assumptions

* Class-II weight estimation method is applicable to a hydrogen aircraft: The class-II weight estima-
tion method is developed for conventional kerosene aircraft. The weights estimated by this method
are deemed accurate enough for application to a kerosene aircraft as most systems are not changed
a lot by using hydrogen as fuel. It must be noted that fuel-specific systems, and other systems that
heavily rely on the fuel used, were not estimated through class-II estimation but rather by self-made
estimations.

¢ Aircraft flies in steady, straight flight: Basic flight mechanics formulas can be used. For overall energy
and power calculations, this is reasonably accurate for this stage of design.

* The contribution of Cy, , is neglected for vertical tail sizing: due to their relatively small contribu-
tion and difficult predictability, their contribution was neglected. This allowed for more a simplified
calculation that marginally overestimates Cyj.

7.2. Longitudinal Stability & Controllability

Empennage design has a large influence on the stability & controllability (S&C) of the aircraft. The horizon-
tal tail must be sized such that the aircraft is both longitudinally stable and controllable for each loading
configuration. Furthermore, to be longitudinally stable, the center of gravity of the entire aircraft must re-
main in front of the neutral point of the aircraft.

This section focuses on the longitudinal stability and controllability requirements, which are used for de-
signing the horizontal tailplane. Furthermore, Subsection 7.2.1 and Subsection 7.2.2 show the process of
determining the mass and c.g. estimations, which are inputted in the loading diagram of Subsection 7.2.3.
Afterwards, a scissor plot is shown in Subsection 7.2.4, which is used to size the horizontal tailplane. When
the tail is finalized, the elevators are sized in Subsection 7.2.5.

7.2.1. Class-II Weight Estimation

Whether the aircraft meets controllability and stability requirements largely depends on the aircraft’s center
of gravity range, which is influenced by the allocation and mass of all the different subsystems. Therefore,
an estimate of each subsystem’s mass must be calculated first. These masses are computed using a class-II
weight estimation for cargo/transport of Raymer. This method uses empirical formulae, such as Equa-
tion 7.1 [35, p.395-409], to compute the mass of almost all the subsystems. In the Raymer formula below;
Wy is the design gross weight, N, is the ultimate load factor, S, is the wing surface area, A is the aspect

37
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ratio, (t/c)reo; is the thickness to chord ratio at the root, A is the taper ratio, A is the wing sweep and S¢g;y
the control surface area.

Wiing = 0.0051+ (Wag - N7+ (8,)%0% - A% (2/0); 95 - 1+ 1)1 - (cosA) 710+ 8%, (7.1)
The class-II weight estimation method uses reference aircraft with conventional system configurations and
does not take into account the combination of liquid hydrogen and fuel cells. This method is therefore
not directly applicable to calculate the operating empty weight. A few changes have been made to make
the method applicable to a hydrogen aircraft: firstly, kerosene-specific systems are not used in the weight
estimation. Secondly, when a subsystem weight could not be estimated using a class-1I weight estimation
formula or a self-made estimation could already be made, the weight of the subsystem was added manually.
This was, amongst others, the case for the fuel cells, hydrogen tanks and other hydrogen-specific aircraft
weights.

Considering the results: the resulting OEW of the class-1I weight estimation is higher than reference aircraft
that have similar MTOW, as is shown in Subsection 13.2.7. This is expected due to the fact that hydrogen
aircraft carry significantly lower fuel mass than kerosene aircraft. Whereas hydrogen aircraft carry a lot of
weight due to hydrogen-specific subsystems such as the fuel cells and large radiators required to cool the
liquid hydrogen, increasing OEW compared to kerosene aircraft.

Regarding the class-II weight estimation itself; it must be noted that this method can be rather inaccurate
when looking at individual subsystem mass, especially since not all used parameters are accurately known.
However, when summing up the individual elements, the accuracy of this method is increased. This is be-
cause component mass differs a lot between different aircraft of the same class, but the total mass differs
significantly less. To avoid errors and inconsistencies, the computed subsystem weights were compared and
verified with subsystem weights of similar reference aircraft [22, p.279-280], which is documented in Chap-
ter 13. Therefore, the accuracy reached for the method applied on the entire aircraft is deemed accurate as
the first estimate. Nevertheless, when more accurate estimates of the subsystems masses were developed,
they were used to update/replace the class-II weight estimations. In all cases, it was found that the self es-
timated mass of the subsystems matched the order of magnitude of the class-II weight estimations, which
validated both the self-made estimations and the class-II weight estimation.

It must be noted that the self-made estimations were preferred over the class-1I weight estimations. How-
ever, it was not possible to design/determine the weights of each subsystem or part with the limited time
at hand. Therefore, it was not achievable to substitute all the class-II weight estimations by self-made es-
timates, which constrained the weight estimation to partially self estimated and partially class-II weight
estimation.

7.2.2. Center of Gravity Estimation

Now that the mass of each subsystem is determined, the corresponding center of gravity of each subsystem
must be found to compute the centre of gravity of the operative empty weight. The c.g. of each subsystem
is determined using preliminary design sketches that estimate and show the the allocation of each sub-
system. Using these estimates and the weights computed earlier, the c.g. of the OEW is computed using
Equation 7.2. In this equation, W; and x.g, respectively are the weight and the x coordinate of center of
gravity of part/subsystem i, which are documented in Table 16.8.

i=ns. .
z':lvvl Xeg;

i Wi

ng = (7.2)

7.2.3. Aircraft Loading Diagram

Having determined the c.g. of the aircraft at OEW for an assumed tail size and longitudinal wing position,
the aircraft loading diagram could be made. One of the design choices to achieve balance of the aircraft
is the distribution and location of systems and payload in the fuselage. This is incorporated in the air-
craft loading diagram, which shows the change in c.g. location and aircraft mass during loading opera-
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tions.

The aircraft carries 19 passengers in a three seats per row configuration, with one extra seat behind the sixth
row. Furthermore, there is a luggage compartment located at the back of the fuselage. The aircraft loading
diagram of the HoOPPER is shown in Figure 7.1. As can be seen in the diagram, the loading operation starts
by first loading the luggage in the luggage compartment, which results in the c.g. shifting backwards slightly.
The aircraft is designed according to the window-aisle rule, which is common in aircraft design to keep the
center of gravity shift to a minimum. However, this will not present the most extreme case. When only the
aft or only the front seats are filled, the c.g. moves even more. To avoid this extreme case, cabin personal
should ensure that the aircraft is boarded according the window to aisle rule.

Therefore, for the first extreme case the window seats are loaded from the front to the back, after which the
aisle seats are loaded from the front to the back as well. For the other extreme case the same procedure
is followed, but then from the back to the front. In Figure 7.1, the shift in c.g. because of the loading of
passengers is shown by the round-shaped figures, which end up in the maximum zero fuel weight (MZFW)
when fully loaded. Finally, the hydrogen is loaded into the fuel tank. This can only be done in one way,
so the operation results in a straight line to the final filling point, which is at the maximum take-off weight
(MTOW).

Loading Diagram Hopper
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Figure 7.1: Hpopper loading diagram

The output of the diagram is the maximum range of the c.g. duringloading operations, which can be used to
determine if the aircraft is stable and controllable in Subsection 7.2.4. There has been taken a margin of 2%
for the c.g. variations caused by passengers and attendants moving, since these movements are significantly
present, but do not cause large c.g. changes. The resulting c.g. range ranges from 50.49% to 64.21% as
percentage of the MAC.

7.2.4. Scissor Plot
Equations used in this section all originate from AE3211-1 Systems Engineering & Aerospace Design lecture 4
&5.1,2

With the c.g. range determined, the scissor plot of the aircraft could be made. This scissor plot determines
if the aircraft is both stable and controllable and can be used to size the horizontal tail surface.

For an aircraft to be stable, the c.g. must always stay in front of the neutral point of the aircraft. This neutral

1AE3211-I Lecture 4, URL: https://brightspace.tudelft.nl/d21/1le/content/293146/viewContent/1909573/View [Ac-
cessed on: 15-11-2021].

2AE3211-I Lecture 5, URL: https://brightspace.tudelft.nl/d21/le/content/293146/viewContent/1909574/View [Ac-
cessed on: 15-11-2021].
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point is the point through which the resultant change in lift acts when the angle of attack is changed. Using
moment equations, the most aft CG location can be calculated. To be able to size the horizontal tail, this
equation is written with S;/S on the left hand side, as shown in Equation 7.3. In this equation, Cr,, is

the change of tail lift coefficient due to a change in angle of attack, Cr,, , 1s the change of aircraft minus

tail lift coefficient due to a change of a. j—g is the change in downwash due to delta a. 1j is the moment

arm between the wing and the tail, c is the chord and % is the tail over wing airflow velocity ratio, which
equals 0.95 for fin-mounted stabilizers. Finally, X, and X, are the x coordinates of the center of gravity and
aerodynamic center respectively.

Sh_ 1 i} Xac—0.05
S - CLah (l—ﬁ) lh(ﬁ)gxc.g. CLah (l_ﬁ)l_(ﬁ)z

CLD‘A—h da v Cryp da) c \V
Equation 7.3 is the stability curve of the aircraft. It represents a S; /S curve where the c.g. range of the aircraft
must be to the left of, which is achieved by having the most aft c.g. in front of the neutral point. A stability
margin of 5% of the MAC was taken into account for the stability curve, which means that an additional 5%

margin between X.g and X, is required. Furthermore, there should always be a minimum control force for
the pilot, which would not be the case if the most aft c.g. would be directly on the stability curve.

(7.3)

o

For an aircraft to be controllable the pilot needs to be able to change the parameter Cy, by deflecting the
elevator. Again, using moment equations, the most forward c.g. location can be calculated, as shown in
Equation 7.4. As with the stability curve, this equation is also written with S;/S on the left hand side.

Sh 1 _ T, Yac
— = 5 Xeg + —— 5 (7.4)
b A

Cry, c\V Cry, c\V

To compute the stability and controllability curves, first X,;. must be computed. The aerodynamic center
of the aircraft without the tail was calculated using Equation 7.5, where the first term is the aerodynamic
center of the wing and is located at 0.25 times the MAC, the second and third terms are the contributions
by the fuselage. In this equation, b and hy are the outer fuselage width and height at the wing intersection
respectively, [, is the length from the nose to the leading edge of the wing and cg is the mean geometric
chord.

1.8 bfhflfn+0.273 brcg(b—by)
Cr sé 1+A ¢2(b+2.15by)

®A-h

tan(Ay4) (7.5)

Xac = J_Cacw -

The theoretical lift curve slope of a planar lifting surface, be it the wing or the horizontal stabilizer, can be
calculated with:

Cr o = 27‘[Ah
La = (7.6)

2+ \/4 + (%ﬁ)z (1 + _tanzﬁg\o.sc)

where A is the aspect ratio, 17 is the airfoil efficiency, Ag 5c is the sweep at the half-chord, and g is the Mach
compressibility correction, given by v'1 — M?2.

The lift curve slope of the aircraft-minus-tail is given by Equation 7.7. Where % is the ratio of wing area
outside the fuselage to the total wing area.

by\Sner 755
Cr, =Cp, (1+215-2| 2L =) 7.7
La,_, Lay, ( b ) S 573 (7.7)
The moment coefficient at the aerodynamic center, which is needed for the controllability curve, is com-

puted using Equation 7.8. The first term in this equation is the wing contribution. The second term is the
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change in zero-lift wing pitching moment due to flap deflection which follows from wind tunnel tests, this
value is taken from an empirical data set which was matched with the Hopper’s AC;,, .. and equals -0.33
3. Lastly, the third term is the contribution by the fuselage, where Cr,, , is now computed at 1.1 times
the stalling velocity. Here, Cmoa and Cp, are airfoil characteristics that are taken from XFOIL for the
NACA34016 airfoil.

irfoil

Acos®A

Cmac = CmOairfoil (m (78)

2.5bf) nbrhely Cp,

+A Cn —18][1
) flap©ac ( I 8¢ Ci,

Finally, the wing downwash gradient is calculated with Equation 7.9. In this equation Klj;fo’ is the term
that accounts for wing sweep angle which equals to 1 for zero wing sweep. Furthermore, 1 is two times
the distance between the aerodynamic center of the wing and tail divided by the wing span. Lastly, m;, is
the distance between the horizontal tail and the vortex shed plane divided by half of the wing span, which

equals 0.22 .

0.3113
de K, r 0.4876 .\ r? . m2, Cr,,
da K, | r2+mj, \/rz +0.6319 + 112, r2+0.7915+5.0734m?, 1+m2, [ | nA
(7.9)

Putting the stability and controllability curves together results in the scissor plot as shown in Figure 7.2. As
explained before, the c.g. of the aircraft has to be in between the stability and controllability curve. The c.g.
range calculated with the aircraft loading diagram in Subsection 7.2.3 was implemented in the scissor plot
to determine the minimum required tail surface. Furthermore, the c.g. range was optimized by changing
the seating, luggage compartment and fuel tank locations. Note that a safety margin is added to stability
but not to controllability, this is to account for required "control feel", which is only limiting the backwards
cg position and is therefore abundant for the controllability limit 4.

Scissor plot Hopper

—— Stability limit

Controllability limit
—-==- Safety margin
=== Hopper
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Figure 7.2: Scissor plot of the Hyopper

Using the scissor plot, the horizontal tail is sized by an iteration procedure. This iteration had the center
of gravity of the wing and surface area of the horizontal tail as inputs, and consisted of selecting a c.g. for

3AE3211-I Lecture 5, URL: https://brightspace.tudelft.nl/d21/le/content/293146/viewContent/1909574/View [Ac-
cessed on: 15-11-2021].

4AE3211-I Lecture 5, URL: https://brightspace.tudelft.nl/d21/le/content/293146/viewContent/1909574/View [Ac-
cessed on: 15-11-2021].
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the wing where the c.g. range of the aircraft could be moved as much to the bottom as possible. Then, the
inputted tail surface area was altered until the c.g. range in the graph did not coincide with one of the sta-
bility and control (S&C) graphs while keeping the S;, minimised. This process was repeated until a minimal
surface area that met the S&C requirements was reached. This led to a final horizontal tail surface area of 9.0
[m?2], where 10% contingency is included to make the surface area of the horizontal tail to wing ratio more
consistent to reference aircraft, as can be read in Subsection 13.2.11. This contingency also accounts for the
weight uncertainties of the subsystems that could not be estimated from designing operations but had to
be estimated from class-II procedures.

7.2.5. Elevator Sizing

The elevator is the only control surface used for longitudinal stability. To size the elevator, multiple things
need to be kept in mind. First, the stick force needed to control the elevator should be within an allowable
range. However, as the aircraft will be controlled by a fly-by-wire system, the stick forces can be determined
by the controller. This is therefore no issue. Next to the stick force, the elevator should be able to keep the
aircraft stable by producing a counteracting moment with respect to the lift from the wing.

For the sizing of the elevator, an assumption was used based on a ratio between loads on the horizontal
tail and the elevator. From Raymer [34, p.347], it is obtained that a typical horizontal tail loading condition
leads to an elevator carrying 40 [%] of the load with respect to the horizontal tail, but in opposite direction.
In addition, the ratio between the elevator and the tail have been determined for two reference aircraft; the
L 410 NG and the DHC-6. The ratios of these aircraft are 0.463 and 0.35 respectively [37]. These aircraft were
chosen as they have both a high-wing configuration and carry the same amount of passengers. From these
numbers, a guess can be made that the surface ratio will be around 0.4 .

By using this method, the effects on stability are not taken into account. It is recommended to use a more
detailed method of sizing of the elevator in later phases. This method should include the aerodynamic
forces and moments around the aircraft, and follow set requirements, such as minimum rotational acceler-
ation.

This method can be justified for this phase, as the elevator currently has little influence on other design
parts of the HoOPPER. Only the weight of the empennage, used to determine the structure of the aircraft,
includes a parameter based on the elevator. The weight of the elevator however is expected to change only
moderately and therefore this method can be adopted in this phase.

7.3. Lateral Stability and Controllability

The lateral stability and controllability of an aircraft is largely dependant on its vertical tail. For its sizing
there exist two critical conditions [38]. The first one being the requirement of the aircraft being able to land
in 30 knots crosswind. Secondly, the aircraft must be able to maintain straight flight at the minimum control
speed Vi;c when the critical engine becomes inoperative, without exceeding a bank angle ¢ of more than
5°as required per CS-23 regulations. In this section a first conceptual design of the vertical tail was made to
function as an initial estimate with low accuracy. Afterwards, the lateral stability was investigated in more
detail allowing for a more detailed design iteration. Finally, the three conditions were investigated, where
the tail was sized for the driving critical condition.

7.3.1. Initial Statistical Volumetric Ratio Sizing

The first step in the vertical tail design process was the rough sizing of the tail volume. This is a conceptual
design approach described by D. Ciliberti [39]. It is a purely statistical method that relies on the fact that
aircraft with similar volume coefficients also generally have comparable stability characteristics.

The non dimensional vertical tail volumes (Sgll]”) of four high wing, T-tail aircraft (EMB-120, ATR-42, ATR-

72, Q400) were plotted with respect to their wing surface area. As shown in Figure 7.3 linear trend-line was
then constructed and, in combination with the known wing surface area, was used to determine a initial
reference tail volume. This method was continuously used throughout the sensitivity analysis and iteration
procedures to function as a sanity check.
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Figure 7.3: Linear regression of vertical tail volume coefficients

Following the tail aspect ratio A, and taper ratio A, guidelines created by D.P. Raymer [34] a A, of 1.2 and a
A, of 0.8 were chosen as a first estimate.

7.3.2. Stability and Control Derivatives

This section first focuses on finding the rough sizing of the tail volume in Subsection 7.3.1. After which, the
stability and control derivatives are worked out in Subsection 7.3.2, to make a more accurate sizing possible.
In Subsection 7.3.3, the equations of motion for one engine inoperative are applied to the sizing procedure
of the vertical tail. The method discussed in the past subsections are then used to create a tool to make the
actual sizing and iteration possible, and following the sizing and iteration is executed in Subsection 7.3.4.
Finally, Section 7.4 shows recommendations for future vertical tail sizing procedures.

In order to make a more accurate estimation that corresponds to the chosen design configuration, the lat-
eral stability/control derivatives and the corresponding non dimensional equations of motion were used.
Stability derivatives are constants that describe the aircraft’s natural reaction towards external forces or mo-
ments. Control derivatives are constants that indicate how the forces on the aircraft change by changing the
respective control service deflection. Each relevant derivative and the corresponding estimation method is
further elaborated below.

Stability derivative Cy,:

This stability derivative represents the non dimensional force in the lateral direction on the vertical tail. This
force is dependant on both the aircraft natural reaction to a change in side-slip angle 8, which is defined as
Cyﬁv and on the lateral force that arises from a change in rudder deflection 8, which is defined as C Ys,- Cyy
is then calculated through:

Cy, ZCYﬁVﬁ+Cy5r5r (7.10)

The Cy;, and Cy, , are heavily dependant on the disturbances caused by the rest of the aircraft configuration.
These disturbances are generally difficult to estimate and are usually only known with relative accuracy after
wind-tunnel testing. Hence the Vertical tail Design Stability and Control (VeDSC) method from [40] and
[39] was used. This method was investigated to be suitable for regional turboprop and commuter airplanes
and is thus considered as a viable method for calculating the stability and control derivatives, however, the
sizing method is not applicable since the one engine inoperative condition is not used as a critical condition.
VeDSC provides a way to estimate these force derivatives using a combination of configuration dependant
correction factors, the isolated vertical tail lift curve slope CLaV’ the vertical tail to wing ratio %" and the
rudder effectiveness 7. C Lay could be estimated using the Helmbold-Diederich [41] formula:
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2w A
Ct,, = = (7.11)
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Where A, is the vertical tail aspect ratio, A,/ is the half cord sweep of the vertical tail, B is the compress-
ibility parameter: V1 - M2 where M is the mach number. « is the ratio of section lift-curve slope and is
assumed to be equal to 1/B [42].

The stability derivative Cy, was estimated using:

Sy
= —KpKwKuCr,, % (7.12)

C
Y S

By
Where K is the fuselage correctional factor, Ky the wing correctional factor and Ky the horizontal sta-
bilizer correctional factor. These factors could readily be obtained from figures 4.49, 4.51 and 4.53 in [40].
Note that the sign of this derivative should be negative since a positive § leads to a lateral force in negative
Y-direction.

In similar fashion the control derivative Cy;, could be estimated using:

Sy

Cys, = K5, 7CL,, (7.13)
Where Kj, is the rudder correction factor that was estimated using equation 4.18 from [40]. The rudder
effectiveness was more difficult to estimate. The Roskam estimator, used in the VeDSC method, was not
obtainable through the resources available. Hence initially the semi-empirical formula for 7 from [43] was
used as an estimate. However, results from [44] showed that the rudder effectiveness is heavily dependant
on its shape and dimensions. Where CFD and wind-tunnel tests revealed that a much higher effectiveness
could be achieved than initially estimated by the semi-empirical formula. The sign of Cy;, is positive since
a positive deflection leads to a force in positive Y direction.

Stability derivative C, 5

This stability derivative represents the non dimensional moment that acts around the vertical axis of the
aircraft caused by a change in . A positive Cy,; means that the aircraft will naturally create a counteracting
stabilizing moment for increasing moment, which is highly desirable for stability. This derivative generally
has negative contributions from the fuselage, wing and engines; and a strong positive contribution from the
vertical tail. Meaning Cp, can be described as:

Cup = Cng, + Cny, + Cng,, +Cr, (7.14)

To estimate the contributions Cnﬁf, Chy,, and Cy,  from the fuselage, propeller and wing respectively, a
semi-empirical method presented by Torenbeek [38] was used. This method was preferred over the im-
proved VeDSC method due to its relative simplicity allowing for quicker iteration later in the design phase.

For C, " the following equations Equation 7.15 and Equation 7.16 and corresponding inputs from Figure 7.4
were used:
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Figure 7.4: Fuselage geometry in relation to the yawing moment
due to sideslip [38]
The wing contribution C,, was taken to be a set value of -0.017 for all high wing configurations according
to the Torenbeek method. It was recognized that this value should most likely vary for different high wing
designs, as was accounted for in the VeDSC method. However, since the wing contribution to Cp, in total
is generally only around 10-15%, the absolute discrepancy caused by this assumption was considered to be
small enough to prefer the faster estimation method from Torenbeek.

The contribution of the propeller was estimated using:

Cn

1,D
— p
pp = 00538, ) —— (7.17)

Where [, was the longitudinal distance between the propeller and the centre of gravity of the aircraft, B,
the number of propeller blades and D, the propeller diameter.

Finally C,, was again estimated using the improved VeDSC method since the Torenbeek method for this
derivative required the still unknown values for the flow disturbance at the vertical tail again. Meaning that
Cry, is estimated by:

Iy Sy

C,. =KrKwKgyC 7.18
n FRwRuCL,, 2= ( )

Bu
Where the K-factors represent the same correction factors from the different parts of the configuration as in
Equation 7.12 again. It is essentially Cy, multiplied with the non dimensional arm: the vertical tail length
[, divided by the span b.

Control derivative Cp, :
Although this derivative was not explicitly mentioned or calculated, it was reasoned that it could be derived
in similar fashion as for Cy,, - Hence Cy; was defined as:

Iy SV
Cns, = K5,7Cr,, 7 (7.19)
Note, however, that the sign of this derivative should be negative. Since for a positive rudder deflection a
moment is created to further increase .
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7.3.3. One Engine Inoperative Equations of Motion

For a two engine aircraft the critical load case for
the vertical tail is generally the one engine inop-
erative case. The vertical tail then has to com-
pensate for the moment created by the asymmet-
ric thrust vector, as can be seen in the left sketch of
Figure 7.5.

However, to compensate for this lateral force cre-
ated by the vertical tail a bank angle ¢ needs to be
introduced so that the weight vector also gets a bal-
ancing lateral component in opposite direction as
is depicted in the right sketch of Figure 7.5.

Torenbeek presented a formula to do an initial
calculation of the required % for this critical
case:

So G +BCn)ant 1 790
S Tr(sr—(ﬁ—O'U) (Vv) Cy .

However, as mentioned earlier in this section, the disturbance factors o and % are generally very difficult
to estimate. Furthermore, that also meant that it was also not possible to verify the ¢ < 5° condition. Hence
a different approach was taken. Using the simplified equations of motion from [45], the one engine inoper-
ative case could be described in matrix form by:

C. Cy, 0 Cy, (/l; 0
0 Clﬁ Cis, 0 s 1=~ 0 (7.21)
a

0 Cnﬁ 0 Cnﬁr 6
r

Since the second row of this equation is independent of S—S”, and 4, has no influence on the other two equa-
tions in this simplified form, this row was neglected. Meaning that the only non dimensional coefficient that
has not been described yet is Cy,,. This is the non dimensional moment created by the asymmetric thrust,
that is defined as:

_ ATy,

=— (7.22)
1pV2Sb

ne

It is important to note that the magnitude of Cj,, varies inversely to the square of the airspeed V. The mini-
mal speed at which an aircraft is able to maintain straight flight with ¢ < 5° is defined as the the minimum
control speed Vj;c. To eliminate this free variable, the maximum allowed control speed of 1.2 - Vi;,;; as per
CS-23 regulations was used as a constraint.

The thrust force AT was then estimated by first calculating C;, with:

w

Cr=+——F+
1pV2S

(7.23)

This was then followed by assuming constant airspeed, meaning that the thrust equalled drag:
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Finally, to be able to derive the required %, the last row from Equation 7.21 representing the non dimen-
sional moments around n was used. Where the % was separated from its respective control/stability deriva-
tives leading to:

Sy _Cne_(cnﬁ)A_h'ﬁ

5 — - - (7.25)
KFKWKHCLM > 'ﬁ+K5rTCLaVEU o

Where (Cnﬁ) A is the summation of Cnﬁf, Cnﬁp and Crg,» which are all independent of % Furthermore,
0, was set to be the maximum rudder deflection of 30° based on reference aircraft from [38]. Finally § was
initially set to be the angle a 30 knts crosswind would cause as per CS-23 regulation.

To check whether for this calculated S—s" the bank angle would be below 5°, the first row of Equation 7.21 was

rewritten to: Cy.f+Cy. 6
+
p=——pr Tt - o (7.26)
L

If ¢ exceeded the 5° condition, due to the inverse relation with S, the side-slip could be increased to reduce
the bank angle below 5° again.

7.3.4. Design Tool

The method discussed in the previous subsections was recreated in the form of a tool, allowing for quick
iterations later in the design phase. The initial values for A, and A1, from Subsection 7.3.1 were used to
calculate first estimates.

When the possibility of wingtip-mounted engines was investigated, initially a very large surface area was
found. However, by increasing the rudder size and dimension the rudder effectiveness could be significantly
increased. Using roughly the same design as in [44], similar effectiveness of 0.8 was deemed reasonable.
Furthermore, the horizontal tail surfaces were able to be sized small enough to be fitted in front of the
large rudder at half the span of the vertical tail by also increasing the taper ratio of the vertical tail. Hereby
reducing the loads on the vertical tail and allowing for a higher aspect ratio, which in turn improved the
isolated vertical tail lift curve slope and thus reduced the vertical tail size in total. Lastly, also the fuselage
was made longer to increase the tail length [,. Ultimately the vertical tail was sized to have a S, of 9.8 [m?],
an A, of2.2and a A, of 0.5 [rad].

7.4. Recommendations

In Section 7.2, the sizing of the horizontal tail was presented. A result of the sizing was that the ratio between
the surface area of the horizontal tail over the wing is a bit lower than that of the reference aircraft. Because
of this, a 10% contingency was added to the surface area of the horizontal tail. It is recommended that all the
subsystems and parts that are not yet designed, are designed such that a self-made weight estimation can be
performed to overrule class-1I weight estimation. When all subsystems masses are self-made estimations
the 10% contingency could be decreased, as the uncertainty for the weight estimation is smaller for self-
made estimations than for class-II weight estimations.

In Section 7.3 a preliminary vertical tail design was presented based on estimated stability and control
derivatives. However, due to the high sensitivity of the derivatives, the rudder deflection on the vertical
tail size and the relatively high uncertainty of these constants, further validation of this tail design needs to
be done. A suitable approach would be simulating the design in CFD, followed by wind tunnel testing of
a scale model of the total configuration. This would allow for more accurate estimates on the control and
stability derivatives and further iteration of the shape and size of the vertical tail. Furthermore, the Dutch
roll characteristics, which depend on the ratio between Cy, and Cj, need further investigation. Although
Dutch roll might not be directly related to the safety of the aircraft, it can still cause significant discomfort
for both passengers and the pilots.
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Aerodynamic Characteristics

In this chapter the main aerodynamic characteristics of the HoOPPER aircraft will be investigated. First,
the assumptions that are made are listed inSection 8.1. Then, in Section 8.2 an estimation will be made
regarding the zero lift drag, Cp,. Furthermore, the spanwise lift distribution, otherwise known as the Oswald
efficiency factor, will be analyzed in more detail in Section 8.3. Finally, in Section 8.4 the placement of the
engines and its aerodynamic effect will be discussed in-depth.

8.1. Assumptions

* Wetted area of tail is twice its respective surface area: Allows for more design-specific results while
only slightly underestimating the wetted area by not accounting for the curvature of the wings.

e The airflow is assumed to be isentropic: The flow is assumed to be isentropic, i.e.: the entropy re-
mains constant, which means that the flow a undergoes a reversible adiabatic process. This assump-
tion is made to simplify calculations and leads to a small error in the estimation of the Reynolds num-
ber. However, the effect of this error is deemed negligible.

8.2. Zero-Lift Drag Estimation

In order to achieve a more accurate estimate for the zero-lift drag Cp,, a semi-empirical method by P. M.
Sforza was adopted [46]. This method relies on estimating the total wetted area of the design S,,, together
with an estimate of the Reynolds number Re; that was then inputted into a semi empirical formula to esti-
mate Cp,:

Sw

S (8.1)

Cp, = (0.00258 +0.00102- ¢~6:28x107°Rer | ) 0295 . g~ 201 IO’SR‘”)
The methods to estimate the wetted areas of the wing, fuselage and nacelles presented by Sforza were
deemed to be relevant enough for this design. However, as the tail wetted area was determined through
a statistical relation with the wing area, the choice was made to use a different estimate here. Instead of the
statistical relation, the vertical and horizontal tail areas were doubled and then summed together to form a
quick and design-specific estimate, which meant that Cp, could also be iterated for the tail size.

Furthermore, the statistical correlation presented by Sforza for estimating the characteristic length STW was
not used since S;, could be calculated directly from the method earlier in that paper. For the Reynolds
number, the design cruise conditions were used. Making the final calculation of the Cp, possible. However,
due to the substantial semi-empirical nature of this estimation and the high impact of Cp, on all other
system and design characteristics, a larger contingency of 20 % was used. This was iterated multiple times
before arriving at a final value of 0.251 .

8.3. Oswald Efficiency Estimation

The Oswald efficiency factor is of big influence in the amount of induced drag experienced by the aircraft.
Getting a good approximation of this factor in the preliminary design is challenging. Usually, testing or
at least CFD analysis is necessary to get a correct value. In [47], a method for preliminary estimations is
established. Since existing methods based on theories often overestimate the Oswald factor, the method
presented in this paper combines those with a statistical approach. This results in their method having
deviations from reality of under 4% for conventional aircraft that do not have dihedral or winglets. Therefore
this method is deemed accurate in the analysis of this aircraft.

First, a theoretical Oswald efficiency factor based on sweep and taper ratio is derived. This is done by first

48
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using the polynomial curve-fitted on the work of Horner [48] in Equation 8.2.

f(A) =0.05241% —0.151% +0.16591% — 0.0706 4 + 0.0119 (8.2)

However, for the taper ratio A in this formula, the sweep of the wing should be taken into account, which
is done using Equation 8.3. Since the wing of the HoOPPER does not have sweep, this formula reduces to a
constant, which it was designed to do for unswept wings. Then, the theoretical Oswald factor is found with
Equation 8.4.

1
AL =—0.357 +0.45 - 003722 8.3) Gtheo = T A AL A 8.4)

As mentioned earlier, this theoretical Oswald factor is usually overestimating the actual value. Correction
factors for the fuselage influence, Mach number and zero lift drag coefficient should be taken into account.
This is done with Equation 8.5, which is based on the work of Kroo [49].

ke,M

e= —2 (8.5)
Q+PrA

In this formula, Q is found with Equation 8.6. P = KCp,, where K is a constant 0.38. A is the aspect ratio
and kg, is the correction for Mach number, given in Equation 8.7. Since the Mach number flown at is well
below the compressibility Mach number, a value of 1 is taken here.

1 M\ MM
Q=—— (8.6) ket = “e(Mmmp - ) + L M= Meomp (8.7)
€theo * Ke,F 1, M < Mcomp

Q takes into account the theoretical Oswald factor as well as the correction for the fuselage influence k. r,
which is given by Equation 8.8:

d 2
keo,p = 1-2(%) (8.8)

8.4. Wingtip-Mounted Engines

General conventional designs use wing mounted tractor propellers. Such a configuration comes with the
added benefit of having a higher dynamic pressure on the wing behind the propeller, locally increasing its
lift [50]. However, due to this increase in dynamic pressure and swirl in the slipstream of the propeller the
lift and drag distribution over the entire wing is affected while also causing a higher viscous drag in the
propeller slipstream [51].

The use of hydrogen driven electric propellers in the H,OPPER concept allows for added design flexibility
with respect to its propulsion system and its lay-out. A wingtip-mounted propeller placement is an example
of a such a unconventional configuration.

8.4.1. Potential Benefits

The benefits of this configurations were already described in the 1960s; to increase the wing’s maximum lift
coefficient while also reducing its induced drag and increasing its spanwise lift distribution, also known as
the Oswald efficiency e [52]. These theoretical beneficial effects were achieved by attenuating the wingtip
vortex when the propellers rotated in opposite direction to that of the wingtip vortex, which in turn also
reduces the downstream swirl.

More recent studies made an effort to explore the aerodynamic effects of this configuration in more depth
(53], [54]. Sinnege et al tested smaller scale models of both the conventional and wingtip-mounted con-
figuration in a low speed wind tunnel. They confirmed the expected benefits as described in the previous
paragraph. It should be noted that these effects were most pronounced at higher power settings (Cy) and
higher lift coefficients (Cy). Where the drag reduction could reach up to ~50% for C;, = 0.9 and Cr = 0.17.
At relative low Ct and Cp, the wingtip-mounted configuration actually had a higher drag than the conven-
tional configuration. For the lowest tested C;, of 0.3, the crossover point was roughly at Cr = 0.09. While the
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tests performed by Hooker et al were also in low speed wind tunnels on somewhat larger scale models, no
comparison was presented with a conventional configuration, making it more difficult to draw conclusions
from the results. However, it remained abundantly clear that the thrust settings have a large impact on the
wing lift and drag reduction.

8.4.2. Implementation

The use of this wingtip-mounted configuration has so far been limited due to additional reversing gearbox
required for kerosene-based counter rotating propellers and insufficient control power to overcome a one-
engine inoperative condition [53]. However, the use of electric engines allow for counter rotating propellers
without the need for an additional gearbox. Together with decrease in wing mass by causing a larger bending
relief during flight, they have the potential to outweigh the disadvantage of a larger and heavier tail required
for sufficient control power.

In order to make a first estimate regarding the possible integration of wing-tip mounted propellers, the
GP-IND-06 was used. Before making an assumption regarding the potential benefits of this configurations,
an estimation was made of the additional weight that would result from this design change. Mainly the
vertical tail would get larger due to the one-engine inoperative condition where the moment arm of one
engine is significantly larger. However, by increasing the rudder size and its effectiveness the total estimated
additional weight was estimated around just 40 [kg]. Furthermore, due to the higher bending relief caused
by placing the engines at the tips resulted in a estimated total of around 24 [kg] lighter wingbox. The effect
on the x.g of this added weight at the tail was also investigated, however, the effect of this potential shift in
Xcg was negligible. Even in the case of a significant shift, the result would be a more forwardly placed wing,
meaning a increased arm to the vertical tail and ultimately decreasing the size of the vertical tail again.
Hence this did not result in any other additional weight and thus also no further 'snowball’ effects. Which
meant a initial total of just 16 [kg] of total added weight. Due to the the early design stage where not all
'snowball’ effects were clear, using the mass gain factor tool from Section 3.2, an additional heavy weight
gain factor of 3.7 was applied. Using GP-IND-01 meant that the total configuration would become less than
1% heavier. Hence a drag reduction of over 1% would have already led to a higher total efficiency . Following
the research presented in Subsection 8.4.1, it was more than reasonable to expect that such a reduction was
possible and thus the decision was made to implement this configuration and examine its effects in more
detail.

Later in the design phase, more accurate estimations could be performed regarding the extra added weight.
For the latest and final design, the wingtip-mounted engine caused an extra 22 [kg] for the vertical tail, an
extra 20 [kg] for the longer fuselage and total of 23 [kg] reduction in the wingbox. Leading to a total weight
increase of 19 [kg]. However, due to the still relative uncertainty regarding the weight of the large rudder
and any other at that time still unknown 'snowball effects’, a weight gain factor was again applied. This lead
to a total weight increase that was again below 1%.

At this stage also the potential benefits specifically for the HoOPPER concept were looked at more closely.
The C7 in cruise was calculated to be 0.20 at a corresponding C; of 0.54. If the results from Sinnege et al were
to be extrapolated directly to this design, a drag reduction of at least ~30% would be expected. However,
the results from that experiment were very specific to that tested configuration. Some important differences
are for example that those specific tests were performed for a very different propeller diameter to span ratio,
at a much lower Reynolds number, with a less efficient propeller blade and at relatively low values for Cr.
Making this test configuration more representative of smaller vehicles and the question was raised of how
applicable these results really were.

In the end, it was decided that since the weight gain was only marginal for already quite heavy safety mar-
gins and the required drag reduction for making this the more efficient design being significantly lower
than what theoretically could be expected, the wingtip-mounted engines had a high enough probability of
being more efficient in this design. Meaning, they were thus implemented in the final design. This high
expected probability was supported by the fact that the beneficial effects were also observed in the works of
Hooker, where a the tested conditions were already more representative of this design. Since efficiency is so
closely related to its energy consumption and thus to the sustainability of the design while also leading to
an increased range meant that this configuration was ultimately more desirable.
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8.4.3. Recommendations

Due to the still relative high uncertainty regarding the magnitude of drag reduction and increase in lift and
e, itis highly recommended that a low speed wind tunnel test is performed in the next phase of this design.
It can be a similar test as performed by Sinnege et al, however, the conditions and model design should
match that of the H,OPPER. Once the aerodynamic benefits are validated another design iteration should
be performed where the more accurate effects are implemented. Furthermore, the higher inertia loads due
to the wing-tip mounted engines and the aerolastic effects should investigated in more depth to examine
their effect on the wing mass.
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Required Power and Energy

During the different phases of the flight, the aircraft needs different power levels. First an overview of the
requirements and assumptions is given in Section 9.1. In Section 9.2, a method description is given for
finding the power for each flight phase. The power profile has a significant impact on the overall design, for
example on the sizing of the battery. Furthermore, the time needed for each phase was obtained, and with
this, the total needed energy and thus hydrogen was calculated. Then, in Section 9.3, the resulting budgets
are presented.

9.1. Subsystem Overview
In this section the requirements and assumptions for the power and energy of the HoOPPER are shown.

9.1.1. Requirements

HOPPER-T-F-TO-1
HOPPER-T-F-TO-4
HOPPER-T-F-CL-1
HOPPER-T-F-CL-2
HOPPER-T-F-CL-3
HOPPER-T-F-CL-4
HOPPER-T-F-CL-5
HOPPER-T-F-CR-1
HOPPER-T-F-CR-4

HOPPER-T-F-CR-5

HOPPER-T-F-AP-4
HOPPER-T-F-AP-5

9.1.2. Assumptions

The aircraft shall be able to accelerate to 61 [kts] for take-off

The aircraft shall be able to take-off and land within 750 [m]

The aircraft shall be able to climb to cruise altitude (10,000 [ft]) within 600 [s]

The aircraft shall be able to climb to 10,000 [ft]

The aircraft shall be able to climb at least 4 [m/s]

The aircraft shall be able to reach a climb gradient of 3%

The aircraft shall be able to climb with a 1.2 % gradient with 1 engine operative
The aircraft shall be able to maintain 175 [kts] during cruise

The aircraft shall have a maximum range of at least 300 [NM] with regulatory re-
serves

The aircraft shall have a range of 200 [NM] at maximum payload with regulatory
reserves

In case of missed approach the aircraft shall be able to follow a 3% climb gradient
In case of missed approach with 1 engine the aircraft shall be able to follow a 2%
climb gradient

¢ Aircraft flies in steady, symmetric, straight flight: Basic flight mechanics formulas can be used. For
overall energy and power calculations this is reasonably accurate for this stage of design.

* The wind does not influence energy consumption: Energy consumed could fluctuate a bit due to the
wind, however on average this has no significant influence.

* The lift/drag polar is constant: Simplifies calculations. The inaccuracy here is in the zero lift drag
estimation, which was done for the aircraft in cruise. Since in the other flight phases like take-off and
climb the lift coefficient is a lot higher and therefore the induced drag is dominant, this error is no

significant issue.

* The time span for startup and taxi are 15 and 7 minutes respectively: If the startup and taxi times
are significantly higher, this might cause problems for the battery energy levels. However since the
aircraft is small and operating on smaller airports the maximum times are expected to be correct.

9.2. Method Description

First the method to calculate all needed powers and times for every flight phase is described. Then, the total
needed energy and resulting hydrogen is found. Lastly, the inputs and outputs are shown, so the end results
of the described method.

52



9.2. Method Description 53

9.2.1. Power for each phase
First, the power during cruise is obtained, as the other powers are calculated in a similar way.

Cruise

During cruise, there is an optimal value of the lift coefficient (Cy) to fly at in order to achieve maximum
range. For a propeller aircraft this is the lift coefficient that results in minimum drag. This optimal value of
the lift coefficient was found using Equation 9.1:

CLmm = CDOJTAe 9.1)

In this equation, A is the aspect ratio, e is the Oswald efficiency factor and Cp, is the zero lift drag coefficient.
Then, using this lift coefficient, the flight velocity is found using Equation 9.2.

2W
Ct,,PS

9.2)

Veruise =

Where W is the aircraft weight, p is the air density and S the surface area. It has to be noted that for cer-
tain values of the aerodynamic parameters (a high aspect ratio, Oswald factor or zero lift drag, resulting
in a high optimal C;), the resulting cruise velocity will be lower than the required 175 [kts]. In that case,
a cruise speed of 175 [kts] was used and the corresponding value for C; was calculated backwards using
Equation 9.3.

2w

C; =
L pV2S

9.3)

To obtain the required power for steady flight, the drag force still had to be calculated. The drag coefficient
was found using the drag polar:

Ci
Cp=Cp, +—= 9.4
D=Cpyt 9.4)
Then, since lift has to equal weight during cruise, and P, = DV, the required power could be found us-
ing:

C
Ct

To determine the time for the cruise phase of the flight, the inputted range was divided by the flight veloc-
ity.
Climb

During climb, a number of variables can be tuned. First of all, the Rate Of Climb (ROC) is something that can
be chosen by the designer. This is the amount of meters the aircraft climbs every second. Furthermore, the
speed at which the aircraft climbs is a variable as well. By changing these, the power profile and also energy
used will vary. Having a higher climb speed and ROC will result in a higher required power. The climb speed
was chosen by looking at reference aircraft and then varying the speed to reach an optimal ratio between
power and energy needed for our system.

With a chosen climb velocity, the lift coefficient for climb can be found with Equation 9.3. The drag coef-
ficient and required power to overcome drag can then be calculated using Equation 9.4 and Equation 9.5,
respectively.

1AE2230-1 Lecture 4, URL: https://brightspace.tudelft.nl/d21/le/content/293140/Home [Accessed on: 24-06-2021].
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To calculate the climb power the engines have to deliver, Equation 9.6 was used. The second term results
from the potential energy needed to climb.

Piiimp=Pr+ROCx W (9.6)

The time to climb results from the rate of climb. It is obtained by dividing the aimed cruise altitude by the
rate of climb.

Climb One Engine Inoperative

For the HOPPER-T-F-CL-5 requirement from Subsection 9.1.1, the one engine operative climb angle y was
calculated using:

v =arctan(al/100) 9.7)

Where a is the climb rate percentage. The climb speed was calculated by:

VClimblengine =1.2-VS1 (9.8)

Where VS1 is the stall speed without flaps, resulting from CS-23. The rate of climb is then computed from
simple geometry.

Then using the Equation 9.6 the power needed during one engine inoperative climb was calculated.
Loiter

During loiter, the aircraft no longer aims to achieve maximum range. Instead, it is most efficient to fly for
maximum endurance, since the loiter time is a set parameter. Achieving maximum endurance means flying
at minimum power required. This resulted in the lift coefficient for this phase as:

CLMW = \/3CD07'[A€ 9.9

Then, the same procedure as for climb was executed, calculating flight velocity, drag and required power,
using Equation 9.2, Equation 9.4 and Equation 9.5, respectively. The time for loiter is set by CS-23 to be 45
minutes.

Descent

Descent is quite similar to climb, however, in this case the engine power will actually be lower than the
power needed to overcome drag. Therefore, Equation 9.6 could still be used with a negative rate of climb.
The speed during decent is lower then during cruise, and was chosen similarly as reference aircraft.

Take-off

The take-off is a more involved flight phase. During take-off, the maximum power of the aircraft will be
utilized. Since there are many factors involved, for example runway length, rolling resistance, air resistance,
torque limitations by the engine, it was decided to rely on statistics in determining this power instead of
calculating it. This was done using the TOP as was done in the Midterm Report.[36] A statistical relation
between take-off distance and take-off parameter is found. Then, by taking the take-off lift coefficient into
account, this TOP parameter is linked to wing and power loading.

The time for take-off power setting, was also found using statistics. It was found that take-off can be divided
in 2 phases: maximum power setting, which is maintained for 42s, followed by the climb-out, which is at
85% of maximum power for 132s. [55] These are statistical averages for all aircraft. Since the HoOPPER is
a relatively small aircraft these values are expected to be slightly overestimated. However, these numbers
were still used to rather overestimate then underestimate the duration of these phases. It should be noted
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that the aircraft has already climbed a few hundred metres during climb-out, however this is ignored in the
climb phase, so it is left as a contingency.

9.2.2. Energy and Hydrogen calculations

With the power and time for each flight phase obtained, the required hydrogen for flight could be calculated.
This power is the output power however, so to obtain the input power the output power had to be divided
by the efficiencies of the system. The efficiencies are listed in Subsection 11.4.1, and the fuel cell efficiency
is given in Subsection 10.2.2.

With the input powers obtained, the total energy was found by multiplying the time of the phase with this
power, and summing the different phases. The total hydrogen mass was then obtained by dividing the total
energy with the specific energy of hydrogen (120 MJ/kg).

9.2.3. Program Inputs and Outputs

All equations explained in previous subsections were used in a tool to calculate the power needs. The inputs
and most important outputs of the program are listed in Table 9.1. Note that the hydrogen mass and cruise
time is for a full payload flight. Furthermore it can be seen that power is reserved for a compressor and low
power systems and a startup heater, these systems are discussed in more detail in Subsection 10.4.3 and
Section 11.3 respectively.

Table 9.1: Input and output of power script

Input Value Unit Output Value Unit
Cruise speed 90 [m/s] Hydrogen 118 kgl
Climb speed 60 [m/s] Max engine input power 1570  [kW]
Descent speed 70 [m/s] Fuel cell power/cruise power 823 (kW]
Descent angle 1.5 [°] Battery power 840 [kW]
Cruise charging power 20 (kW]  Battery mass 420 kgl
Descent charging power 280 [kW] Climb power 1030  [kW]
Startup heater power 12 (kW]  Descent power (including charging) 701 (kW]
Compressor power 64 [kW]  Cruise time 1.7 [h]
Low voltage power 14 [kW]

Startup time 15 [min]

Taxi time 7 [min]

Climb time 10 [min]

Loiter time 45 [min]

S 43 [m?]

Cp, 0.0251 [-]

e 0.785 [-]

A 9.302 [-]

9.3. Power and Energy Results

9.3.1. Maximum power

In Figure 9.1, the wing and power loading diagram is shown, with the chosen design point. As can be seen
the chosen point is not completely to the right, at minimum surface area. Instead, a slightly larger wing is
chosen, which reduced the take-off power.



9.3. Power and Energy Results 56

0.40 T

—— Take-off-C L=2.8
Take-off-C L=2.5

—— Take-off-C L=2.3

----- Cruise, A = 6.302

0.30 1 —— Cruise, A = 9.302

—-—- Cruise, A = 12.302

-------- Climb rate, A = 6.302

—— Climb rate, A = 9.302

0.25

g —— Climb rate, A = 12.302
= %] Climb gradient, A = 6.302
= Climb gradient, A = 9.302
015 P, Climb gradient, A = 12.302
— Landing
0.10 o
0.05 A
0.00 T T T T T
) 500 1000 1500 2000 2500 3000
W/S [N/m~2]
Figure 9.1: Wing loading and power loading diagram
9.3.2. Hybrid

As can be seen in Table 9.1 there is a big difference in power needed during take-off and during cruise. Since
the maximum power during take-off must only be provided for a short amount of time it was chosen to
overcome this gap in cruise power and take-off power by using batteries. The big gap in power means that
the batteries are required to have a high power density. Therefore, it was chosen to make use of Lithium
metal batteries. These batteries have an energy density of up to 369 Wh/kg, a specific power of 2000 W/kg
and a cycle life of more than 1000 cycles [56]. The fuel cell is sized for cruise conditions. However, during
climb the required power is higher than during cruise. Thus the batteries will also be used during climb, to
provide the extra necessary power.

The batteries are sized to achieve max power during take-off, together with the fuel cell power, which is
sized for cruise. Therefore, to calculate the required battery mass, the cruise power was subtracted by the
take-off power to find the needed battery power. After this, the power difference was divided by the power
density of the batteries to arrive at the battery weight. Then, the energy the batteries have to provide during
take-off and climb was summed to check if the battery contained enough energy. A 10% margin was taken
here, since the batteries can not be charged to 100%. It was shown that the energy was not limiting, which
means there is excess energy available.

Before take-off two phases which consume energy have to be performed: start-up and taxiing. Since the
velocity is zero or low during these phases, the fuel cell can not lose its heat with the help of the radiator.
However, the battery weight was power limited, which means that not all energy of the batteries will be
used for take-off , climb-out and climb. This extra battery energy will be used for startup and taxiing of the
aircraft. This will mean that the fuel cell does not have to be used for these stages of the mission and thus
no large amounts of heat have to be removed.

In the end it was calculated with the help of Table 9.1 that a total of 420 [kg] of batteries is needed. With this
battery weight the battery is still limited by power. Therefore, if the assumption of taxi and startup times is
not true, the battery is still able to provide power for a taxi that is twice as long.

9.3.3. Power charts

From the equations in Section 9.2 the power needed during the different flight phases could be calculated.
It was decided to plot the power needs during the different flight phases to get a better understanding of
the performance of the aircraft. In Figure 9.2 the required power is shown. It is also displayed that power is
delivered by the battery, fuel cell or both.
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Figure 9.2: Power supply by the fuel cell and battery during different flight phases

It is also interesting to see where the delivered power is used. For this, pie charts were constructed for the
different flight phases. The pie charts for take-off, cruise and descent can be seen in Figure 9.3. During take-
off it can be seen that the largest part of the power is required for the engines. This is still the case during
cruise but now also the batteries are charged at a slow rate. It was decided to charge the batteries during
cruise to enable the use of batteries for performing manoeuvres and overall better dynamic response. Then,
during descent the batteries are charged at a high rate so that they will be fully charged at landing.

Take-off Cruise Descent
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Figure 9.3: Power distribution in percentage
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In Figure 9.3 it can be seen that power is reserved for a compressor and low power systems, these systems
are discussed in more detail in Subsection 10.4.3 and Section 11.3 respectively.

9.3.4. Energy charts

It also interesting to take a look at the energy that is needed during the different flight phases. The high
power that is used during take-off is only need for a very short time. This means that the energy that is used
during this phase is lower than in for example cruise and descent. In Figure 9.4 the total energy per flight
phase can be seen. Logically cruise and loiter take up most energy since they require power during a long
time.
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Figure 9.4: Energy distribution per flight phase for maximum payload and a range of 200 NM

Finally, it is interesting to see the charging levels of the battery during the different flight phases. Start-up
and taxi are phases which rely completely on energy from the battery. During take-off, climb-out and climb
the battery assists the fuel cell to reach the required power output. Then during cruise and descent the
batteries are charged again. In Figure 9.5 the energy in the batteries can be seen for a maximum payload
flight with a range of 200 [NM]. It is important to note that there is a limit to how fast batteries can be
charged. Tesla claims that it can charge its lithium ion batteries at a rate of 4C 2. For the lithium-metal
batteries it is assumed that a rate of 2C can be realised. If the batteries are charged at a rate of 2C, they can
be fully charged in 30 minutes 3. Therefore it was chosen, that if possible, a descent of 30 minutes is flown .
This then means that it is not necessary to charge the battery on the ground. The taxi and shutdown of the
previous flight can be performed within the same cycle as the next flight. This can also be seen in the figure,
the starting energy level is the energy at which the aircraft was shut down. However, it must still be possible

to charge the battery on the ground in case of emergencies or very short flights. This is shortly highlighted
in Chapter 14.

Battery energy during flight
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Figure 9.5: Battery energy during maximum payload flight of 200 NM

2URL: https://energsoft.com/blog/f/c-rate-of-batteries-and-fast-charging#:~:text=Tesla},2C/20the},
20electric20carj,20company , be%20around%20100%20cm}%5E3. [Accessed on: 24-06-2021]
SURL: https://www.bluesky-energy.eu/en/2020/04/24/what-is-c-rate/ [Accessed on: 28-06-2021]
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Fuel Cell

To convert the energy stored inside the hydrogen tank to usable electrical energy a fuel cell is used. First, in
Section 10.1 the functions, requirements and assumptions for the fuel cell subsystem are discussed. Then,
in Section 10.2 the Proton Exchange Membrane (PEM) fuel cell is discussed in more detail. After this, in
Section 10.3 an initial sizing for the fuel cell is given. Then, in Section 10.4 all the subsystems of the fuel
cell are discussed. After this, the system overview and wing planform are given in Section 10.5. Then, the
sustainability of the fuel cell is discussed in Section 10.6. Finally, in Section 10.7 recommendations are given
for the fuel cell when the design of the H,OPPER will be continued.

10.1. Subsystem Overview
The subsystem overview shows the functions, requirement and important assumptions of the fuel cell.

10.1.1. Functions
The function of the fuel cell is to convert the stored energy in the liquid Hydrogen to usable electric energy.
It should provide the necessary power for cruise and charge the batteries.

10.1.2. Requirements
HOPPER-T-F-CR-Pr.1 The fuel cell system shall be able to deliver a maximum of 825 [kW] of power during

flight

HOPPER-T-F-CR-Pr.2 The fuel cell hybrid system shall be able to deliver a maximum of 1590 [kW] of
power during flight.

HOPPER-C-R-NC-2 NO, emissions shall be 0 [g/kN] of thrust

10.1.3. Assumptions

* Components of fuel cell can be placed as desired: Enables to divide components over the wing in-
stead of needing one large block in the aircraft. Except for the humidifier and anode re-circulation
pump which must be placed close to the fuel cell'.

* Lithium metal batteries will be available in the coming 5 years: Used energy and power densities
are valid. If this assumption is not met, the battery mass would become larger.

* Linear mass increase fuel cell stack: The mass of purely the fuel cell stack can be extrapolated in a
linear way. This is valid since they can be put in parallel or series to reach higher powers.

10.2. Fuel Cell Types

Fuel cells exist in all shapes and sizes and therefore choosing the proper fuel cell is very important. The fuel
cell that is needed for the H»OPPER had to conform to requirements that enabled its usage in aviation. First
of all, some fuel cells have very high operating temperatures ranging up to 1000 [°C]. This can be dangerous
if it is not handled with care. Jet engines do operate at these high temperatures as they can get rid of the
heat with the exhaust flow. The mass flow out of the fuel cell is very small compared to this and thus almost
all the heat should be removed with the help of a cooling system. Therefore it is more desirable to have
lower operating temperatures for the fuel cell. Secondly, as a result of the very high operating temperatures
these fuel cells also have a very long start-up time. This is of course not desired when using a fuel cell in an
aircraft. Finally, for the design concept, the fuel cell needed to be able to run on pure hydrogen. This would
ensure the climate neutrality aspect of the aircraft.

In Table 10.1 a trade-off can be seen for different types of fuel cells. What can be observed is that both

Ipersonal communication: Matthew Dekkers - AeroDelft
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the Molten Carbonate Fuel Cell (MCFC) and the Solide Oxide Fuel cell (SOFC) have too high operating
temperatures and very long start-up times and can therefore not be used as fuel cell for the H,OPPER.
Furthermore, the Phosphoric Acid Fuel Cell (PAFC) and Direct Methanol fuel cell (DMFC) both have a low
efficiency and will therefore be eliminated as well. Finally, the Proton Exchange Membrane Fuel Cell (PEM)
and Alkaline Fuel Cell (AFC) both score similar. The biggest disadvantage of the AFC fuel cell is that it is
easily poisoned by CO,. This means that the air needs to be purified or pure oxygen needs to be used.
Furthermore, most strong fuel cell systems used in for example the automotive industry are mostly PEM
fuel cells? . Therefore, the PEMFEC fuel cell was selected as most suitable for the H,OPPER.

Table 10.1: Fuel cell type trade-off including (score) [57, p.276].

Parameter PAFC AFC PEMFC DMEFC MCEFC SOFC
Temperature 150-220 (++) 50-150 (++) 80-90 (++) 60-90 (++) 600-700 (=) 700-1000 (=)
Range [°C]

Start-up 1-4 (-) <0.1 (++) <0.1 (++) <0.1 (++) 5-10 () 1-5(-)
Time [h]
Efficiency 35-45 (-) 45-60 (+) 40-60 (+) 35-40 (-) 45-60 (+) 45-55 (+)
[%]

10.2.1. PEM Fuel Cell

The PEM fuel cell is a fuel cell in which hydrogen and oxygen react together to form an electric current,
water and heat. To increase the power output of a fuel cell, multiple cells are connected in series to form a
so-called fuel cell stack. Each individual cell consists of a cathode and an anode. Inside the PEM fuel cell,
the following half-reaction takes place at the anode [58]:

H, — 2H" +2e” (10.1)

At the cathode the following half-reaction takes place:

0, +4H"' +4e~ — 2H,0 (10.2)

This results in the following total reaction:

2H, + 0O, — 2H,0 (10.3)

The fuel cell stack itself is only a small part of the total system. In Figure 10.13 all the sub-systems that are
part of the fuel cell system can be seen. The systems all have their own functions within the total system.
The cooling system makes sure that the fuel cell stays below the maximum temperature of 80 [°C] 4. The
hydrogen subsystem makes sure that the hydrogen is taken from the tank and brought to the fuel cell stack.
An important part of the hydrogen subsystem is the anode re-circulation pump. This pump makes sure that
the hydrogen that is not used in the reaction as it travels through the fuel cell is reused and does not go to
waste. The air subsystems provide the oxygen that is needed for the reaction. The control system controls
all the flows into the fuel cell. This will make sure that the hydrogen and air are provided in the right ratios
to generate the power output that is desired. Finally, there is the safety system. This system makes sure that
the fuel cell shuts down in case of emergency. Furthermore, it includes fire extinguishers in case a fire might
break out because of the heat generated by the fuel cell. In Section 10.4 every subsystem will be explained
in more detail for the fuel cell system used in the HyOPPER aircraft.

2URL: https://www.energy.gov/eere/fuelcells/types-fuel-cells [Accessed on: 28-06-2021]
3URL:https://www.datocms-assets . com/36080/161437457-heavy-duty-system-100. pdf [Accessed on: 2-06-2021]
4URL:https://www.datocms-assets . com/36080/161437457-heavy-duty-system-100. pdf[Accessed on: 2-06-2021]
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Figure 10.1: Fuel Cell System

FC System

10.2.2. Fuel cell efficiency

The efficiency of a fuel cell is not constant, it actually varies with output power. According to PowerCellution
5, the efficiency of the fuel cell can be found by:

U

=— 10.4
1.23 ( )

Nfc

Where U is the cell voltage. To apply this to the used fuel cell, the voltage - current graph was consulted,
as shown in Figure 10.2%. During take-off, climb and cruise the fuel cell is operating at almost maximum
power, hence the voltage will be around 0.65 [V], meaning an efficiency of 0.53. During descent, the power
is lower, and so the efficiency will be higher.
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Figure 10.2: Fuel cell average cell voltage versus current

10.3. Initial Sizing

In order to obtain an estimation of the required weight and volume of the fuel cell, the current market was
analyzed. It quickly became apparent that the compact, low weight and strong fuel cell that will be needed
for the aircraft was not produced at the time of writing. The power output that will be needed as specified
in Table 9.1 can already be performed by fuel cells that currently exist. However, this is only possible with
stationary fuel cells and fuel cells on very large ships. The strongest fuel cells that are used in non-stationary
vehicles can be found in big trucks. Horizon will be releasing a compact 6 [kW/1], 370 [kW] maximum power
output fuel cell for use in trucks in the near future *. This is a big step in the right direction and shows that
even stronger lightweight and compact fuel cells will be available soon.

Furthermore, it could be concluded from the market analysis that the fuel cell weight largely consists of the

5Personal communication: Andreas Bodén - PowerCellution
SURL: https://www.datocms-assets . com/36080/1611437833-p-stack. pdf [Accessed on: 15-06-2021]
TURL: https://www.horizonfuelcell.com/mediacoverage [Accessed on: 15-06-2021]
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systems associated with the fuel cell. For example, the cooling system, hydrogen handling system, safety
system and air handling system In order to size the fuel cell needed for HoOPPER, it was decided to initially
split the system up in the fuel cell stack and all other components associated with the fuel cell. To size
the fuel cell stack itself, the strongest fuel cell stack that is currently produced was used. It is the so-called
P-Stack from PowerCellution. The fuel cell has a power density of almost 3 [kW/kg] 8. This power density
contains the fuel cell, as well as some piping for the cooling liquid and packaging, but none of the other
systems. Since, in order to output higher powers, fuel cells can simply be stacked in series or parallel, it was
decided to use the power density of 3 [kW/kg] for the H»OPPER fuel cell stack as well. The mass of the stack
then resulted from dividing the total output power by this power density.

To size the associated subsystems of the hydrogen fuel cell, the trends of fuel cell volumes and masses were
investigated. What was quickly noted, is that when doubling the fuel cell output power, the mass of the
other subsystems was not necessarily doubled. To get a better idea of the trend, products of multiple fuel
cell companies were investigated and the fuel cell powers were plotted against the system weights. The
weight, in this case, is the weight of the fuel cell minus the weight of the actual fuel cell stack, since this was
assumed to be linear. A trend line was created, which is shown in Figure 10.3. In this Figure the Fuel Cell
types from Ballard ? is shown. Other companies like Spectronik and Powercellution show similar results. As
can be seen in the Figure, a logarithmic trend line was found to be accurate. This trend line was then used
to obtain an initial weight estimation of the fuel cell.

In Section 10.5, a more detailed mass allocation will be shown.
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Figure 10.3: The weight of fuel cell minus stack of fuel cells currently in the market

10.4. Subsystems Fuel Cell

In this part of the chapter the subsystems of the fuel cell system will be discussed in more detail. First
in Subsection 10.4.1 the cooling system will be explained in more detail. After this in Subsection 10.4.2
the anode re-circulation pump is shortly discussed. Then, in Subsection 10.4.3 the air handling system is
explained. Finally in Subsection 10.4.4 the water management system is explained.

10.4.1. Cooling

Because of the fact that the fuel cell only has an efficiency of around 50 percent, the cooling subsystem is a
very important part of the fuel cell system. The low efficiency means that for a 100 kW power output also
100 kW in heat is generated. Since the fuel cell has an optimal temperature range, it should not heat up to
higher temperatures than that. For larger output fuel cell system there are two possibilities for liquid cooling

8URL: https://www.datocms-assets . com/36080/1611437833-p-stack.pdf [Accessed on: 31-5-2021]
9URL: https://www.ballard.com/fuel-cell-solutions/fuel-cell-power-products/motive-modules [Accessed on:
14-6-2021]
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systems: regular liquid cooling and phase change cooling. For the main cooling component of the fuel cell
on board the aircraft, it was chosen to make use of a liquid cooling system.

Currently, the liquid cooling system is the most used cooling technique for PEM fuel cell stacks that have
a higher power output than 80 kW. Phase change cooling does have some advantages over liquid cooling.
It makes use of the latent heat of a coolant instead of the sensible heat. For comparison, the latent heat
of water is over 500 times larger than the sensible heat of water if its temperature is increased by 1 [K].
However, phase change cooling has not been used widely yet and therefore was not chosen to be used [59].
It will however be part of the humidifier process as explained in Subsection 10.4.3.

Since the fuel cells generate a lot of heat it is important that cooling is done from the inside. Cooling from
the outside will not be able to remove enough heat from the cells. The cooling channels through which the
coolant flows are therefore integrated in the fuel cells. In Figure 10.4, a cross section of a single cell is shown
and it can be seen that the channels are situated between the cathode and anode channels.

For the cooling liquid often a 50/50 mixture of wa-
ter with ethylene glycol is used. The ethylene gly- Anode Chanﬂﬂ'\
col makes sure that the freezing point of the mix-

ture drops below 237 [K] 1° and therefore also allows
using the fuel cell and its cooling systems in lower
temperatures. The coolant is used to keep the fuel
cell at the optimal operating temperature of 60 to 80

Coolant Channel

Cathode Channel
degrees Celsius. To uniformly cool the fuel cell the PRERIEE _\ A
temperature difference of the coolant at the fuel cell [~
inlet and outlet may not be too big. OOl —— 1 A

mea—-_|

First it was necessary to calculate how much heat I 1
needs to be removed by the cooling system. In Sub-
section 10.2.2 it can be found that the lowest fuel
cell efficiency that will be encountered during flight is 53%. This means that 47% is generated as heat. In
Figure 10.5 it can be seen that 80% of the heat needs to be removed by the cooling system, 20% will happen
due to natural convection, extra reactant and internal water evaporation. This means that a total of 282 kW
of heat from the fuel cell needs to be removed by the cooling system. Similarly, the engine has an efficiency
0of 93%. In this case the entire other 7% is assumed to be heat that needs to be removed by the cooling sys-
tem. In Table 10.2, a total heat overview can be found. Furthermore, it is shown how much heat is removed
by the sub-parts of the cooling system.

Figure 10.4: Cell with coolant channels [59, p.7]

7

\'.

Figure 10.5: How much cooling needs to be removed by the cooling system [60, p.2]

Table 10.2: Heat generation and removal systems per wing

Component Heat generated kW] Component Heat absorbed [kW]

Fuel cell 365 Liquid hydrogen 34

10URL: https://www.engineeringtoolbox.com/ethylene-glycol-d_146.html [Accessed on: 4-5-2021]
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Engine 55 Natural convection, extra reactant 73
and internal water evaporation
Humidifier 31
Radiator 282

Total 420 420

Cooling with Cryogenic Hydrogen

The hydrogen that is used as fuel will be stored at 20 [K]. The hydrogen that enters the fuel cell should have a
temperature of around 333 [K] !!. By using the hydrogen to cool down the fuel cell and therefore in turn using
the heat generated by the fuel cell to warm up the hydrogen, weight can be saved on the cooling system. To
calculate how much heat can be removed by warming up the hydrogen knowledge about two properties was
needed. Firstly, assuming that the pressure stays constant, the specific heat of hydrogen equals 14320 [J/ (kg
K)]'2. Furthermore, the heat of evaporation is needed since hydrogen goes from a liquid to a gaseous phase
when it is heated up from 20 [K] to 333.15 [K]. The heat of evaporation of hydrogen equals 446.1 [kJ/kg].
Then, as was calculated in Subsection 10.4.4 around 6.9 [g] of hydrogen is used by the fuel cell per second.
Heating up this hydrogen will thus require around 34 [kW].

Cooling with Radiator

In the end, it was concluded that a big part of the heat has to be removed using a regular cooling system. In a
PEM fuel cell this is normally done with the help of a radiator. A radiator transfers the heat from the coolant
to the air that is flowing over the radiator. The radiator is built up of many so-called fins which drastically
increase its surface area. Increased surface area also means increased contact area with the airflow and thus
a lot more heat can be dissipated to the airflow.

Therefore, an attempt on estimating heat transfer by convection was done. By looking at the Reynolds Num-
ber and Pratzl number, an estimate could be made on the convective heat transfer coefficient #. However,
since these formula are specified for specific shapes (for example a flat plate), and the Reynolds number is
very hard to predict when the flow is disturbed by the radiator, the inaccuracy of the predicted heat transfer
coefficient was deemed too inaccurate.

The other method used to size the radiator was by investigating the current market. AKG-group makes
radiator cooling modules of up to 330 [kW] cooling capabilities'®. However, this includes a fan, motor to
drive the fan, wind tunnel etc, while this is not necessary for the aircraft system, since the ambient airflow
can be used for cooling. Therefore the company was contacted, after which they clarified the radiator weight
itself is 133 [kg].!*

For an first estimate on the size of the radiator that will be needed to remove 282 [kW] of heat two experts
were contacted. Kaylan Wessendorp estimated that to remove the heat a frontal surface area of 0.83 [m?]
would be necessary '°. Luc Reinhard estimated a frontal area of 0.53 [m?] 6. They both scaled this area
based on their own radiators. So the same amount of power per surface area is assumed as their radiator.
However it must be noted that this is calculated with an expected mass flow of 12-15 [kg/s], which is higher
than will be realised during take-off and climb as has been calculated with Equation 10.5. A lower mass flow
means that the actual radiator frontal area needs to be bigger.

To further justify how much heat can be removed with the help of aradiator, an analysis on a car radiator was
performed. The car radiator has a frontal area of 0.88 [m?]. This radiator is thus similar in size to the radiator
of the HoOPPER. In [61] a car radiator is analysed and the effect of increasing the airflow over the radiator

Hpersonal communication: Andreas Bodén - PowerCellution

12URL: https://www.nuclear-power.net/hydrogen-specific-heat-latent-heat-vaporization-fusion/ [Accessed
on: 14-06-2021]

BByURL: https://www.ccs-oilcoolers.nl/en/2010.300.0000-0il-cooler-akg/2010.300.0000/ [Accessed on: 10-6-2021]

14personal communication: Eric Ermers - CCS Oil Coolers

15personal communication: Kalyan Wessendorp - Forze Delft

16personal communication: Luc Reinhard - AKG Gruppe
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Figure 10.6: Radiator heat removal per air flow rate [61, p.11]
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Figure 10.7: Radiator side view

is calculated. In Figure 10.6 this effect is visible. It can be easily seen that by increasing the airflow the total
amount of heat that is removed increases significantly. What is important to note is that the temperature
difference between the airflow and the coolant in the Figure 10.6 is only 44 degrees Celsius. The worst case
scenario that might be encountered during flight is a coolant temperature of 80 degrees and an ambient air
temperature of around 35 degrees, a total difference of 45 degrees Celsius. However, in most flight phases
the air temperature will be much lower.

From Table 10.2 it can be calculated that the radiator needs to remove 282 [kKW] of heat. Per hour this means
that around 1000 [M]] of heat needs to be removed. In Figure 10.6 it is shown that to remove this heat an
airflow of 36000 [m3/hr] is needed (mass flow of 12.25 [kg/s] at sea level). By using Equation 10.5 it can be
calculated that an inlet area of 0.167 [m?] is needed using the climb speed that is given in Table 9.1. This
inlet area could be placed as a duct under the engine as can for example be seen on the reference aircraft
L 410 NG. In Figure 10.7 the radiator set-up can be seen. After the inlet the area is increased so that the
radiator can fit in the duct.

111 = PAjnletV (10.5)

Where i is the mass flow, ’F is the density, A the inlet area and V the Vgelocigl. )
Cooling system overview The cooling subsystem can be quite complicated. To get a better overview of the
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entire system, a cooling diagram is provided in Figure 10.8. In this cooling diagram it can be seen how the
hot cooling fluid that flows out of the engine and fuel cell is cooled down again.
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Figure 10.8: Cooling diagram

10.4.2. Anode Re-circulation Pump

Another subsystem that can be found in a fuel cell is a so-called anode re-circulation pump or blower. When
a fuel cell is producing power, usually more hydrogen and air are supplied than is necessary for the reac-
tion. This will cause no problem for the air supply, since this is just a constant flow that is taken from the
surrounding air. However, since the hydrogen is taken on board in a tank there is no unlimited supply dur-
ing flight. Therefore it is important that the excess supply of hydrogen through the fuel cell gets re-used.
The anode re-circulation pump makes sure that no hydrogen goes to waste [62].

10.4.3. Air handling

The PEM fuel cell of course needs oxygen to react with the hydrogen. This oxygen can be obtained in two
ways. Either a pure oxygen tank can be brought on board the aircraft or the oxygen can be taken from the air.
Since the fuel cell system is already a very heavy system it is chosen to not bring an additional tank but to
take the oxygen from the airflow around the wing. Since the airflow does not only contain oxygen, filters will
be needed to get rid of the undesired substances (like for example CO). Furthermore, the cell membranes
need to be in a fully hydrated state to attain the highest performance and therefore the air needs to be
humidified. For the best performance of the fuel cell, the air also needs to be pressurized to around 2.5 bars,
which will be achieved with the help of the compressor. This will help with providing the desired oxygen
excess ratio.
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Air flow rate

For a lot of the components of the air handling system, the flow rate of the air is the biggest factor regarding
the size and mass of the component. Therefore it was investigated what air flow rate is necessary for the
fuel cell operations. First, the hydrogen flow rate was calculated. This was done by dividing the fuel cell
power by the energy density of hydrogen, being 120 [M]/kg]. This hydrogen mass flow rate then needs to be
converted to oxygen mass flow rate. Following from Equation 10.3, and the fact that an O, atom is 16 times
as heavy as a H, atom, the mass flow rate of oxygen is 8 times the flow rate of hydrogen. Since oxygen is 21%
of air, the air mass flow rate can then be found. This resulted in a necessary 0.27 [kg/s] flow rate.

Air intake
The first component in the air handling line is the air intake. This air intake has to accommodate the re-
quired air flow. The area can be calculated using:

A=— 10.6
oV (10.6)
Since the flow velocity is quite high during cruise, only a small air intake opening is needed (about 33 [cm?]).
However, the fuel cell will also be running at maximum power during take-off, climb-out and climb. During
these flight phases, the air flow speed is significantly slower. Therefore, a variable area air intake is neces-
sary.

During take-off, the fuel cell already needs to deliver maximum power. However, the aircraft is not moving
yet. Therefore, the air intake is placed behind the propeller. When the propeller starts turning, an airflow
is created that can be used to power the fuel cell. To determine the airflow produced by the propeller, the
thrust produced by the propeller has to be known. With this thrust and Equation 10.7, the propeller exit
speed can be calculated, as the aircraft is standing still, so Vj is zero.

T =05pA(V2 - V) (10.7)

Since propeller aircraft have constant power, and P, = T = V, the theoretical thrust force when standing
still would be infinite. However this is not realistic. Equation 10.8 displays a formula found for maximum
theoretical static thrust [63].

W=

2
Tstatic = P3 (ZPAprop) (10.8)

Since this is a theoretical maximum, the actual value for maximum thrust will be lower. In the paper [63] the
actual maximum thrust found was about 2/3 of this static maximum, which was therefore used here as well.
It has to be noted that this is a very approximate estimation, it is not very accurate, however the main goal of
this calculation was to check if using the propeller as mass flow generation for the fuel cell is realistic. With
the thrust value found, the exit velocity was calculated, which in turn was used to calculate the required
intake area, being about 45 [cm?]. The actual propeller exit velocity definitely should be tested, however
this area is easily manageable on the wing leading edge, therefore this design is deemed feasible.

If after testing it is found that the airflow is not sufficient an oxygen tank must be added. This tank can be
very small and light since it only needs to provide oxygen to the fuel cell for take-off. During climb-out and
climb the velocity of the airflow is already fast enough to provide the fuel cell with enough air.

Filter To size the filter, the mass flow rate was again taken into account. Looking at existing air filtering
systems made by MANN+HUMMEL, an indication of the mass/volume of the filter was made. Taking the
highest filtering requirements into account, which was also chosen by Ballard, a Fuel Cell producing com-
pany, the Entaron filter model was chosen as reference.!” Using the earlier obtained flow rate a specific type
was chosen, which weighs just under 10 [kg].

17URL:  https://www.mann-hummel . com/en/oe-products/stories-en/best-protection-for-the-fuel-cell/ [Ac-
cessed on: 18-6-2021]
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Compressor To get a better understanding of the power and volume needed for a compressor the company
Rotrex was contacted. Rotrex is a company that makes compressors for fuel cells. Currently, they are de-
signing a compressor for a 400 [kW] fuel cell 18 The specifications can be found in Table 10.3. The EK40AA
compressor from Rotrex will be used as compressor for the fuel cell system in the HoOPPER.

Humidifier As a humidifier, a direct water injection humidifier was chosen in combination with an evapo-
rative cooling system. This system will make use of the water produced by the PEM fuel cell to humidify the
air. Such a combination of systems can humidify the air and at the same time get rid of about 10% of the
heat generated by the fuel cell [64].

10.4.4. Water generation and removal

The PEM fuel cell produces water from the oxygen and hydrogen, in addition to electricity and heat. This
water cannot be stored on board of the aircraft because it will increase the weight of the aircraft significantly.
By using the molar ratio between water and hydrogen, 18:2, it can be calculated that 100 [kg] of hydrogen
will turn into 900 [kg] of water. A part of this water can be used to humidify the in-going air. The remain-
der will be ejected using a nozzle similar to fuel dump nozzles. Note that even though water vapour is a
greenhouse gas, emission below 10,000 [ft] will not build up and reduce themselves by precipitation '°. One
consideration needed to be made when choosing to eject the water; it is preferred to not release water dur-
ing take-off and climb. Since the water from the fuel cell will have a temperature of 80 [°C], which could
be a hazard for people or animals below the aircraft during climb. Therefore, a holding tank needed to be
sized.

The water generated per second can easily be calculated by dividing the energy generated (including heat)
by the energy density of hydrogen. The power produced by one fuel cell is 413 [kW]. A 50 % efficiency of
the fuel cell means that the power into the fuel cell is 825 [kW]. Dividing this value by the energy density of
hydrogen, 120 [M]/kg] , gives a hydrogen mass flow of 6.9 [g/s] [65]. Using the molar ratio, it is calculated
that 61.9 [g] of water is produced each second. If the water is not released for a period of 2 [min], a mass
of 7.4 [kg] needs to be stored for each fuel cell. At 80 [°C], the water has a density of 997 [kg/m3] 2°. This
means that 2 [min] of water capture has a volume of 7.4 [L]. Steel water tanks can be used to store this
volume. Polymer tanks could also be an option to save weight, but considerations need to be made about
the softening of the polymer at 80 [°C].

To release the water, a pump is needed to transfer the water from the holding tank to the ejection nozzle.
The pump needs to be able to handle a flow rate of 7.4 / 2 [L/min]. As this is a small pump, the mass and
power needs are neglected in the mass and power budget. The mass of the tanks are also neglected due to
their small size. For example, metal containers of 10 [L] have a mass of only 3 [kg] 21 The location of the
ejection nozzle should be as far outboard as possible to minimize the hot water hitting the aircraft.

18JRL: https://www.rotrex.com/fuel-cell-compressor/ [Accessed on: 7-06-2021]

19URL: https://climatechangeconnection.org/solutions/transportation/air-travel/ [Accessed on: 14-6-2021]

20yRL: https://www.usgs.gov/special-topic/water-science-school/science/water-density?qt-science_
center_objects=0#qt-science_center_objects [Accessed on: 15-6-2021]

21yRL: https://docs.rs-online.com/c899/0900766b815852b0 . pdf [Accessed on: 28-6-2021]
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10.5. System Overview and Wing Planform

Table 10.3: Weight and volume of the subsystems of the fuel cell per wing

Subsystem Component Mass estimate  Volume estimate
Fuel cell stack Cells 141.66 [kg] 84.0 by 87.5 by 15.6 [cm]
Air handling system Air intake
Filter 10 [kg] 35.7x39.8x63.8 [cm]
Compressor 22 40 [kg] 45 by 23 by 18 [cm]
Humidifier 20 [kg] 18 by 31 by 28 [cm] times 3
Hydrogen handling system Anode Recirculation pump
Battery 210 [kg] 20 by 70 by 220 [cm]
Cooling system Cooling liquid pump 27 [kgl 18 by 33 by 60 [cm]
Radiator 133 [kg] frontal area 0.53-0.83 [m?]
Piping/cooling liquid 50 [kg]
Expansion tank 20 [kg]

In Table 10.3 the weights and volumes of the different subsystems of the fuel cell can be seen. For the anode
recirculation pump no mass could be found. However, since it is a very small system the weight is expected
to be low. To see whether the subsystems can fit in the wing it is first important to calculate the volume of the
wingbox. The wingbox starts at root with dimensions of 1.50 by 0.4 [m] and ends at the tip with dimensions
0f 0.75 by 0.2 [m]. The wingbox can be seen as a cut of a pyramid because of the taper ratio of the wing. The
volume of a pyramid can be calculated using Equation 10.9:

V= (10.9)

3

Where V is the volume in [m?], 1 is the length of the base, w is the width of the base and h is the height of the
base all given in [m]. The total volume of the wingbox can be calculated by first using the root as a base and
then subtract a pyramid that uses the tip as a base. This will result in a wingbox volume of 3.5 [m?].

Now it is important to see if the entire fuel cell system can fit within the wing. For the stack itself, the volume
can be easily calculated by using the Powercellution Datasheet 23. The width and length of the fuel cell stack
stay the same when the power is increased. However, the height increases by 1.033 [mm)] per cell that is
added. Since each of the stacks will deliver 206.25 [kW], it can be calculated that the height of the stack will
become 864 [mm]. In each wing, two of these stacks need to produce the 412.5 [kW] output that is desired.
This means that the fuel cell stacks will combined be 0.84 [m] by 0.887 [m] by 0.156 [m], which accounts for
a total of 0.116 [m?].

The largest components of the fuel cell are the subsystems. To make a precise estimate of whether all these
systems will fit in the wing, an assumption had to be made. It was assumed that except for the humidifier
and the anode re-circulation pump the subsystems do not necessarily have to be located close to the fuel
cell. This assumption allows for the free placement of all the subsystems within the wing. To calculate
whether all these subsystems will fit in the wing the Powercellution heavy-duty system is used as a basis.
The volume of this entire system is 284 liters. From this, the volume of the stack can be removed. The
volume of a 100 [kW] fuel cell stack is about 35 liters. This means that in the worst-case scenario the rest of
the systems will take up 249 liters. To reach the 400 [kW] output that is going to be needed per fuel cell, 4
of these heavy-duty systems would have been needed. This would then add up to a total of 996 liters for all
the subsystems. This would easily fit within 3.5 [m3]. The only thing that must still be taken into account is
the rib spacing of 80 cm. Only the fuel cell stack and the battery are too big to fit inside the ribs. Fortunately
both can be divided into multiple parts to fit within the rib spacing.

23URL: https: //www.datocms-assets. com/36080/1611437833-p-stack. pdf [Accessed on: 18-06-2021]
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Furthermore, a large part of the cooling system will not be placed in the wingbox. As has been explained in
Subsection 10.4.1, the radiator will be placed in a duct under the wing. This means that even less space is
needed in the wing.

Also, it must be noted once again that the volume increase and output increase will not be a one on one
relation. As could be seen in Section 10.3 the weight of a fuel cell system does not increase linearly. This will
then also be seen for the volume. Therefore, it can be concluded that the wingbox will have enough space
to fit all the subsystems of the fuel cell system.

From this, a layout of the fuel cell system in the wing can be made. This layout is displayed in Figure 10.9.
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Figure 10.9: Wing plan showing the subsystems needed for the fuel cell

10.6. Fuel Cell Sustainability
As reported in Chapter 3, several green indicators
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up of water vapour is expected. 2*

These effects are summarized in Figure 10.10.

10.7. Recommendations

During the design, twos ideas were investigated to achieve a more efficient design. These are cooling using
the wing, and secondly, the Meredith effect. These ideas will be elaborated here, including recommenda-
tions for future design.

10.7.1. Cooling with Wing
Over the wing, there is a big flow of air travelling at a relatively high speed. It was investigated whether by
heating the skin of the aircraft (by letting the cooling liquid flow under the skin), a lot of energy could be
dissipated to the air. This method is a form of forced convection heat transfer [68]. The total rate of heat
transfer was calculated using:

24URL: https://climatechangeconnection.org/solutions/transportation/air-travel/ [Accessed on: 14-6-2021]
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Q=hA(To—Ty) (10.10)

In this equation, Q is the heat transfer rate, h is the convective heat transfer coefficient, A is the area where
convection occurs (in this case the wing area is used). T, is the temperature of the upstream air, and T is
the surface temperature of the object (in this case the wing skin). An upstream temperature of 20[°C] was
assumed, and a skin temperature of 70[°C], which is about the temperature the fuel cell is allowed to be. No
heat exchanger is used to move extra heat from the liquid into the wing.

The convective heat transfer £, follows from the Nusselt number, which in turn depends on the Reynolds
number, as well as the Pratzl number, of the air [68]. Wang et al. tested the following relation to be accurate
regarding this dependence for the flow over a NACA63421 airfoil:

Nu =0.0943Re*53Pr!’®  (for Re =5 x 10°) (10.11)

Where Nu is the average Nusselt number over the airfoil, Re is the Reynolds number and Pr is the Prandtl
number. Since a different airfoil is used then in this experiment, there can of course be differences, however
they are expected to be small.

Then, to find the convective heat transfer:

kair
C

h=Nu (10.12)
It was found that, with the wing surface area present, only around 30/40 [kW] of power could be dissipated
over the wing.

Furthermore, heating the wing has an effect on boundary layer characteristics. Hassanalian et al [69] inves-
tigated top surface heating, inspired by the albatross. This bird has a black top surface of its wing, presumed
to increase his lift. They concluded that lift can be increased by up to 70% and drag could be reduced by
60% for certain angles of attack. In another paper however, the maximum effect was only found to be 2.5%
and 1.6% respectively, and this was for Reynolds numbers a lot lower then the one of the HyOPPER [70].
Furthermore, it was elaborated that placing the heating strips on the wrong location may actually decrease
performance considerably. Therefore, since the loss of heat is minimal, and there are still many uncertain-
ties, this design feature is recommended for future design to be explored, as it might be very promising for
design where lift over drag is important as well as the loss of heat.

10.7.2. Meredith Effect

Using the radiator heat to heat up the mass flow through an aircraft duct and thereby creating thrust is a
phenomena already established in WWII, known as the Meredith effect. The idea is to first slow down the
air by a diffuser, then let it flow through a radiator and thus speed it up again to a higher velocity, much
like a ramjet engine [71]. Just as in a ramjet, the effect is more effective with increasing velocity. Marco
Pellegrini and Luca Piancastelli studied the effect of the Meredith effect on the total force [71]. It was found
that, for their radiator at 90 [m/s], the forward force exactly cancelled the drag force induced by the pressure
difference over the radiator. In the paper, the radiator is also placed behind the propeller and has a similar
dimension and shape. However, there are still many differences and uncertainties, like the temperature
difference between the radiator and the air, the compression ratios etc. Therefore, it is recommended to
further analyze and test the effect to find out whether it is possible that effective thrust is generated using
the Meredith effect. For the design at this stage, no extra drag nor thrust is taken into account resulting from
the radiator.
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Systems

In this chapter, the systems used by the aircraft will be sized and discussed. First, a subsystem overview is
given in Section 11.1. A high-level hardware diagram is given in Section 11.2, in addition to the sizing of the
propulsion and cooling systems. A low-level hardware diagram is given in Section 11.3, with explanations of
the different systems. In Section 11.4, an electrical diagram is given, in addition to the sizing of the cables of
the aircraft. Section 11.5 gives an overview of the software systems of the aircraft. At last, Section 11.6 shows
the estimated power needs of the systems and Section 11.7 discusses the masses of the systems.

11.1. Subsystem overview
The subsystem overview shows the functions and requirement of the energy storage tank.

11.1.1. Functions
The systems have multiple functions and these can be divided into the following categories:

* Provide the fuel cell with hydrogen and oxygen

e Remove the heat from the fuel cell and the engines

* Deliver power to the engines and other systems

* Support the aircraft with systems such as attitude control and cabin support.

11.1.2. Requirements

HOPPER-T-F-EP-1 The aircraft shall contain required ATC communication tools

HOPPER-T-F-EP-Av.1 The avionics of the aircraft shall be usable after a lightning strike

HOPPER-T-F-EP-Av.2 The avionics of the aircraft shall be usable with an engine out

HOPPER-C-R-CS-10  Each liquid-cooled engine shall have an independent cooling system, including
coolant tank

HOPPER-C-R-CS-11  Each propeller shall be able to be controlled separately

HOPPER-C-R-CS-15  Engine shall be able to be restarted in flight

HOPPER-C-R-CS-16  During take-off and initial climb at the all engine(s) operating climb speed, the
propeller must limit the engine r.p.m., at full throttle or at maximum allowable
take-off manifold pressure, to a speed not greater than the maximum allowable
take-off r.p.m

HOPPER-C-R-CS-17  Maximum continuous demand of the electrical power system shall not exceed 100
% of the load limits of the alternator(s) or generator(s) that are equipped with cur-
rent monitoring capability

11.1.3. Assumptions
* There is enough space for the low level hardware: Only the volume of the high level hardware is
assessed if it fits in the aircraft. Since low level hardware is generally of smaller size it was assumed
that it will be able to fit in the aircraft.
¢ There is enough space for wiring: All the wiring and piping require space to run without interference.
It was assumed that the wiring and piping can run freely if not inside the cabin. Moreover, it was thus
assumed that all subsystems can reach other subsystems.

11.2. High Level Hardware Diagram
In Figure 11.1, the high level hardware diagram for the aircraft is shown. This diagram puts more emphasis
on the fuel cell. Different flows have been given their own color: dark blue for hydrogen, blue for water,
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light blue for air, yellow for electricity, red for hot coolant and pink for cold coolant. In addition, computer
inputs and sensor outputs are shown in grey. These will be further explained in the software diagram, in
Section 11.5. In the upcoming subsections, the sizing of the propeller, engine, and the cooling and heating
system will be elaborated.

The hydrogen comes from the LH2 tank. This tank is controlled by two valves, one of which delivers the
hydrogen to the fuel cell, via an expansion tank. The other valve directs the boiled-off hydrogen to the ex-
pansion tank as well to minimise losses. However, when the fuel cell is not operative the boil-off has to be
directed to an aircraft outlet. The hydrogen in the tank is expanded using heat from the fuel cell, except
at start-up, where it needs to be heated using an external heater. The power for this heater is provided by
the power management and distribution system (PMAD) which contains the battery discussed in Subsec-
tion 9.3.2. A more detailed overview of the PMAD can be found in Figure 11.3. The electricity provided by
the fuel cell is used to power the engines, as well as the low voltage systems.
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Figure 11.1: High level H/W diagram
11.2.1. Propeller

The propeller of the HOPPER has a diameter of 2.43 [m] and a mass of 79.7 [kg]. The sizing was based on
reference aircraft and an empirical relationship between the diameter and output power. The propeller of
the reference aircraft, the L 410 NG, uses the AV-725 propeller . This propeller has a diameter of 2.3 [m], has
a mass of 77 [kg], and has five blades. The propeller sized in the midterm report had a diameter of 2.8 [m]
and four blades. The new propeller scored better in the noise level indicator, as it has a smaller diameter
and more blades, the new noise level produced by the propeller is 107.66 [dB].

This propeller however is only able to handle an engine with a maximum power of 635 [kW] 2. The power
input of the propeller is found by dividing the output power by the propeller efficiency. No propeller ef-
ficiency could be found for this propeller and therefore an efficiency of 0.80 was assumed, based on the
characteristic curve of the propeller efficiency for fixed pitch propellers [72, p.7]. Since the AV-725 pro-
peller has a feathering system (variable pitch) it is assumed that the propeller efficiency is 0.80 for all flight
phases.

lURL: http: //www.let.cz/1410ng [Accessed on: 7-6-2021]
2URL:http://www.aviapropeller.cz/av725.htm [Accessed on: 7-6-2021]
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The power input per propellers is then calculated by dividing the maximum power need per propeller, 1170
/ 2 [kW], by 0.80, resulting in an input power of 730 [kW]. This is above the power that the AV-725 propeller
is able to handle. From Raymer [34, p.221], it is obtained that there exists an empirical relationship between
the fourth root of the power of an engine and the diameter of the propeller. Using this relationship, it can
be estimated that the propeller diameter should be 1.036 times larger. This results in a new propeller with
a diameter of 2.43 [m] and a mass of 79.7 [kg]. It should be noted that the aircraft will use counter-rotating
engines. This means that the propellers need to be mirrored. This has no effects on the weight of the
propellers, but it might increase the production cost.

11.2.2. Engine

It is calculated that each engine should deliver 730 [kW]. From a literature research, a DC brushless aircraft
engine type was found, the magni500. This engine has an efficiency of 0.93, works on a voltage of 540 [V]
and has a weight of 133 [kg]. This engine however is only able to deliver a maximum of 730 [kW] 3, A twice
as smaller engine in terms of power delivery from the same producer has the same engine efficiency. It is
therefore assumed that a slightly more powerful engine will also be able to reach an efficiency of 0.93. To get
an estimation of the weight of the engine, a linear regression is taken between the power and weight for the
two engines. When sizing for 730 [kW], a weight of 160 [kg] is obtained. As this is a very basic estimation, a
margin of + 10 [kg] will be taken for the engine weight.

11.2.3. Cooling and Heating

The cooling system is sized based on the required coolant flow. In [73], it was found that a coolant flow
of 190 [L/min] is needed to cool down a fuel cell of 100 [kW]. This would mean that for a fuel cell output
power of 412.5 [kW] a coolant flow of almost 800 [L/min] must be necessary. However it must be noted that
increasing the flow rate will only affect the cooling up to a certain point. This can be substantiated by [61].
In this paper it is shown that a cooling flow rate above 540 [L/min] will not increase the heat that can be
removed substantially. Fortunately, heat removal is not only dependent on the coolant flow rate but also on
the temperature difference between the coolant and the ambient air, as well as the air flow rate itself. As was
shown in Subsection 10.4.1 by increasing the airflow rate is was still possible to remove the heat with only a
coolant flow rate of 290 [L/min]. Therefore in the next stage of the design it must be possible to find the best
combination of airflow rate and coolant flow rate to remove all the heat. However since this combination is
not known yet it is decided to size for a flow rate of 800 [L/min]. A coolant pump was found that is capable
of reaching this flow and is also able to handle temperatures up to 80 [°C]. Two of these pumps have a power
need of 4.5 [kW] 4.

For the heating system, a heating element had to be chosen that is able to heat the hydrogen to 80 [°C].
The amount of hydrogen that goes through the fuel cell per second can be calculated by dividing the power
output of the fuel cell [J/s] by the energy density of hydrogen [J/kg] : 800,000/(120-10°) = 0.0067 [kg/s].
By assuming that the hydrogen only will need to be heated during the first minute of operations, it can be
calculated that 0.4 [kg] of hydrogen needs to be heated up to 80 [°C]. The energy needed to heat up hydrogen
from -253 [°C] (20 [K]) to 80 [°C] consists of two parts. The energy of vaporization and the energy of heating
up. The total energy need is calculated to be 2 [M]]. By using a 12 [kW] heater, this energy can be reached
within 3 minutes, which is deemed a reasonable start-up time. It should be noted that this assumes no heat
loss from the expansion tank. Start-up times may therefore be slightly longer.

11.3. Low Level Hardware Diagram

The low level hardware diagram shown in Figure 11.2 lists necessary systems to assist aircraft missions.
These systems have been divided in to the 6 categories Exterior Lighting, Navigation and Communication,
Cockpit Interface, Environment Sensors, Cabin Systems and Attitude and Control. Note that when design-
ing an aircraft in full detail more low level hardware systems have to be considered. With regard to the level
of detail of this design Figure 11.2 includes only the hardware systems that either require the most power or
that are of critical importance.

SURL: https://www.magnix.aero/products [Accessed on: 7-6-2021]
4URL: https://www.iwakipumps . jp/en/products/magnetic/520/mx/ [Accessed on: 7-6-2021]
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Figure 11.2: Low level H/W diagram

11.3.1. Exterior Lights

The exterior lighting of the aircraft has multiple functions. First of all, the lights have as purpose to illumi-
nate the surroundings of the aircraft to improve the visibility of the pilot. Examples of those lights are the
taxi lights as well as the runway turnoff lights and the landing lights. Second, lights are used to be seen by
others. The lights used for this purpose are the beacon lights, navigation lights and strobe lights. Finally,
lights are used to illuminate the aircraft. Lights with this purpose are the wing lights and the tail flood lights.
The wing lights are used to illuminate the leading edge of the wing to facilitate aircraft inspection. The tail
flood lights are to improve the visibility of the airline logo and the aircraft registration number. Lights can
have multiple functions as well. The wing lights do make the aircraft more visible for instance.

11.3.2. Navigation and Communication

In order to determine the position of the aircraft and navigate to its destination, the aircraft is equipped with
a Global Positioning System (GPS). Moreover, the aircraft is equipped with three very high frequency (VHF)
antennas. The VHF aviation communication system is used for line-of-sight communication. This employs
aircraft-to-aircraft and aircraft-to-ATC (Air Traffic Control) communication. The reason for the aircraft hav-
ing three VHF antennas is to be able to communicate with others from any orientation. Moreover, the VHF
antennas are placed apart to minimize cross-coupling. Cross-coupling occurs when two antennas operate
at the same frequency and as a result absorb the power radiated by other antennas. The aircraft is equipped
with an HF antenna as well. This antenna is used for long-range communications.

11.3.3. Cockpit systems

In the cockpit, the interface for the pilot and on-board computers can be found. These two systems work
together to display flight information to the pilot. Particular to the HyOPPER design is the addition of an
energy control computer to regulate the energy system discussed in Figure 11.1. Furthermore, the cockpit
is also provided with a flight control system to put control surfaces in motion. In case of an emergency
the cockpit can be powered with a ram air turbine (RAT) that can be manually folded out of the fuselage.
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Communications from the cockpit are recorded and stored in a "black box’.

11.3.4. Cabin systems

The cabin is provided with heating and lighting. As can be seen in Figure 10.8 warm air that was used to
cool the cooling fluid is led to the cabin. By regulating the hot air supply the cabin temperature can be
controlled.

11.3.5. Attitude and control

All parts that are required to move such as extracting and retracting the landing gear as well as positioning
the control surfaces are controlled by actuators. The actuators for the design are chosen to be electrical
driven instead of hydraulic driven. The reason for this choice is that electrical actuators are more aligned
with the Green policy. First of all, electric actuators have a higher efficiency compared to hydraulic actua-
tors. Secondly, hydraulic actuators can leak hazardous fluids which are costly to clean up.’

11.4. Electrical Diagram

An electrical diagram is made to give an overview of the connections between the electrical systems of the
aircraft. The diagram can be seen in Figure 11.3. The electricity flows are divided in two types: high voltage
and low voltage flows. Most of the low voltage systems have been grouped in the 'Other low voltage systems’
block to make a clearer diagram. These low voltage systems correspond to the low level H/W diagram from
Section 11.3. The diagram also shows what is part of the power management and distribution (PMAD)
system with a green block.

The fuel cell is the primary supplier of electricity in the system. This electricity is led through a converter to
get a steady 540 [V] for the engines. This electricity is then inverted to a three-phase power for the engines.
The electricity from the fuel cell is also used to charge the battery in the system. The battery also provides
energy to the engine. This connection does contain a diode to prevent the battery from discharging with the
electricity to the fuel cell. Both the fuel cell and the battery are also able to power the low voltage systems,
but the electricity first needs to be converted down to a voltage of 28 [V]. With this electricity, the low voltage
systems, such as heaters and coolers are powered. If other voltages are needed, the electricity is converted
to another voltage. A few examples of the converters have been shown in the diagram as well.

It should be noted that there is a fuel cell, battery and engine in each wing of the aircraft. Both sides are able
to power the other low voltage systems of the aircraft. In addition, the battery and fuel cell are connected to
both sides. In case of a malfunction of one of the energy suppliers, both engines can still be powered. In the
following subsections, more detail is given on the efficiencies and cables of the system.

SRetrieved from: https://www.tolomatic.com/de-de/blog/artmid/843/articleid/337/high-force-linear-actuators-%E2%80%93-
hydraulic-vs-electric-webinar
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In the system, there are various places where energy is lost. For example, in the converters and inverters. In
Table 11.1, the efficiencies of the electrical system are displayed. These efficiencies are taken into account
in the power budget of the aircraft.

11.4.2. Cables

Table 11.1: Overview of the efficiencies of the electrical system

Part Efficiency [-]
540/28 DC/DC con- 0.91°

verter

Smaller DC/DC con- 0.97 7
verters

3-phase inverters 0.9898
Engines 0.939

Fuel cell 0.510

This subsection discusses the sizing of the cables. Some considerations need to be made when sizing the
cables. First, some of the cables need to able to handle higher currents than normally found in aircraft.
These are the cables from the fuel cell and batteries to the engines. The maximum possible power and
amperage of the cables are shown in Table 11.2. In addition, an estimate is given on the one-way distance
the cable has to travel and the mass per meter for each cable. From the table, a mass of 120 [kg] can be
estimated for the high current cables.

The mass per meter for each cable is determined with the cross-section and material of each cable. Copper

SURL: https://www.emea.lambda.tdk.com/nl/KB/PAF450F280-PAF600F280-Datasheet . pdf [Accessed on: 10-6-2021]

“URL: https://www.victronenergy.nl/upload/documents/Datasheet-0rion-Tr-DC-DC-converters-low-power,

-non-isolated-EN.pdf [Accessed on: 10-6-2021]
8URL: https://www.magnix.aero/products [Accessed on: 10-6-2021]
9See 3-phase inverters source [Accessed on: 10-6-2021]

10gee Subsection 10.2.2
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is chosen for the wire as it is commonly used for wires. It has a high electrical conductivity which means
less heat is produced. It also is an easy to recycle material 1. Allowable ampacities were obtained from the
National Fire Protection Association (NFPA) for varying wire cross-sections [74]. The ampacities were given
for a maximum temperature of 60 [°C]. An exponential relationship was found and is used to determine the
cross-sections for the cables. The mass per meter of these cables is then found by multiplying the cross-
section by the density of copper, 8960 [kg/m?] 2. The insulation of the copper wires will most likely be a
thermoset as this material will not melt at high temperatures. The sizing however is disregarded for now as
the weight of the insulation is expected to be a magnitude lower compared to the copper.

Table 11.2: Overview of the power estimations per group

Cable Power [kW] Current [A] Mass per meter One-way distance
[kg/m] [m]

FC - inverter 400 740 2.4 10

FC - Battery charger 400 740 24 1

FC - Converter 30 56 0.05 1

Battery - inverter 340 630 1.4 10

Cross-link 400 & 340 740 & 630 24&1.4 5

The second considerations is that at high altitudes, the air density is lower. This means that the free air in
the aircraft is less able to dissipate the heat from the cables compared to at sea-level [75, p.2]. However, at
10,000 [ft], only a temperature rise of less than 4 [°C] needs to be accounted for. The chosen cables have
been sized for 60 [°C], which would now be maximally 64 [°C].

The third consideration is on the magnetic fields that the cables produce. The maximum exposure-level to
a magnetic field in public is set to 200 [u T] [76, p.832]. The cable with the highest current, 750 [A], produces
this level of magnetic field at a distance of 0.75 [m] from the cable. This could be within the distance of
passengers. To prevent this, it is possible to reduce the magnetic field by placing the starting and returning
cable besides each other. The cables would have the same current, but in opposite direction, and therefore
creating opposite magnetic fields reducing their energy. However, the magnetic fields are still present as the
two cables cannot coincide perfectly. To reduce the magnetic field even further cables could be twisted or
shielded using foils. Twisting two wires results in the effective centers of the wires to be closer to each other
and thus reducing the total magnetic field more. In future phases it is recommended to size the shielding
regarding the maximum allowable magnetic fields for the passengers, but also the aircraft equipment. For
example, the magnetic field from the cable should not interfere with the GPS systems onboard.

11.5. Software Diagrams

The software (S/W) diagram is divided into four parts; fuel cell power, hydrogen/oxygen flow, flight control
and safety control. Each of these parts are discussed in the subsections below. The S/W diagram is shown
in Figure 11.4. In addition, a data handling diagram is made to give a brief overview of the data flows of the
system. This diagram is found in Figure 11.5.

11.5.1. Fuel cell power

This part of the S/W diagram is used to decide the output power the fuel cell has to deliver. Since the
batteries are used for the dynamic response of the aircraft, they deliver small power peaks etc, the fuel cell
should provide the average of the power. However, since the batteries are mainly drained during take-off,
they also have to be recharged during the flight. Based on the flight distance left, the weather conditions
(head/tailwind for example) and the current state of charge of the batteries, a recharge rate is chosen for the
battery. Then, with this recharge rate and the predicted average power needed for flight, the required fuel
cell power is determined. This required power then determines the hydrogen and oxygen flow, as will be
described in the following subsection.

HyRL: https://edisontechcenter.org/wires.html [Accessed on: 18-6-2021]
12URL: https://www.rsc.org/periodic-table/element/29/copper [Accessed on: 10-6-2021]
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11.5.2. Hydrogen/oxygen Flow

The software diagram of this part shows the interaction in the energy control system which determines the
hydrogen flow into the fuel cell. This system is based on Fuzzy logic and a fuel cell model. The fuel cell
model is used to get a prediction of the output power and hydrogen flow that goes out of the system. These
values are compared to the measured values from the fuel cell. The error is calculated and is put into the
Fuzzy system. In addition, the power requested from the energy control computer is also given as an input
to this system.

The Fuzzy logic system allows for more controlled inputs and produces less overshoot in the input hydro-
gen flows, without the need of complicated systems, such as controllers based on artificial intelligence [77,
p.626]. The Fuzzy logic system works by fuzzifying the inputs, which means that an input is compared to a
set such as: a bit warm, warm and very cold. The input is given a degree of membership for each set varying
from 0 to 1; the chance that the hydrogen has a slightly low flow is 0.4 , and that it has a moderate flow is
0.6 . This sets can be defined by possibility distributions. With these fuzzy inputs, fuzzy rules are applied.
Examples of these rules are: If the hydrogen has a slightly low flow, turn the flow valve slightly open. Fuzzy
outputs are received from these rules; slightly open the valve. These outputs need to be defuzzyfied to get
actual numbers. This defuzzyfication is based on an algorithm that finds the best output based on the the
various degrees of memberships of all the inputs [78].

To implement this system, it is needed to get as many fuzzy rules in a database. These can be obtained from
expert judgements or experimental data [77, p.634]. The proposed system is not completely designed; no
fuzzy rule data set and membership functions have been devised. The control diagram would also need to
be expanded. It is recommended to look into the implementation of this system post-DSE, as it allows for
smoother operations of the fuel cell, leading to an increase of the life-span of the fuel cell [77, p.635].

11.5.3. Flight control

The flight control system puts emphasis on the sensors and actuators of the aircraft. Environment and flight
sensor outputs are registered by the onboard computer and are processed to calculate various flight data,
such as the velocity and heading of the aircraft. This data is displayed to the pilots on the interface screens,
and is exported to the auto-pilot. The auto-pilot is able to give control inputs, as are the pilots. The control
system consists of velocity and attitude control. It gives commands to the engines, and actuators for the
lift devices. The control system also gives commands to the brake system. It should be noted that the pilot
inputs need to be processed first however, as the inputs of the aircraft are done by a fly-by-wire system. A
control system will need to be set-up when producing the aircraft.

11.5.4. Safety

The energy control computer is used to ensure all components and payload remain safe. Several parame-
ters, such as the temperatures of the engine and the fuel cell, are analyzed. If temperatures get to high, the
energy control computer is able to take appropriate actions, by for example increasing cooling fluid flows,
or decreasing the power output that is requested from the main control computer. Certain rules need to
be set-up to make sure that the power does not decrease below critical levels. This will need to be done in
future phases of the aircraft design.

11.5.5. Data Handling

Lastly, the data handling diagram shows the data flows of the aircraft. Two computers are used; the onboard
computer and the energy control computer. The onboard computer has two main tasks: provide commu-
nication, and process the flight data and inputs of the pilots. The onboard controls the pilot interfaces, as
well as the actuators of the control surfaces of the aircraft. The onboard computer also gives inputs to the
energy computer: the required power. The energy control computer processes all the hydrogen and oxygen
flows, as well as the safety systems of the batteries and the cooling systems. This is done by giving control
signals to for example the valves and pumps.
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11.6. Power Budget
A power budget was made to get an overview of the power needs of the aircraft. In Table 11.3 the required
power for earlier discussed groups in Section 11.3 is shown, in addition to the power needs of the start-
up heater and the cooling pumps. The powers given are not always needed during the entire flight. For
example, the start-up heater only needs to be turned on on the ground for less than three minutes. The
energy system of the aircraft is sized on the most critical mission segment; take-off. It needs to deliver 1586
[kW] during this period. This consists of the power needs of the low-voltage systems, 14 [kW], and of the
engine, 1570 [kW]. These required powers obtained from Table 11.3 are taken into consideration together
with the efficiencies in Table 11.1 in Subsection 11.4.1.

Figure 11.5: Data handling diagram of the H, OPPER

The estimations of the power of the low-voltage systems were performed by researching existing aircraft
parts and studying their data sheets when provided. Note that the aircraft parts found are not necessarily
the parts used for this design. In some cases only technical data was available for aircraft parts intended for
slightly smaller or larger aircraft.
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Table 11.3: Overview of the power estimations per group

Group Power [W] Group Power [W]
Exterior lighting 1500 13 Cabin systems 200 1
Navigation and Commu- 250 1 16 Attitude and control 420017
nication

Cockpit systems 3000 1819 Cooling pump 4500 20
Start-up heater 12000 2! Engines 1,570,000

11.7. System Changes to the Mass Budget

A second class mass estimation was performed using the method defined by Raymer [34, p.403] and is
shown in Section 16.6. For these estimations, some alterations were made to better reflect the H,OPPER.
First, since the power system is electric instead of kerosene based, more electrical energy needs to be trans-
ported. This means that an additional 150 [kg] in wiring is needed for the powering of the engines. This
weight is determined from the electric wire estimation from Table 11.2, with a margin to account for differ-
ences in cable length and insulation weight. Secondly, due to the Raymer method being published in 1989
it overestimates the weight of computer technology. In order to account for this the uninstalled avionics
weight was decreased by 200 [Ibs] in the Raymer method 22,

BURL: https://aeroleds.com [Accessed on: 4-5-2021]

H4yRL: https://www.ventilatieshop.com/buisventilatoren/blauberg-buisventilatoren/
blauberg-iso-mix-160-geisoleerde-buisventilator-staal-aansluiting-160mm/ [Accessed on: 4-5-2021]

I5URL: https://buy.garmin.com/nl-NL/NL/p/576890#specs [Accessed on: 4-5-2021]

I6URL: https://www.aircraftspruce.com/pages/av/antenna_com/avt4.php [Accessed on: 4-5-2021]

17URL: https:/ /www.linak.com/products/linear-actuators/la37/#/ diagramsbrochuresmanuals

I8URL: https://buy.garmin.com/en-US/US/p/66916,http://www.let.cz/documents/L410NG.pdf [Accessed on: 4-5-
2021]

19URL: https://flightdata.aero/wp-content/uploads/2020/12/FDS-sentry-zine-2020-EN.pdf [Accessed on: 4-5-
2021]

20URL: https: //www.iwakipumps. jp/en/products/magnetic/520/mx/ [Accessed on: 4-5-2021]

21URL: https://nl.rs-online.com/web/p/heating-elements/273135/ [Accessed on: 11-6-2021]

22URL: https://buy.garmin. com/en-US/US/p/151198 [Accessed on: 11-6-2021]
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Hydrogen Storage

In the previous phase it was decided to use liquid hydrogen (LH2) as the energy source of the aircraft. In
Section 12.1, an overview is given of the functions, requirements and assumptions for the hydrogen storage
subsystem. In Section 12.2, the reasoning for liquid hydrogen is restated. The sizing of the storage tank is
shown in Section 12.3. To liquefy hydrogen, it is required to cool it to a temperature of 20 [K]. To store a liquid
at such low temperatures, various considerations need to be taken into account regarding the materials of
the tank. These considerations are given in Section 12.4. In Section 12.8, the limitations of the sizing method
are discussed. The final design is given in Section 12.5 and recommendations for future phases are given in
Section 12.9.

12.1. Subsystem Overview
The subsystem overview shows the functions and requirement of the energy storage tank. The assumptions
used are given as well.

12.1.1. Functions
The energy storage subsystem stores the liquid hydrogen at cryogenic temperatures and shall allow for lig-
uid hydrogen to be extracted for use by the fuel cell.

12.1.2. Requirements

HOPPER-T-G-RF-1 The aircraft shall be able to be refuelled with a maximum of 2 people
HOPPER-T-G-RF-2 The aircraft shall provide enough space for fuel to reach the maximum required

range

HOPPER-T-HS-1 The hydrogen tank shall be able to withstand an ultimate pressure of 5.7 [bar]
HOPPER-T-HS-2 The hydrogen tank shall operate at pressure of 3.8 [bar]

HOPPER-T-HS-3 The hydrogen tank shall have a boil-off rate no more than 1.6 % per hour
HOPPER-T-HS-4 The temperature inside the tank shall be 20 [K]

12.1.3. Assumptions

* Composite properties are isotropic: Composites with uni-directional fibres have different properties
in other directions, for example in Young’s modulus. This assumption is valid when using multi-
directional lay-ups to get a quasi-isotropic material.

* The temperature inside the aircraft is constantly 40 [°C]: This temperature is based on average high
temperatures on the ground on pacific island nations + 10 [°C] margin . The higher the outside tem-
perature, the more boil-off is to be expected. This assumption is used as it takes a high margin. At
10,000 [ft] it can be expected that the temperature inside the aircraft will be lower, therefore the boil-
off rate will be overestimated.

* The pressure in the tank remains constant: When liquid hydrogen becomes warmer than 20 [K] it
boils off which rises the pressure in the tank. This pressure is needed for the flow of liquid hydrogen
out of the tank. However, the ratio between the volume of the boiled off hydrogen and the volume of
the withdrawn liquid hydrogen is not the same resulting in a change in pressure.

12.2. Liquid Hydrogen
Hydrogen has a very low density due to it being the lightest molecule. On the other hand, it has a specific
energy of 120 [M]] [79, p.10] which is higher than that of kerosene. Effectively hydrogen has to either be

LURL: https://www.travelonline.com/maldives/weather [Accessed on: 22-6-2021]
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compressed and stored in a pressure tank or cooled down to cryogenic temperatures to obtain a density
feasible for aviation. In Table 12.1 the density of hydrogen is indicated as well as an estimate for the hydro-
gen storage efficiency 154orage and the tank volumetric efficiency 7,;.

Table 12.1: Fuel system parameter for liquid and compressed hydrogen storage [79, p.10]

Parameter 300barH, 700barH, Liquid Hy

pn, [kg/m3] 20 40 70
Nstorage [-] ~ 0.05 0.10 0.20
Tvol [-] 0.50 0.50 0.50

As can be seen in Table 12.1, when considering LH2, the increased density leads to an increase in the hydro-
gen storage efficiency. This means that more hydrogen in kilograms can be carried for the same total tank
mass including its contents. In the Midterm report a preliminary analysis was performed which concluded
that for this design only LH2 is feasible due to a limitation in available mass [36, p.18].
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Figure 12.1: Density of hydrogen at specific temperature and pressure [79, p.6]

In Figure 12.1 the saturation line for hydrogen is indicated with a orange line. In order for the hydrogen to
remain liquid the temperature should either remain below 20 [K] at atmospheric pressure or at a slightly
higher temperature with a higher tank pressure. The region wherein the LH2 has a density feasible for
the design is indicated in Figure 12.1 as region 1. The LH2 will be stored in the tank at a pressure of 3.8
[bar] to allow for a small temperature increase. The pressure was chosen using the LH2 orbiter tank of the
SpaceLiner Reusable Launch Vehicle (RLV) as reference [80, p.30]. As the tank is pressurized, there is no
need for a pumping system to keep the hydrogen flowing.

In the cryogenic tank there will be unwanted heat flowing in affecting the liquid state of the hydrogen. As
a result small amounts of LH2 will turn gaseous, called boil-off, which will increase the tank pressure. For
cryogenic tanks a boil-off rate of 1.6 [%] per hour of the total fuel weight is regarded as allowable considering
the time span the LH2 will be in the tank [80, p.86]. This has an influence on the amount of insulation
needed around the tank, and it should also be taken into account when designing the pressure valve, as
the pressure in the tank will increase due to the boil-off, which must be prevented from increasing too
much.

12.3. Tank Geometry
The tank geometry has effects on several parts of the aircraft. Firstly, the shape of the tank has an influence
on the diameter of the fuselage. Next to that, the hydrogen tank may have a significant effect on the centre
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of gravity of the aircraft. Therefore, it was aimed to design a tank that allows for flexibility in shape and
placement.

A short analysis was performed to find the performance of various tank designs. Three options are discussed
in this subsection. The following tanks are regarded: spherical, cylindrical and multi-spherical. From these
tanks, it was decided that the multi-spherical tank would be the best for the HoOPPER. This decision was
based on a trade-off based on three criteria: flexibility (placement of tank), efficiency (use of material) and
cost. The scores of each tank are summarized in Table 12.2.

Spherical tank:

A spherical tank is the easiest to size; after having determined the required volume of hydrogen, the inner
radius of the tank can be calculated using rinper = V3V /4. Spherical tanks are also the most efficient in
terms of surface area compared to the volume. Having less surface area will lead to less heat being absorbed
into the tank, therefore less insulation is needed for the tank. Due to the efficient use of materials, it is also
expected that this tank will be the most cost effective in material cost.

This tank however has the disadvantage of being less flexible in sizing. In the last phase, it was already no-
ticed that the fuselage diameter is very dependent on the size of the tank. In addition, the tank only has
two practical placements in the aircraft: in the front, between the cabin and the cockpit, or aft of the cabin.
Multiple smaller spherical could be used to be more flexible in placement, but this would increase com-
plexity as each tank would need to have its own connections to the fuel system. In addition, the advantage
of having less surface area compared to the volume is diminished.

Cylindrical tank:

The next tank that is considered is a cylindrical tank. This type of tank can be shaped in multiple ways, such
as a pure cylinder with flat end-caps, to a cylinder with two hemispheres on each end. This allows for more
flexibility in the design of the tank. For example, multiple long cylinders could be placed under the floor of
the cabin.

These types of tanks are less efficient compared to spherical tanks, as they have more surface area com-
pared to their volume, which increases the weight of the tank. Also, again multiple tanks need to be used,
increasing complexity in the system, albeit less complex than the many spherical tanks option.

It is expected that, due to the simple shape, the tank will have a lower tooling cost compared to the spherical
tank. However, more material will be required for the tank, which increases the material cost.

Multi-spherical tank:

The last option that is discussed is a multi-
spherical tank (MST). This tank shape con-
sists of multiple spheres that overlap each
other. Various shapes are possible regarding
the number of spheres. For example, one
could stack eight spheres in a 2 x 2 x 2 con-
figuration, or place nine spheresina3x3x1
configuration. This allows for great flexibility
in shape. An example of the tank is given in
Figure 12.2
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In addition, as the tank consists of spheri-

cal components, it has better characteristics Figure 12.2: Example MST [80, p.79]
than the cylindrical tank with respect to sur-

face area. Also, as the spheres are all attached

to each other, only one set of connections and boil-off valves is needed for the tank.

It is expected however that the tank will cost more than the previous options. This is due to the unusual
shape which would require a more complex mold.

Trade-off
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In Table 12.2 each tank is given a qualitative score for flexibility, efficiency and cost. A single positive or
negative sign is awarded whenever a shape option has a better or worse performance compared to the
other options. Two positive or negative signs are awarded whenever a shape option has a clear considerable
advantage or disadvantage over the other options.

During the design of an aircraft, subsystems have to reckon with other subsystems. Flexibility was consid-
ered the most important criteria during the design process due to the novelty of the design. Efficiency was
treated as the second most important criteria since sustainability plays a major role in this design process.
Cost was considered as well since the allowable manufacturing cost of the aircraft is limited.

Table 12.2: Qualitative overview of tank shape scores

Spherical Cylindrical MST
1. Flexibility _- T =
2. Efficiency ++ - +
3. Cost + + -

In Table 12.2, it can be seen that either a spherical tank or a MST are favourable options. However, the
spherical tank can only be placed behind the cabin while the MST can be placed under the cabin or in the
wings as well. In order to remain flexible the MST was opted for. Furthermore, due to the flexibility of the
MST it is able to position it close to the fuel cell and thus keeping critical piping as short as possible.

12.4. Tank Materials

Before continuing on to the sizing of the tank, a choice is made on the type of materials used in the tank. A
material is selected for the tank wall and for the insulation on the inside of the tank. In addition, inner- and
outer-liners were needed to protect the tank wall and insulation. A literature study was performed to get an
overview of the possible materials for the tank.

Table 12.3 gives a summary of the materials that have been chosen for the tank design, in addition to the
density and thermal conductivities used in the sizing equations 2 3. The liners were not used for the calcu-
lation of the insulation, therefore no thermal conductivity is given.

Table 12.3: Overview of the materials used for the tank sizing

Type Material Density Thermal conduc-
[kg/m?3] tivity [W/(m K)]

Tank wall CFRP - AS4/8552 ply 1580 7.5

Insulation Polyurethane - B3 32 32 0.022

Inner liner Aluminium 5052-H38 2700 -

Outer liner Polyamide-12 1010 -

Tank Wall

When choosing a material for the tank wall, it should be kept in mind that the tank needs to function at
cryogenic temperatures (20 [K]). In addition, the tank will be kept at a pressure of 3.8 [bar] due to boil-off of
the LH2. Several material options were found as possible tank walls for cryogenic tanks: metals, continuous-
fibre composites and reinforced metallic composites [81, p.24]. From these three, it was decided to choose
either for the metals or the composites as little information was available on reinforced metallic composites
in cryogenic applications.

Both metals and composites are able to be used in the tank, but composites do come with some additional
complications. Firstly, due to the big temperature differences that the tank experiences, differences in ther-

2URL: https://www.engineeringtoolbox.com/metal-alloys-densities-d_50.html [Accessed on: 10-6-2021]
SURL: https://designerdata.nl/materials/plastics/thermo-plastics/polyamide-12 [Accessed on: 10-6-2021]
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mal expansion between the fibres and the resin of the composite could weaken the tank. In addition, the
hydrogen may diffuse into the resin of the composite, leading to delamination of the tank walls [82, p.7].
However, these problems can be mitigated, by for example using materials with corresponding thermal
coefficients and using liners to prevent hydrogen from diffusing. This would allow for a lighter fuel tank.
It must be recognized that composites score lower compared to metals regarding the recyclability criteria.
The weight savings do increases the efficiency of the aircraft, which is also a Green Indicator and as the mass
budget is limited, it is decided to continue with composites as the material type for the tank wall.

From I. Tapeinos, it was found that carbon-fibre-reinforced polymers (CFRP) can be successfully used for
the tank wall of MST in cryogenic operations [80, p.4]. The CFRP used in the the paper is made of the ply
AS4/8552 [83, p.5]. This ply consists of a high strength and high strain aerospace grade carbon fibre, AS4,
and an epoxy resin, which are combined in a one-to-one ratio 4. This composite type is adopted for the fuel
tank as it is shown to be able to work at cryogenic operations.

Tank Liner

The paper also discusses the use of a liner inside the tank. This liner is needed to protect the composite
from delamination, which can occur when hydrogen diffuses into the matrix of the composite wall. The
suggested material for the liner was Polyamide-12. This polymer however, was shown to produce cracks
during cryogenic operations of the tank. Another possible option is to use metal coatings as a liner material.
The problem with metal coatings however, is that the coating might separate from the tank wall during
thermal cycling due to differences in thermal coefficients °. This problem is however also present when
using polymer as the liner material [80, p.100]. Therefore, it is opted to design the inside liner out of a
metal.

One of the possible metals is aluminium. An aluminium foil can be placed on the inside to shield the com-
posite from hydrogen vapour. Another option is to evaporate aluminium to create an uniform aluminium
film inside the tank [84, p.1], but from a literature research, the maximum thickness that was reached with
this method was 500 [nm], which limits the possible usage of the method [85, p.1]. Therefore, it is decided
to use an aluminium foil on the inside of the tank as this allows for more flexibility in the thickness of the
liner. The alloy 5052-H38 was chosen due to its ductility at cryogenic temperatures 8. It is however difficult
to find the thickness needed for the liner as data on aluminium permeability varies significantly [86, p.2].
For now, an assumption of 1 [mm] is taken for the foil. In the future, a test should be performed to obtain a
more accurate thickness. The assumption is justified as the mass of the liner only has a small influence on
the total mass of the tank.

Insulation

With the tank liner sorted, the insulation can now be designed. There are several ways to insulate the tank.
An option is to use aerogels, materials which are light and have low thermal conductivity. Aerogels however,
are very brittle and are therefore not a viable solution for cryogenic operations [80, p.31]. The second option
is to use multi-layered thermal insulation. Layers of thin sheets are placed around the tank and prevent heat
loss by radiation. They do require a high vacuum to operate. The last option is to use rigid foams. Foams do
not require a vacuum and can work at cryogenic temperatures [80, p.31]. The use of foams however comes
with a drawback; air is able to travel through the foam and get in contact with the tank. Due to the low
temperature of the tank, the air will condensate in the foam [82, p.9]. To prevent this, the foam needs to be
shielded from the air. This can be done with a plastic liner around the tank and filling the foam with a non-
condensable gas, such as helium. A possible foam type for the tank is polyurethane as this foam material
performs well in cold temperatures [87, p.1].

There are several types of polyurethane foams. From A. Demharter it is obtained that high density foam,
Polyurethane B3 32, is used for cryogenic applications [87, p.5]. This type has a density of 32 [kg/m3] and a
thermal conductivity of 0.022 [W/(m*K)]. For the liner of the foam, it is possible to use Polyamide-12. This
material is chosen as it has a low density and it has a low permeability [80, p.130]. The latter is needed

4URL: https://www.hexcel.com/user_area/content_media/raw/HexPly_8552_eu_DataSheet.pdf [Accessed on: 1-6-
2021]

5Ppersonal communication: Prof. dr. ir. S. van der Zwaag - Aerospace materials

SURL: https://www.gasparini.com/en/blog/metals-and-materials-for-low-temperatures/ [Accessed on: 14-6-2021]
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to protect the foam from condensed air. The reason why Polyamide-12 can be chosen for the liner on the
outside is that it will not be in contact with cryogenic temperatures, which caused the polymer to crack. For
the same reason as the aluminium liner, it is difficult to determine the thickness of the polymer based on
the permeability without testing. Therefore, the thickness of the polymer is set to 1 [mm]. It should be testes
whether this thickness is able to hold the helium gas within the foam. This decision is justified as the mass
of the liner only has a small influence on the total mass of the tank.

12.5. Final Tank

The tank for the H,OPPER has been sized using a
tool based on the equations from Section 12.7. The
following layout has been chosen: seven 6 x 8 tanks
will be placed in the belly of the aircraft, where each
wing will be served by three separate tanks to in-
crease reliability. An example of a single tank with-
out insulation is shown in Figure 12.3. The sev-
enth tank can only be used when flying with less
payload, to reach an improved range. The internal
radii of the sphere is 145 [mm]. The tanks take up
a space of of 155 [cm] laterally, 395 [cm] longitudi-
nally and 34 [cm] in height. This includes the in-
sulation, the liners, and a margin of 5 [cm] on each
end for valves. The thicknesses and masses of the
individual layers are given in Table 12.4

Figure 12.3: Example of a single tank

No pumping system is needed for the system. As the tank will be pressurized by the boil-off, only valves are
needed to control the flow of the LH2.

The tanks together have a mass of 156 [kg] and are able to carry 234 [kg] of LH2, of which 23 [kg] is reserved
for boil-off. When flying at maximum payload, only 118 [kg] of LH2 can be taken onboard, of which 10 [kg]
is reserved for boil-off.

In Figure 12.4, the usage of the LH2 against the flight time is shown for a maximum range flight. For this
graph a constant usage of the fuel cell is assumed and a 45 [min] reserve fuel time is considered. The boil-
off during the flight is also shown. It can be seen that the boil-off only consists of a small part of the LH2
onboard.

A list of recommendations is given in Section 12.9, which need to be considered before the tank can be
installed into the H, OPPER.

LH2 usage during flight Table 12.4: Overview of the material thicknesses and masses
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100 - Type Thickness Mass [kg]
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. Tankwall 1.11 101.9
401 = 2:;?:1; usage InSUIation >0 294
N = et = Inner 1 6'1
B Reserve fuel .
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T T 3 3 a Outer 1 18.6
Time, T [hr] .
liner

Figure 12.4: LH2 usage during flight
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Figure 12.5: Cross section of MST tank [80, p.80]

12.6. Expected Performance

First, the tank needs to be able to perform at a pressure of 3.8 [bar]. The safety margin of 50 % gives an
ultimate pressure of 5.7 [bar]. The reference tank, shaped with a 2x2 configuration, only showed bursts at
a pressure of 7.2 [bar]. The tank for the HyOPPER is sized with the same parameters, but with a different
shape of 6x8. The larger tank size could have an effect on the ultimate pressure the tank can withstand.
The tank thickness and junction straps however are sized accordingly to be able to withstand the desired
ultimate pressure. It is still recommended to perform a burst test to determine the actual pressure the tank
is able to handle.

Secondly, the tank needs to be able to perform in cryogenic temperatures of 20 [K]. At these temperatures,
the inner liner of the reference tank produced some cracks. This liner however was made of a polymer. The
tank of the H»OPPER will be made with an aluminium alloy, which should lead to less cracks compared to
the polymer due to the higher ductility at 20 [K]. Less cracks would also mean that delamination of the over-
wrap material is less likely. Therefore, the life-time of the tank is expected to be higher than the reference
tank. The life-time of the reference tank is however unknown. Several fuel-cycles need to be performed to
determine the actual life-time of the tank.

12.7. Tank Sizing

The sizing of the tank shell was done as suggested by Tapeinos, 1{80]. This means the tank consists of a CFRP
shell bounded by polymer hoops at sphere junctions. In order to size the MST, first a sphere configuration
has to be determined as seen in Equation 12.1. Here, mces is the cells in length direction, ncy the cells in
width direction and p.s the cells in height direction.

multicens = (Meells ) (Meells ) (pcells ) (12.1)

Tank inner volume

Once the configuration is known, the volume of the tank can be determined. In Equation 12.2 [80, p.83] the
volume of the centers refers to the volume that is found in the middle of a 2 x 2 x 2 cell tank when cells partly
overlap. Furthermore, the volume of the fillets refers to the volume formed when the surface between cells is
smoothened as seen in Figure 12.5. However, overlapping volume of spheres should be subtracted to avoid
considering it more than once. There, overlapping volumes are referred to as Vignges and are indicated in
Figure 12.5 with the light shaded area. Finally, in the middle of the four cells a cylindrical structural element
is placed. This volume should also be subtracted from the tank volume and is referred to as Veyiinders-

V= Vspheres + Veenters + Viillets — Vienses — chlinders (12.2)
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The volume of the spheres is computed in Equation 12.3. It is found by multiplying the number of spheres,
multiceys , with the volume of a sphere. R is the radius and is true for all spheres in the tank.

. 4
Vspheres =multicens g”RS (12.3)

To obtain the volume of the lenses in Equation 12.6 it first necessary to know the number of lenses. In
Equation 12.4 a geometrical relation has been given to compute the number of lenses with respect to the
configuration of the cells.

multi junctions = [Pcells (Meells — 1) + Mcells (Meells — 1)] Peells + Mcells Peells (pcells - 1) (12.4)

In Equation 12.5 the centroid distance between spheres is defined as d. By decreasing d two adjacent
spheres get closer to each other and thus Vie,sjuncrion increases. In Equation 12.6 the volume of all the
lenses is found by multiplying the volume of a lens junction by the number of junctions.

(2R —d)*(d* +4dR)

Viensjunction = 12d (12.5) Vienses = MUl tijunctions Viensjunction (12.6)

In order to find the volume of all the centers, it is important to know how many center volumes are in the
MST. Once again, this can be determined with a geometrical relationship seen in Equation 12.7.

multicenters = [(Meens — 1) (Meens — D] Peelts + (pcells - 1) (Reens — 1) (12.7)

Equation 12.8 is used to obtain the volume of the centers. As seen in Equation 12.9 the volume of a cen-
terlens is dependent of d and a new variable, the final ring radius R;;,g finas- In Figure 12.5 it can be seen
that Ryingrinal is the distance between the fillet and the center of the line connecting two sphere origins
d.

Veenters = MUl ticenters Veenterlens (12.8) 7 (2 Rring final — d)2 ( d? +4ad Rring final )
Veenterlens = 12d

(12.9)

To obtain Ry ;g finai three other parameters are needed which are shown in Equation 12.10. These concern
the fillet angle 61, the ring radius Ry ;ng and h;per is the spherical cap height. The spherical cap height is the
distance between the center of d and the intersection of the fillet boundary with d. The ring radius Ry ;g is
the distance between the point where two spheres would cross if there had not been a fillet and the center
of d. In Equation 12.11 it can be seen how R; ;. is derived using the Pythagorean theorem. In Figure 12.5
hinter is indicated on the line d. The spherical cap height is found using Equation 12.12. k; ;. depends on
the fillet angle 6; and the fillet radius Ry;;;¢,. The fillet radius Ry;j, is indicated in Figure 12.5. The fillet
angle, 01, is indicated in Figure 12.5 as well and is found using Equation 12.13.

: e el
?])] (12.10) erng =1\/R 2 (12.11)

Rringﬁnal = Rring + (R cos(01) — Rring) - (hinter tan

. alz
hinter = Rfler Sin (01) (12.12) 0, = arcsin(—) (12.13)
R+ Rejjiet
Next, the volume of the cylinders has to be determined in Equation 12.14. The volume of a cylinder is found
with the cylinder radius r¢,; and the length of a cylinder /., as seen in Equation 12.15.

Veylinders = M ulticenters Veylinder (12.14) Veylinder = 7T, C2y1 lcyl (12.15)

The cylinder radius ry; is calculated in Equation 12.16 by taking the maximum of either of the three entries.
In this equation s is the width of a polymer strap, koyeriap is the strap arc length overlap parameter, j,nction
is the junction laminate thickness and Ay ;e is the height of the spherical cap in the tank center as denoted
in Figure 12.5 and determined in Equation 12.18.
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The rationale for Equation 12.16 is that the cylinder radius r.,; should first be able to accommodate the ring
cross-sectional areas of the four junctions with its perimeter. It should also be at least twice the junction
laminate thickness. Finally, r.;; should at least be equal to hcenrer to ensure a smooth transition of the
structural element.

2
45koverl _ 2 d
Teyl = Max %»zﬁunaion » Bcenter (12.16) ley1 = \/Rringﬁnal o Teyl (12.17)

In Equation 12.17 the length of the cylinder is determined with by applying the Pythagorean theorem with
Rying final» d and rcy;. Note that the length of the cylinder is taken at the boundary of the fillet by (% = Teyl)
in Equation 12.17.

2R-d\V?2

2 (12.18)

heenter =
After using the previous equation to calculate V;yingers the volume of the fillets Vi, is calculated with
Equation 12.19. In order to calculate the volume of a single fillet in Equation 12.20 it is necessary to know
the triangular cross-sectional area A;;;angie Of the enclosed space between the fillet and the original sphere
boundaries. Moreover, the cross-sectional area A4, thatis needed is created by the fillet radius in A qngie-
Both these areas are indicated in Figure 12.6.

Villets = Mul tijunctions Viillet (12.19) Viillet = (Atriangle — Acap ) (27 Rring ) (12.20)

N
26, Rrinet
\ _
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\\\\\
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Figure 12.6: Cross section of MST tank 2 [80, p.82]

In Equation 12.21 and Equation 12.22 it can be seen that A;;;qng1e and Acqp depends on geometrical rela-
tions with as parameters Ry;;;; and 0.

. R?
bh  (2Rgiiet Sin (01)) (Rcos (61) — Rring ) Acap = —22L (26, —sin (261)) (12.22)
Atriangle = 7 = 2 2

(12.21)

Some of the parameters used in the volume calculations need to be determined by testing. These parame-
ters are; the fillet radius, R¢;¢r, the polymer strap width, s, the strap overlap ratio,Kyyeriqp and the junction
thickness jynction. The values for these parameters could be found as a ratio of the radius of each sphere.
The optimal values for these numbers were found to be: 0.1, 0.35, 0.75 and 0.027 respectively.

Tank surface area

The surface area of the tank is an important characteristic for determining the insulation thickness since
larger surface area allows for more heat to be transferred [80, p.83]. In Equation 12.23 the surface area of
the tank is determined by distinguishing different parts of the tank, as done before in Equation 12.2. The
method of obtaining the parameters of this equation are given below.

S= Sspheres + Sillets + Scylinders + Scenters — Slenses — Sspheresﬁllets (12.23)
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To start, Sspheres is calculated using Equation 12.24. The equation uses the number of spheres, multices,
and the radius, R, of the individual spheres. The next equation is used to calculate Sgjjets , and can be found
in Equation 12.25. It uses the number of junctions in the MST, multijunctions , and the surface of the torus,
Storus - Storus iS found by using Equation 12.26. This equation uses the width of the hoop ring, s, the inter-
section radius with fillet correction, Ryingfinal» and the relative angle of the intersection, ycyl. Ryingfinal Was
found earlier using Equation 12.10 and vy is found by using Equation 12.27. The inputs of this equation
are: the length of the central hollow tube, Iy, and again Ryingfinal , both obtained earlier.

Sspheres = MUl ticels AmR? (12.24) Sillets = MUl tijunctions Storus (12.25)
2T =Yyl ) lcyl

S =27 S Ry —_— (12.26) = arcsin (—) 12.27

torus ringfinal ( o Yeyl 2 Rpingfinal ( )

The next equations are used to calculate Scyjinders With Equation 12.28. Inputs are the number of centers,
multicenters, found using Equation 12.7, and Scylinger - The latter is obtained using Equation 12.29. The
inputs are the radius of the central hollow tube, r¢y, and length of the central hollow tube, I.. Both are
obtained earlier.

Scylinders = multicenters Scylinder (12.28) Scylinder =27 (rcyl lcyl + rczyl ) (12.29)

Next, the Scenters iS calculated using Equation 12.30. The inputs of this equation are the number of centers,
multicenters and Scenter - The latter is found using Equation 12.31. The inputs of this equation are: the
radius of the spheres, R, and the height of the spherical cap in the center, Acenter - Hcenter 1S already obtained
using Equation 12.18.

Scenters = mul ticenters Scenter (12-30) Scenter =2 [ZﬂRhcenter ] (1231)

The following equation looks at Sjenges , Which is calculated using Equation 12.32. The inputs are the number
of junctions in the tank, multijunctions, and Siensjunction - The latter is found using Equation 12.33. The
input of this equation is the height of the spherical caps at the intersections, /cap , and can be found using
Equation 12.34. The inputs of this equation are the radius of the spheres, R, and the intersection radius,
Riing - The latter is already obtained using Equation 12.11.

Slenses = MUl tijunctions Siensjunction (12.32) Slensjunction = 2 (2 heap ) (12.33)

- 2_p2
heap =R—1/R*=R3 . (12.34)
The last equation concerns the calculation of Sspheresfillets » Which is performed using Equation 12.35. The
inputs of this equation are the number of junctions in the tank, multijunctions, and Sspherefiller » Which is
obtained from Equation 12.36. The inputs of this equation are the radius of the spheres, R, and the cap
height at the intersections, hinter . The calculation of hjnte; is already shown in Equation 12.12.

; Sspherefillet = 2 [27 R Ringer | (12.36)
Sspheresfillets = mult ljunctions Sspherefillet (12.35) spherelrie inter

By combining all the parameters into Equation 12.23, it is possible to find the surface area of the tank for a

certain configuration.

Tank mass

Finally, the tank mass can be calculated with Equation 12.38. This is done by multiplying the tank surface
area with the respective material thickness based on the thin-walled assumption and the density of the
composite, pcomp - In the equation, a clear distinction is made between the thickness of the spherical cell,
t, and the thickness at the intersection of two spheres fjunction - The other inputs of the equation are the
different surface areas: Sspheres » Scenters » Slenses » Sspheresﬁllets » Sfillets and Scylinders .

PR
t = Max | ————, 61y (12.37)
20 allowable
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The thickness of the spherical cell is determined in Equation 12.37. It can be seen that the thickness is either
aminimum of 6#,;,, or dependant on the pressure B, the allowable stress of the laminate 0 4170w abie and the
radius R.

Mstructural = Pcomp t (Sspheres + Scenters - Slenses - Sspheresﬁllets ) + Pcomp tjunction (Sﬁllets + Scylinders ) (12.38)

Insulation

The sizing of the insulation layer is an iterative process. The first step is to calculate the surface area of
the insulation layer on the inside of the fuel tank, Scy, . This is easily done by repeating the steps for the
fuel tank surface, but replacing the sphere radius , R, with the insulation radius, Ry, , which is found by
using Equation 12.39 and assuming an initial value for the insulation thickness, fj,s. In addition, the same
centroid distance, d, should be used to get an insulation layer that fits around the tank.

Next, the heat transfer from the outside to the inside, Q , is calculated using Equation 12.40. This is the
energy in Joules that is allowed to be absorbed by the tank. In this equation, BOR is the boil-off rate in
percentages, My is the mass of the hydrogen and A Hy,p, is the heat of vaporization of the liquid hydro-
gen.

The next step is to find the tank coefficient of heat transfer, U. This is done by using Equation 12.41. This
equation uses Scryo calculated using the assumption on fs. In addition, the temperature difference be-
tween the outside and the inside of the tank, AT, is needed. A lower value of U means that the tank should
be able to resist heat absorption more. With this overall tank coefficient, the individual components of the
tank are determined, among which is the insulation.

With the tank coefficient of heat transfer, the fj,s can again be calculated with Equation 12.42. The inputs
for this equation are: the thickness of the composite layer, t, the thermal conductivities of the composite
and the insulation, kcomp and k;,s, and the heat transfer coefficient of the outside, ho,,. This parameter
is dependent on the flow of the air around the tank; the lower the value, the more insulation is needed. A
value of 30 [W/(m?K)] is assumed, based on ventilated air ’.

The new tj,s is used from the start of the insulation thickness calculation. The iteration will stop after a set
margin is reached. The margin for the iteration is set to 0.0001 [m] as smaller differences lead to insignificant
changes in the mass of the insulation.

When calculating the f,s, it was found that no insulation was needed. This did not sound correct, but the
verification of the tool showed correct behaviour; decrease in allowable boil-off rate leads to more insula-
tion, and the units used correspond in the equations. One of the possibilities that could have lead to this
result is that the allowable boil-off rate could be too lenient, therefore eliminating the need for insulation.
Only by testing the boil-off on a real tank it is possible to verify that no insulation is needed. To prevent
any problems in the future, a 5 [cm] layer of insulation is added as a contingency in the case that the tank
does require insulation. This number was chosen as it allows for some margin in the insulation while not
negatively impacting the Cg4, due to the bigger fuselage needed. In the sensitivity analysis, the insulation
size will be increased even more to see the effects of a thicker layer.

Reryo = R+ fins (12.39) Q=BOR- M2 AHyap (12.40)
1 _ Lins 1
U kcomp kins hout

U =Q/(Seryo -AT) (12.41) (12.42)

With the insulation thickness sorted, it is time to calculate the mass of the insulation, Mjsulation - This is

done by using Equation 12.43 [80, p.86]. This equation uses fins and Scryo from the process above. Only the
density of the insulation, pjs, needs to be found.

Minsulation = Pins fins Scryo (12.43)

7URL: https://www.engineeringtoolbox.com/convective-heat-transfer-d_430.html [Accessed on: 14-6-2021]
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Liner materials

The sizing of the liner materials is faster than the sizing of the insulation as the thicknesses of the liner
materials is already known. There are two different liners: a metal coating on the inside of the tank and a
polymer layer on the outside of the tank. The thicknesses of these are respectively: fiinerinner and finer,outer -
For the calculation of the mass of the liners, it is first needed to find the surface area of the liners. This is
done by using the same calculation method for the fuel tank surface, but replacing the sphere radius, R,
with Rjinerinner OF Riinerouter - These radii can be found by following Equation 12.44 and Equation 12.45. The
masses of the liners can then be found by following Equation 12.46. In this equation Sjj,er is the surface
found from the new radius and pjj,e; is the density of the liner material used.

Rliner,inner =R- tliner,inner (12-44) Rliner,outer =R+ lins (12-45)

Miiner = Pliner liner Sliner (12.46)

Tank outer volume

The outer volume of the tank is determined by first considering the outer dimension of the spheres. This is
done by subtracting the overlapping dimension of the spheres from the sphere dimension if there would not
be overlapping. Then the thickness of the insulation and liner are added. In Equation 12.47 dimension;,,»,p
and g, n,p are the dimension and number of spheres in m, n or p direction, respectively.

dimension, n,p = 2qm,n,pR — (Gm,n,p — 1) (YR) + tins + tiner (12.47)

12.8. Limitations of the Sizing Method

The sizing of the tank comes with limitations that need to be remarked before advancing. The sizing of the
surface area gets less accurate when R — 0 [mm] and the surface area S is negative for R < 130 [mm)]. The
largest contributors to S in Equation 12.23 are Sspperes and Sjepses- In Equation 12.24 and Equation 12.34
it can be seen that Sgpperes is quadratically related to R and Sjeyses is linearly related. This means that for
small values of R S;¢ses is larger than Sy peres and S is negative as a result.

Furthermore, the insulation thickness iteration will diverge if the surface area is not in proportion with the
hydrogen in the tank. This is explained by realising that the heat flow in the tank increases for larger S and
that smaller amounts of hydrogen require more insulation to accomplish a 1.6% BOR. This means that for a
set R and decreasing hydrogen mass the iteration will have more repetitions until it ultimately diverges. For
this method with a 2 x 2 x 2 configuration and a sphere radius of 1 [m] a starting hydrogen mass of 11 [kg] is
critical.

12.9. Recommendations

There are a few recommendations for future design phases of the tank. These parts have not been con-
sidered in detail, but need to be considered when implementing the tank in the HoOPPER. A list of the
recommendations is shown below.

* Hydrogen Leakage
Hydrogen leakage is a possibility. This should be prevented as hydrogen mixed with air is a highly
explosive gas. To make sure that the compartment of the LH2 tank is safe, the space should be con-
tinuously ventilated, as well as the areas that the pipelines run through. Sensors should be placed
to be aware of where the hydrogen is leaking and the quantity of the spilled hydrogen. In addition,
the walls of the compartment in which the tank is located should be made hydrogen tight to prevent
hydrogen from permeating into other areas. In later phases, a more detailed analysis should be done
on materials with a low hydrogen permeability to make the LH2 tank compartment hydrogen tight.
Also, considerations should be made on the placement of ventilation and sensors, as hydrogen floats
to the top of the compartments due to its low density.

¢ Tank pressure control
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In order to control the mass flow of the withdrawn LH2 in the tank a pressure control system should
be considered. This could be done by introducing heat in the tank in a controlled manner. This way
the boil-off could be controlled so that a constant pressure is achieved in the tank. It could also be
possible to design the tank to have an equal amount of boil-off volume to the mass flow volume of
the LH2. However, this would make the tank specific to a set tank-fuel cell combination and thus
decreasing the flexibility of the hydrogen system.

* Tank cross-link
It is useful to have the tanks cross-linked with each other. In case of an engine-out situation, the LH2
intended for one engine can be used by the other engine. To implement this system, it is needed to
determine the way the hydrogen is transferred between the tanks; either by using the pressure of the
LH2 or another system. By cross-linking there is however more chance for hydrogen to leak out of the
tank. Appropriate safety measures need to be established before this can be implemented

* Belly Landing
As the tank is placed in the cargo hold of the aircraft, belly landings can become a critical situation.
The cargo hold might get crushed and thereby putting loads on the fuel tanks it is not designed for.
To make sure that the tank does not collapse, the structure around the tank should be made so that
the tank will not get to carry additional loads during an impact. Another option is to analyze other
locations of the hydrogen tank which can eliminate this problem.
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Verification and Validation

This Chapter describes the verification and validation procedure during the design process. Verification
and validation are independent procedures that make sure that the final design meets the requirements
and fulfills its intended purpose. The Verification procedure for all the different subsystems is presented in
Section 13.1 and the validation procedure in Section 13.2.

13.1. Verification

Multiple programs were written in Python to aid with calculations. To verify these programs, various unit
and system tests were performed. For the unit testing, there are several approaches that are followed; first,
the outputs of individual parts of the code were compared to hand calculations with the same inputs. Sec-
ondly, the behaviour of the units to certain inputs were compared to expectations. Thirdly, the sign and
order of magnitude of outputs were compared to expectations.

13.1.1. Oswald Efficiency

The method to calculate the Oswald efficiency factor as described in Section 8.3, takes into account many
different factors. However, simpler methods for Oswald factor estimation exist. For example, Raymer [34]
presents a relation purely based on the aspect ratio of the aircraft, shown in Equation 13.1.

e=1.78(1-0.045A"%) —0.64 (13.1)
This formula estimates the Oswald efficiency to be 0.775, which is only a 1.3% difference.

13.1.2. Fuel Tank

Several inputs were altered to check whether the outputs showed the correct behaviour. The first set of tests
focused on the insulation. Several parameters such as the thermal conductivities and the allowable boil-off
rate have an influence on the insulation thickness. The second set of tests put emphasis on the geometrics
of the tank. Inputs such as the centroid distance and the number of spheres have an influence on the surface
and volume of the tank. The correct behaviours were observed and therefore the sizing of the fuel tank has
passed the performed system tests.

13.1.3. Structures

Unit tests were performed by testing individual functions with hand calculated results. In order to make
hand calculations viable, a simplified load case was used. A taper ratio of 1 was used and one load was
considered at a time. To ensure that the tool also works properly with different taper ratios, a system test
was conducted for this.

The first conducted system test was doubling the skin thickness of the wingbox with no stringers present.
The expected result for this test was that: all the stresses in the skin would be halved and the wingbox
weight would be doubled. This is due to the linear relation between skin thickness and moment of inertia.
The observed result matched the expected result

As a second system test, the taper ratio was changed from 1 to 0.5. This was done to ensure that the tool
handled this correctly, as it was not part of the unit testing. The moment of inertia at the root was expected
to decrease by a factor of 8 (23), as the moment of inertia of the skin is a function of the width/height to
the third power. The bending stress is inversely related to the width/height to the power 2. This meant an
increase of 1/(0.75%) = 1.78 factor increase was expected at the middle of the wingbox. Both results were
observed as expected.

95
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The third system test was performed to verify the effect of the stringers. Five stringers were added to the
top skin and two to the bottom skin. The expected result was a large decrease in stress on the top skin and
a smaller decrease in the bottom skin. This is achieved by moving the centroid up through the addition of
more stringers at the top skin. The bending stress in the top skin was observed to be reduced by a factor of
1.5 and in the bottom skin with a factor of 1.3.

Finally, as a larger system test, the weights of the individual components are compared to the values ob-
tained with the class II weight estimation. The results can be found in Table 13.1. The weight of the wing
was higher than expected, this could be contributed to the conservative assumptions that were made, one
of them being the constantly distributed lift force. The same applied to the weight of the horizontal and
vertical tail. The weight of the fuselage was also higher than that of the class II weight estimation. This was
mainly due to the sizing of the fuselage with a constant cross-section.

Table 13.1: Comparison between the weights of the structural components and the weights obtained from the class II weight

estimation
System Design Class II
weight [kg] weight [kg]
Wing 795.2 725
Horizontal tail 107 98.3
Vertical tail 83.4 62.5
Fuselage 1064 1019.8

For the landing gear tool, several parameters regarding constraining angles were altered to see if expected
values were computed. This showed that the tool was reliable for realistic values. An example: if the tip-
over angle is increased, a more aft placed main landing gear would be required. This also means a higher
nose wheel loading if a constraint is placed on the most forward location of the nose landing gear. A hand
calculation including a sketch on scale showed that the tool computed the correct values to maintain the
required separations.

13.1.4. Center of Gravity- & Weight -estimation

The weight estimation was tested by checking each of the individual weight estimation equations with hand
calculations. After this, the weight of each subsystem/part with its corresponding center of gravity was
manually inputted in an excel sheet that calculated the center of gravity of the OEW. The total center of
gravity that resulted from the excel sheet was equal to that of the python script. As a second test, a system
test is executed. In this test, several parameters such as c.g.s of parts and part-specific parameters such as
the wing surface area were changed. All the inputs showed logical results and thus no unexpected behaviour
was perceived.

13.1.5. Scissor Plot

For the scissor plot, the python program was verified using so-called sanity checks that originate from the
source of the method. These sanity checks consisted of empirical formulas that verify the order of magni-
tude of the calculated coefficients and gradients. Additionally, all the values were re-calculated by hand.
Lastly, units tests were performed, in which parameters such as the c.g. of the wing, the wing surface area
and the airfoil dependent coefficients were altered. These alterations resulted in behaviour that was ex-
pected and thus verified the program.

13.1.6. Vertical Tail Sizing

The vertical sizing was verified by first hand calculating each separate equation and by order of magnitude
sanity checks. As explained before in Subsection 7.3.1, a statistical method based on comparable aircraft
was also applied to function as a reference value for a conventional configuration. To verify the vertical tail
sizing tool at a system level, example values from [40] and [39] were used as an input to check the stability
derivatives calculations. Since the tool used exactly the same method, the calculations were verified when
the values matched exactly as well. The one engine inoperative sizing method presented by Torenbeek in
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[22] was then used as a simplified model to verify the final result of the vertical tail area. As mentioned
in Subsection 7.3.3, however, the disturbances were unknown and thus neglected, making the verification
less reliable. An average difference of 10% was observed, where the method from Torenbeek consistently
estimated a higher area. This discrepancy could be caused by different methods used for estimating Cr,,,
and 1, since Torenbeek’s method for estimating both constants was not explicitly mentioned and the impact
of these constants are highly determinant for the final result. More likely, however, is that the neglected
disturbances caused this discrepancy. Nonetheless, this relative difference was considered accurate enough
due to the highly sensitive nature of calculations with small constants in the denominator.

13.1.7. Estimation of Cp,

The estimation of the Cp, was verified by first verifying the individual wetted area calculations of the differ-
ent parts of the aircraft. This was done with a combination of sanity checks and doing simple hand calcu-
lations. Also, the Reynolds number was verified individually by checking the order of magnitude. Finally,
logic tests were performed where certain surface areas were increased to examine the behaviour of the Cp,.
The tool behaved as expected, meaning the tool was verified on a system level.

13.2. Validation

The validation procedure for all the different subsystems is described in this section. Validation is per-
formed by comparing data to that of reference aircraft or by actual test which are post DSE activities.

13.2.1. High Lift Devices and Ailerons

In Table 13.2, the percentage of the span covered by high lift devices and ailerons is shown. As can be
seen, the H,OPPER has rather big high lift devices, especially considering they are fowler flaps, while most
reference aircraft use plain or slotted flaps. This can be explained by the very large maximum lift coefficient
required by the aircraft. Furthermore, the Twin Otter, which also has short take-off and landing capabilities,
has an even larger HLD.

Table 13.2: Span percentage HLD and ailerons

Aircraft High lift device [%] Aileron [%]
L410 NG 49 43
Beechcraft 1900D 44 44
Jetstream 49 33
Twin otter 95 18
Dornier 50 33
H,OPPER 65 20

13.2.2. Oswald Efficiency

Validation of the estimation method for the Oswald efficiency factor is challenging at this stage, since little
can be found for other reference aircraft Samoylovitch et al [88], found the factors for a number of reference
aircraft. The only aircraft similar to the HoOPPER is the Beechcraft, which is reported to have an Oswald
efficiency of 0.76. This is enough to validate the calculation is in the right range. However, during future
design phases, CFD and wind tunnel testing is necessary to better validate the Oswald efficiency factor, as
itis an important parameter for estimating aircraft drag.

13.2.3. Power Output

To validate the power output that is required for take-off it was decided to compare the maximum engine
power with similar propeller aircraft. The power that is required during take-off was estimated with the
help of the take-off parameter that was used in the building of the W/P and W/S diagrams. This take-off
parameter is based on all sorts of propeller engine aircraft. Therefore it was decided to validate if the power
output that is calculated actually corresponds to other twin-engine propeller aircraft. In Table 13.3 the
specification of reference propeller aircraft can be found. In Figure 13.1 the resulting plot from the data can
be seen, with MTOW in [kg] on the x-axis and power output in [kW] of the engines on the y-axis. The red dot
represents the HoOPPER. What can be seen is that the power output is lower than what would be expected
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for the aircraft. This can be easily explained by taking a closer look at two parameters that influence the
power that is required for take-off. First of all, if the wing surface area of an aircraft is bigger less power will
be needed for take-off since more lift is generated. The two lower outliers are the HoOPPER with a surface
area of 43 [m?] and the CASA c212 with a surface area of 41 [m?] which are both significantly higher than the
other aircraft that are considered. Another important parameter that influences the take-off power is the
lift coefficient during take-off. The average lift coefficient of twin-engine propeller aircraft during take-off
is between 1.4 and 2 [89]. The lift coefficient of the H»OPPER during take-off is 2.4. Both the reasons stated
above justify why the output power that is necessary is lower than what would have been expected from
looking at reference aircraft.

Table 13.3: Reference propeller aircraft specifications

Aircraft MTOW [kg] Power [kW] Wing surface area [m”]
L410NG! 7000 1340 34.86
DHC-6 Twin Otter> 5670 1118 39
Beechcraft 1900D® 7764 1908 28.8
Dornier Do 228* 6575 1158 32
L410° 6600 1194 34.86
Harbin Y126 5300 924 34.27
PZL M 287 7500 1640 39.72
CASA c2128 8000 1342 41
Jetstream 31° 6954 1400 25.2
Metro II1'0 7257 1500 29
H,OPPER 8618 1460 43

1URL: http://www.let.cz/documents/L410NG. pdfhttp: //www.let . cz/documents/L410NG. pdf [Accessed on: 17-06-2021]
2URL: https://en.wikipedia.org/wiki/De_Havilland_Canada_DHC-6_Twin_Otter [Accessed on: 17-06-2021]

SURL: https://www.globalair.com/aircraft-for-sale/Specifications?specid=28 [Accessed on: 17-06-2021]

4URL: https://en.wikipedia.org/wiki/Dornier_228 [Accessed on: 17-06-2021]

SURL: https://en.wikipedia.org/wiki/Let_L-410_Turbolet [Accessed on: 17-06-2021]

SURL: https://en.wikipedia.org/wiki/Harbin_Y-12 [Accessed on: 17-06-2021]

"URL: https://m28aircraft.com/general Informations/performance [Accessed on: 17-06-2021]

8URL: http://www.flugzeuginfo.net/acdata_php/acdata_c212_en.php [Accessed on: 17-06-2021]

9URL: https://en.wikipedia.org/wiki/British_Aerospace_Jetstream [Accessed on: 17-06-2021]

10URL: https://www.globalair.com/aircraft-for-sale/Specifications?specid=228 [Accessed on: 17-06-2021]
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Figure 13.1: Power output of the engines versus the MTOW

13.2.4. Energy Consumption

To validate the total used energy during flight, as well as the division energy used during each flight phase,
reference aircraft were consulted once again. In Figure 13.2, the range of different reference aircraft is plot-
ted versus the total output energy they use. For all aircraft, the range for maximum payload was chosen,
and the fuel mass belonging to that. It was chosen to compare output energies, since this is the most fair
comparison, because the efficiency of turboprop aircraft differs from the designed hydrogen fuel cell. To
determine the output energy for the reference aircraft, the fuel mass was multiplied by the specific energy
of kerosene (43M]/kg), and then multiplied by the efficiency. This was estimated to be 20%.[90][91]

Energy used max payload flight
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Figure 13.2: The output energy used for a max payload flight

As can be seen in the figure, the H, OPPER does not differ much from the general trend of reference aircraft.
It does have a large range compared to the used energy. The main reason for this is the energy savings
that are done during startup, taxi and cruise. Since the aircraft is fully electric, during these phases only
the batteries have to power subsystems of the aircraft, which is very efficient. A more detailed analysis on
the different flight stages is shown in Table 13.4. The fuel fractions were taken from literature, for general
turboprop engines. The fuel fraction for cruise was calculated with the Breguet range equation. They were
used to calculate the burned fuel for each stage. This was then compared to the HyOPPER. Clearly, startup
and taxi require very little energy. Furthermore, descent utilized relatively more energy. This is because a
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slow descent is chosen in order to recharge the batteries.

Table 13.4: Energy percentage for each flight phase

Stage Fuel fraction [92] Mass [%] H>OPPER[%]
Startup 0.99 10.9 1.3

Taxi 0.995 5.4 1.1

Take-off 0.995 5.3 6.3

Climb 0.985 16.0 15.3

Cruise 0.96 42.1 49.2

Descent 0.985 15.2 25.3
Shutdown 0.995 5.0 1.5

As a last validation check, the sensitivity to adding fuel was investigated. For this, the L 410 NG was con-
sulted, by looking at the range that was added by removing 1kg of payload and replacing this with kerosene.
The payload/range diagram was used for this. [93] For the L 410 NG, 1kg of fuel resulted in a range of 1.25
km extra. For the HOPPER, when adding 1kg of hydrogen and removing one kg of payload, an extra 10.3 km
can be flown, which is 8.3 times as much. Since the energy density of hydrogen is 3 times as big as kerosene,
and the efficiency is also more than twice as high, the actual ratio between the H,OPPER and the L. 410 NG
range per energy used, is 1.25. This means that the HyOPPER, when adding fuel, reaches a relatively larger
range then the L 410 NG. This is again explainable, since the HoOPPER uses less energy during the phases
on the ground.

13.2.5. Fuel tank

There are several methods to validate the design of the fuel tank. Firstly, the sizing method could be com-
pared to an existing fuel tank. From the paper of I. Tapeinos, a multi-sphere tank is obtained, which is sized
using the same geometric equations [80, p.130]. There was, however, a difference in the composition of the
tank; the tank in the paper does not contain an insulation layer. In addition, the tank liner on the inside is
made from a polymer, Polyamide-12, whereas the designed tank uses an aluminium alloy liner and a poly-
mer liner outside of the insulation layer. Therefore, only the tank masses without the liners and insulation
were compared.

For the comparison, the tank dimensions from the paper were used as an input in the code written for the
sizing of the fuel tank. The volume and tank mass are obtained as an output of the code and are compared
with the data given in the paper. The inputs and outputs of the code and the values from the real tank are
tabulated in Table 13.5. The two values that are compared are the volume and the mass of the tank. The
volume has a good match; a difference of less than 3 %. This is a large discrepancy, considering that the
intermediate values, such as the radius of the inner cylinder, correspond to the real tank within a 0.01 %
error. The error of the volume can be explained by looking at the length of the internal cylinder of the real
tank, for which an idealization was made for the shape. The length in the real tank is 0.110 [m], whereas the
code calculates a length of 0.088 [m]. The real tank is sized with a slightly longer inner cylinder, which leads
to an increase in volume of the real tank. This increase in volume is a fair addition, but it would mean that
more insulation is needed for the tank. This however is expected to be minimal for such a small increase in
surface and volume.

The mass of the tank has a larger error, a difference of 0.84 [kg] or 35 %. This is a large error that is not easily
explained. The mass of the tank is calculated by multiplying the surface of the composite with the thickness
and density of the composite. The surface formulas have been verified, the thickness used differs less than
1 % from the real tank, and the same composite density is taken in the code as in the report. This error could
be explained by the addition of metallic openings to the tank. These were omitted in the designed tank. If
this is the case, then the error will decrease with a larger tank, as only one inlet and one outlet is needed.
This sizing of the tank can then be seen as validated.
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Table 13.5: Output values from the tank sizing code and the given tank values [80, p.130].

Inputs - Outputs - Real values -
Number of spheres [-(] 2x2x1 Tank volume [L] 44.8 Tank volume [L] 46.1
Sphere radius [m] 0.145 Tank mass [kg] 1.54 Tank mass [kg] 2.38

The second method of validating will need to be performed on a physical tank. The physical tank shall be
similar to the designed tank in order to be able to validate the components that were not covered by the first
method of validating. The materials and their application that will have to be validated are the aluminium
liner, the insulation material and the polymer liner. In this validation method, the performance of the mate-
rial under cryogenic conditions will have to be tested as well as their performance after operational cycles.
For aluminium, it is crucial it is minimally corroded by hydrogen and that it is resistant to large changes in
temperature. The insulation should not crumble after operation cycles and retain its properties over time.
The polymer should be tested for its ability to protect the insulation. In addition, it should be tested whether
the composite tank wall is able to hold the pressure by means of bursts tests.

A decisive factor that will have to be tested is how the tank behaves with respect to large temperature
changes. Due to the materials having different thermal expansion coefficients it is important to observe
how the tank behaves after operational cycles. Peel off could be observed in case the coefficient are not
similar enough.

Finally, the atmospheric conditions should also be considered. The change in atmospheric pressure at alti-
tude could influence the isolation capabilities of the tank. Note that the isolation layer consists of PUR foam
and gaps in the foam are filled with a non-condensable gas. This means that as the atmospheric pressure
lowers the insulation gas will expand. The impact of this effect should be tested with regard to the insulation
material and the polymer liner that keeps the gas in place.

13.2.6. Manoeuvre and Gust Loading Diagram
For the validation of the manoeuvre and gust loading diagram, firstly the calculated design speeds of the
H,OPPER were compared to the design speeds of reference aircraft, as shown in Table 13.6.

Table 13.6: Design speed comparison between reference aircraft and the H)OPPER

Design speed [m/s] H;OPPER Beechcraft 1900D [94] Twin Otter [95] L 410NG [93]

VSO0 33.9 43.2

VS1 43.4 52.0

VF 60.8 84.9

VB 71.0 81.0
VA 74.3 91.6 67.9

As can be seen in Table 13.6, the stall speed with flaps out (VS0) and the stall speed with no flaps (VS1) both
are significantly lower than that of the Beechcraft 1900D. This mainly is because the HoOPPER has a shorter
take-off and landing distance than the Beechcraft (750 [m] against 1058 [m]). Furthermore, the wing surface
area of the HyOPPER is significantly larger, which also results in a lower stall speed. These two reasons also
explain the lower flap speed (VF) of the HoOPPER compared to the Beechcraft. Moreover, the design speed
of maximum gust velocity (VB) is in the same order as that of the Aircraft Industries L. 410 NG. Lastly, the
maneuvering speed (VA) is in between that of the Beechcraft and the DHC-6 Twin Otter.

The maximum load factors of the H»oOPPER were compared to the maximum load factors of the Aircraft
Industries L 410 NG, as shown in Table 13.7.
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Table 13.7: Maximum load factor comparison between the HoOPPER and Aircraft Industries L 410 NG

Maximum limit load factor H,OPPER L 410 NG [93]
Positive 3.40 3.21
Negative -1.40 -1.04

As can be seen in Table 13.7, both the positive and negative maximum limit load factors are a little bit higher
for the HoOPPER than for the L 410 NG. This difference mainly is because the HyOPPER has a higher wing
surface area than the L 410 NG (43 against 35 [m?]). This makes it more sensitive to gusts, which results in
higher load factors for the same gust speed.

Since there were no extreme differences in design speeds and maximum load factors that could not be
explained, the manoeuvre and gust loading diagram of the H, OPPER was considered validated.

13.2.7. Class-1I Weight Estimation

The class-1I weight estimation is aimed to compute an accurate result for the operating empty weight of an
aircraft. As reasoned in Subsection 7.2.1, the weight estimation of individual components can have large
fluctuations. Therefore, individual components/subsystems were not validated with one mass estimation
of another aircraft, but rather validated by comparing the weights and fraction of MTOW of subsystems
and parts of multiple aircraft. The data available to validate, originating from Torenbeek [38, p.266-288],
consisted of a number of aircraft that listed the weights and fraction of MTOW for several subsystems and
parts. All the weights of the individual components and subsystems of the HoOPPER, as listed in Table 16.8,
are converted to a fraction of the MTOW and then compared to the reference data. This resulted in no major
inconsistencies and it was found that every weight was within the range of the minimum and maximum
fraction of MTOW listed.

The OEW of the HyOPPER, that flows out of the class-II is validated by comparison to the Aircraft Industries
L 410 NG. It must be noted that the L 410 is not a hydrogen aircraft but rather powered by kerosene. As
the H,OPPER has hydrogen-specific systems, no direct comparison was possible between it and the L 410’s
OEW. To make a comparison of OEW’s possible, it was decided to subtract the maximum payload from
the maximum zero fuel weight (MZFW) for the L 410, which resulted in 4300 [kg] OEW. For the H,OPPER,
the mass of the hydrogen-specific systems is subtracted from the OEW (10% contingency included,) which
resulted in 5167 [kg]. The results are shown in Table 13.8 11,

Table 13.8: Weight comparison between the H» OPPER and Aircraft Industries L 410 NG.

Parameter H,OPPER L410NG
MTOW [kg] 8616.4 7000
OEW [kg] (w/o hydrogen systems) 5167 4300
OEW/MTOW 60.0% 61.4 %

As can be seen in the table above, the fraction of OEW over MTOW of the H,OPPER is only 1.4% lower than
that of the L 410. The small difference that does exist can be explained by the fact that the L. 410 has a few
kerosene specific systems, whereas for the H, OPPER all fuel-specific systems are subtracted from the OEW
(i.e. fuel-specific systems still exist for the L 410, but not for the HoOPPER.) Kerosene specific systems are
significantly lighter than hydrogen-specific systems, and can therefore account for the small difference of
1.4% between the two fractions. The H,OPPER’s operative empty weight, and with that the class-1I weight
estimation, is thus validated.

13.2.8. C.g. Loading Diagram
To validate the c.g. loading diagram, c.g. ranges of reference aircraft were compared with the c.g. range of
the H,OPPER, as shown in Table 13.9.

11URL:https ://www.airlines-inform.com/commercial-aircraft/1-410.html [Accessed on: 17-06-2021]
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Table 13.9: C.g. range comparison between reference aircraft and the HyOPPER

Aircraft C.g. range (as fraction of MAC)

L 410 NG [93] 0.19-0.30
Twin Otter [95] 0.20-0.36
H,OPPER 0.50-0.64

As canbe seenin Table 13.9, the c.g. range of the HoOPPER is of the same order of magnitude as the reference
aircraft (14% of the MAC against 11% and 16%). Furthermore, it can be seen that the c.g. range of the
H,OPPER is more to the trailing edge of the wing than those of the reference aircraft. This mainly is due
to the wing of the aircraft being located further to the front than those of the reference aircraft, to be able
to ensure small horizontal and vertical tail surfaces. Since the most important part of the c.g. range is the
magnitude and the difference in location could be explained, the c.g. range of the H,OPPER was considered
validated.
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Figure 13.3: Test-pyramid for structural validation [96]
13.2.10. Landing Gear

Validation of the landing gear placement was performed by comparing the positioning of landing gear of
reference aircraft.

Table 13.10: Landig gear placement comparison

H,OPPER L410 Twin-otter Jetstream 31

Nose landing gear [m] 1.50 3.14 1.90 1.84
Main landing gear [m] 6.24 6.81 6.42 6.40
Lateral separation [m] 2.48 3.65 3.70 5.94

From Table 13.10 it can be seen that the main landing gear positioning is in line with that of reference
aircraft. The nose landing gear is placed more forward to reduce the load on the nose landing gear. More re-
search will have to be performed to see if the 1.5 [m] is a possible placement in terms of space for retractable
landing gear. The lateral placement, however, does deviate significantly from that of reference aircraft. Even
though no requirement dictates a higher separation than the three criteria described in Section 5.6, the cur-
rent separation is just under 2.5 [m]. This higher separation can be explained by the available space for
retracting the main landing gear sideways, or for the extra required lateral stability. It is expected that the
main landing gear of the HoOPPER is able to retract sideways due to the landing gear height of under 0.5
[m] and the extra height of the fuselage compared to reference aircraft. The landing gear of the Jetstream 31
is placed at the engine location which explains the lateral positioning of 5.94 [m].
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13.2.11. Scissor Plot

To validate the scissor plot, the HoOPPER's ratio of the horizontal tail area over wing surface area is com-
pared to that of the Aircraft industries L. 410 NG and the DHC-6 Twin Otter-400. This comparison is shown
in Table 13.11 1213,

Table 13.11: Horizontal tail comparison between the Hyopper, L 410 NG and the Twin Otter 400.

Parameter H,OPPER L410NG Twin Otter
Horizontal tail surface area [m?] 9.0 8.4 9.45

Wing surface area [m?] 43 34.86 39.0

Tail over wing surface area ratio [-] 0.209 0.241 0.242

From the table above, it can be seen that the tail over wing surface area ratio of the HyOPPER is slightly
smaller than that of the other two aircraft. This difference can be explained by the fact that the H,OPPER
is optimized for a small horizontal tail by moving the wing to the front, and thereby creating a larger hori-
zontal moment arm. Furthermore, the c.g. range fitted exactly in the scissor plot, resulting in the favorable
scenario where the stability and controllability curves are simultaneously limiting. These two phenomena
result in a smaller horizontal tail surface area, which is why the small difference between the HoOPPER and
the two other aircraft is deemed acceptable. Therefore, the scissor plot and thus the horizontal tail sizing is
validated.

13.2.12. Vertical Tail Sizing

The vertical tail sizing tool was validated by comparison with the L 410 NG reference aircraft. Due to the L
410 also being a similar-sized two-propeller aircraft, the vertical tail was also likely to be sized for the one
engine inoperative condition, making a relevant comparison possible. All necessary inputs were obtained
from either inspection or the L 410 data-sheet from EASA [93]. The calculated tail size was then compared
to the tail size that was obtained from inspection. The tool estimated a tail size that was 15% larger than
the actual size. Considering that the tool included a 10% contingency margin for the tail-to-wing ratio,
this discrepancy was deemed to be within a reasonable accuracy and was thus validated for the purpose of
being an appropriate preliminary design estimator. However, it should again be noted that due to the highly
sensitive nature of the calculations and the relatively high uncertainty of the stability derivatives and rudder
effectiveness, the final design can still change quite significantly after a more in-depth CFD or wind-tunnel
testing.

13.2.13. Estimation of Cp,

The validation of the estimation tool for Cp, was carried out by using reference values from similar aircraft
(46]. Both the Reynolds number and the Cp, were compared to reference values. It was observed that for
comparable Reynolds numbers and characteristic lengths, the estimated Cp, was usually within 10% larger
than reference aircraft. This discrepancy is most likely caused by the larger taken contingency margin. Due
to the high impact and still relative high uncertainty, the decision was made to keep this high contingency
in place until wind tunnel tests indeed confirm a lower value. Although the estimated value is somewhat
higher than reference aircraft, it was considered to be within reasonable margin and thus validated.

2https://wuw.vikingair.com/sites/default/files/Viking-Twin-Otter-Series-400-Technical-Specifications-R-01-2018.
pdf[Accessed: 23-04-2021]
Bhttps://let.cz/documents/L410NG. pdf [Accessed: 23-04-2021]
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Ground Operations

For the ground operations analysis it was chosen to take a closer look at one of the possible markets that
will be served by the electrical island hopper: The Maldives. The Maldives is an island region that is lo-
cated south of India. The Maldives will be taken as a reference but the set-up of the ground operations
can be generalised so that it can be used in different island regions as well, with minimal alterations. This
chapter will show what is necessary as basis for the ground operations and logistics of the H,OPPER. In
Section 14.1 the machinery needed for hydrogen generations is discussed. After this in Section 14.2 the lig-
uefaction of hydrogen is discussed. Then, the logistics concerning the hydrogen transport are discussed in
Section 14.3. After this the storage facilities of the airport are presented in Section 14.4. In Section 14.5 the
aircraft refuelling process is discussed. Finally, in Section 14.6 the central hubs for other island regions are
presented.

14.1. Hydrogen Generation

One way to produce green hydrogen is with the help of an electrolyser. An electrolyser uses electricity to split
water into hydrogen and oxygen. If this is done with green electricity, the hydrogen can also be considered
green. One of the largest electrolysers that is in use today is the Atmospheric Alkaline Electrolyser (AAE) as
it can produce 8000 [kg] of green hydrogen per day ! . For a maximum range flight at max payload 120 [kg]
of hydrogen is needed. This means that for each AAE more than 60 maximum range at maximum payload
flights can be performed. Note that boil-off during transport and storage before the LH2 reaches the aircraft
is not considered in this approximation. The chosen number of AAE’s is thus dependent on the number of
hydrogen powered flights performed per day in the island region.

The needed energy supply for the AAE is 129 [GWh] per year. Options for obtaining that energy in a green
way is to make use of wind turbines or solar panels. In Table 14.1 an overview is made on the quantity
of these energy production methods if all the required energy would have to be provided by this method.
Depending on the geological and logistical characteristics of an island region a combination of those three
methods could be reasoned in a trade-off.

A large constraint of electrolyser technology is that so far only fresh water is feasible for operation. This
could be a complication for transportation logistics as around 72000 [kg] of water would be needed for the
AAE each day. Currently, research is being done into electrolyser technology that can work with seawater
[97]. However, no timescale is given as to when this technology might be available. This means that either
seawater needs to be desalinated or fresh water needs to be delivered to the AAE.

The AAE A3880 is a system that takes up a total of 770 [m?]. The island Funadhoo in the Maldives is a very
small island and might not have enough space for the AAE to fit. However there are a lot of islands close
by where the AAE can fit. It might even be the best solution to built a small platform for the AAE as it only
requires to be about 30 by 25 [m]. Due to the limited available area for onshore wind turbines and solar
panels the implementation of offshore wind turbines suggests to be advantageous.

lURL: https://nelhydrogen. com/product/atmospheric-alkaline-electrolyser-a-series/ [Accessed on: 24-06-2021]
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Table 14.1: Overview of the power estimations per group

Process Energy re- Onshore Offshore wind Solar panels [ha]®
quired per wind tur- turbines®? 678,
year [GWh]  bines 2
3
Hydrogen generation 129 22 11 24.7
Hydrogen liquefac- 44 8 4 8.4
tion
Total 173 30 15 33.1

14.2. Hydrogen Liquefaction

For the liquefaction of the hydrogen 15 [kWh/kg] is needed [98]. Considering that the AAE can produce
up to 2,920,000 [kg] per year an extra of 44 [GWh] of energy per year is needed to liquefy the produced
hydrogen. In Table 14.1 the quantity of green energy production methods is indicated to be able to power
the liquefaction system.

The liquefaction system should be placed near the hydrogen generation system so that the produced hy-
drogen has to be transported in gaseous phase to a minimum extent. Further elaboration on this can be
found in Section 14.3.

14.3. Hydrogen Transport

In the Maldives, almost all of the islands are dependent on the supply of fuel for the generation of electricity.
Therefore there is already a logistic system in place to provide all the islands with their fuel needs. This
is something which can be used to easily arrange the hydrogen transport in the Maldives as well. In the
Maldives the island Funadhoo is used as central storage of all the fuel. On the island there are big tanks
which contain Diesel, Petrol and Kerosene. To provide the hydrogen to all the airports a big liquid hydrogen
tank could be placed to supply the islands without interruptions and shortages.

The fuel is distributed across all islands by making use of a fleet of boats. These boats storage capacities
range from 20 to 2000 metric tonnes. To be able to transport the liquid hydrogen the boats should of course
be equipped with special liquid hydrogen tanks. The H,OPPER will use hydrogen to fly and therefore the
amount of kerosene that will be needed in the island regions will go down. This drop in kerosene consump-
tion will allow the boats to make room for liquid hydrogen tanks. It must be noted that some island may
only have very small ports. However, since all the island are provided with fuel it is assumed that even the
island with the smaller ports can be provided with hydrogen by the smaller boats of the fleet.

During transport boil-off losses will occur. These loses will have to be taken into consideration when the
hydrogen distribution is implemented in the logistic operations of the concerned island region. In order to
minimise losses the boiled off hydrogen could be used to generate electricity in combination with a fuel cell.
However, a trade-off should be conducted to determine whether the added weight and expenses of such a
system is profitable.

It was chosen to liquefy the hydrogen at the production site and thus only transport the hydrogen in liquid
phase. This was due to two reasons. First of all, if the hydrogen is liquefied on the production site it means
that not every island needs it own liquefaction system. Secondly, liquid hydrogen tanks can hold more

2The average onshore wind turbine rated at 2.5 — 3 [MW] can produce 6 [GWh] every year.

SURL:https://www.inspirecleanenergy.com/blog/clean-energy-101/how-much-energy-does-wind-turbine-produce
[Accessed on: 15-06-2021]

4The average offshore wind turbine can produce 12 [GWh] every year (as output ratings of 7.5-10 MW are already used globally).

5The solar panel area is calculated by taking the average solar panel efficiency of 15%, the average intensity of solar intensity of
1360 [W/m?] and the average sun time per day of 7 hours.

SURL: https://www.greenmatch. co.uk/blog/2014/11/how-efficient-are-solar-panels [Accessed on: 15-06-2021]

“URL: https://earthobservatory.nasa.gov/features/EnergyBalance/page2.php#:~:text=At},20Earth’,27s%
20average%20distance’20from, most%20recent’20NASA%20satellite),20missions. [Accessed on: 15-06-2021]
8URL: https://unboundsolar.com/solar-information/sun-hours-us-map [Accessed on: 15-06-2021]
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hydrogen than similar sized gaseous tanks. This means that the hydrogen tanks will be able to transport
more hydrogen per run.

14.4. Airport Storage
The liquid hydrogen has to be stored on the island so that the airport can utilize liquid hydrogen during the
time between deliveries by boat. It was chosen to distinguish two situations.

The first situation is in case of a small island. In case of a small island it may be profitable to only have a
liquid hydrogen tank stored at the port. From the port an insulated pipeline travels to the airport where an
access point is situated. The pipeline may be buried to provide additional insulation as long as boiled-off
hydrogen can escape. Furthermore, having a tank only at the port is easier to implement with respect to
safety regulations since more space is assumed to be available than on the airport.

The second situation is in case of a larger island. In that case it may be more profitable to not only have a
tank at the port but one as well on the airport. The liquid hydrogen can be carried to the airport by transport
trucks or by pipeline. It is more expensive to built a long pipeline with enough insulation to prevent boil-off.
However, over a longer time it can be more sustainable than transportation by trucks.

It has to be noted that having a tank on the port is essential as delivery boats need to be able to unload their
payload quickly. In case of large quantities LH2 having a tank at the port provides flexibility to the delivery
boat as it is not dependent on the island having enough transport trucks ready when docking.

Table 14.2: Overview of commercially available Linde hydrogen tanks [99]

Tank type Inner volume Storage capacity Boil-off ratio [kg/-
[m’] kgl day]

Spherical (Bulk storage) 1100-2300 70,200-145,000 <70-145 (<0.1%)

Cylindrical (Bulk storage) 300 19,300 <58 (<0.3%)

Cylindrical (high demand) 71 4600 <44 (<0.95%)

Cylindrical (low to medium 11.5 900 <5.5 (<0.6%)

demand)

Cylindrical (low demand) 6 400 <2 (<0.5%)

In Table 14.2 an overview is provided of multiple LH2 tanks manufactured by Linde, a leading global indus-
trial gases and engineering company. The overview is included to provide a sense of the possibilities of LH2
storage either where the hydrogen is generated and liquefied or on ports and airports. Depending on the
quantity of hydrogen needed a choice can be made which type of tank or combination of tanks best suits
the circumstances.

An important consideration is that for flights with 17 or 18 passengers the available mass for LH2 and thus
the range increase considerably as seen in Chapter 16. For those flights it is thus not crucial to be able to
refuel after each flight. It may be profitable to have these flights connect to smaller islands so that these do
not need to have a tank at the airport. This would reduce the implementation cost to the infrastructure and
logistic complication.

In order to make the most efficient use of the LH2 in the tanks the boil-off could be caught and used in
combination with a fuel cell. The generated electricity could then be used to contribute to the power needed
at either port, airport or other nearby infrastructure.

14.5. Refuelling Aircraft

The refuelling of the aircraft will be done with the help of a hydrogen refuelling truck. In essence it is the
same as a kerosene refuelling truck but with a hydrogen tank instead. This truck will retrieve liquid hydrogen
from the hydrogen storage tank or the pipeline. The truck will bring the liquid hydrogen to the aircraft
where the refuelling will start. The refuelling process is more complicated than that of regular kerosene
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refuelling. This is mainly due to the extra safety concerns that hydrogen brings along. Since hydrogen is very
flammable and has a low ignition energy special gear and training is required for the ground staff.

Since hydrogen is a new sort of fuel that has not been used as commercial aircraft fuel yet, there are no
regulations on the refuelling process. However, it needs to be noted that because of safety concerns it could
mean that it is not possible to conduct parallel operations during the turn-around. This means that unload-
ing of cargo and passengers can not happen at the same time as refuelling the aircraft [66].

This can cause problems for longer range aircraft since refuelling can take up a lot of time. However, for
the shorter range aircraft this should be less of a problem. The refuelling time for the HoOPPER was also
analyzed. Currently a hydrogen refuel rate of 500 liters per minute can be achieved [66]. This means that for
refuelling 234 [kg] of hydrogen only 6.7 minutes are needed. Since the maximum capacity of the tank is 234
[kg] the refuelling will at most take up 11.1% of the 1 hour turn-around time.

Another important consideration that has to be made is what to do with the hydrogen that is left after a
flight. A consideration has to be made at what point in time it becomes more beneficial to collect the leftover
LH2 or to accept boil-off losses and reduce logistic complication. Since sustainability is a key aspect of this
design it was decided that if an aircraft does not have a following flight within 2 hours the LH2 should
be returned to the airport tank. This way energy losses are kept to a minimum. However, an important
consideration are the boil-off losses when opening tank valves. These can be obtained experimentally and
should be taken into account when deciding if it is beneficial to return the LH2 to the airport tank.

In Section 9.3 it is discussed that when the aircraft descends from cruise altitude the battery recharges sig-
nificantly. However, for shorter range missions aircraft usually fly with mission profiles that differ in altitude
and descend angle due to being more efficient. This results in the necessity of battery recharging stations on
the airport. Moreover, in case of an emergency and the aircraft has to return to the airport then a recharging
station is necessary as well. In the worst case when the battery of 140.1 [kWh] has to be charged completely
with a 280 [kW] charger then it would take 30 minutes which is 50% of the turn-around time. However,
recharging is a process which can be performed parallel with other operations during turn-around. Since
Tesla’s superchargers can already reach power outputs of 250 [kW] it is assumed that a charging station of
280 [kW] is possible for the airports Y. Note that this would mean that all airports where the aircraft lands
should be provided with a recharge system.

14.6. Central Hubs for other Island Regions

The ground operations have so far been applied to the Maldives. However as has been stated in the intro-
duction of this section, the ground operations should be easily generalised for other island regions as well.
Therefore, a short closer look is taken on other island regions in the world. Almost in all island regions a
distribution network of fossil fuels is in place. This is due to fact that the islands are very dependent on
oil based fuels for their power generation. The big advantage of this is that complicated logistic operations
for fuel supply already exist. With the help of some alterations these logistic operations can be adjusted
to also fulfill the supply of liquid hydrogen. In Table 14.3 a list of possible markets can be seen with their
corresponding possible central hub locations. The central hub locations given are possible central storage
locations from which the hydrogen can be distributed over the entire island region. An example of a logistic
plan other than that of the Maldives can be given for the Caribbean. SeaOne is a company that is currently
launching a supply project of natural gas and natural gas liquid for the Caribbean!®. This is another logis-
tic operation that could be used as a base, this time for the liquid hydrogen supply to the Caribbean. The
SeaOne infrastructure uses Colombia as central hub for the southern islands of the Caribbean and the Do-
minican Republic as central hub for the central islands of the Caribbean. This once again shows that the
fuel supply to other island regions also already exists. Thus the steps that were taken to provide the Maldives
with liquid hydrogen can generally also be taken for other island regions.

9URL: https://www.tesla.com/supercharger [Accessed on: 28-06-2021]
10yRL: https://seaone.com/media/seaone-caribbeans-north-america-top-strategic-infrastructure-project
[Accessed on: 15-06-2021]
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Table 14.3: Island regions and central storage and distribution hub

Island region

Central storage/dis-
tribution location

French Polynesia

Tahiti

Bahama's

Florida USA

Central Caribbean

Dominican Republic

Southern Caribbean

Colombia

Solomon Islands &
New Caledonia

Australia
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Financial Evaluation

In this chapter an estimation is made regarding the financial feasibility of the aircraft. In order to do so the
cost of the aircraft is broken into different parts in the cost breakdown structure discussed in Section 15.1.
Then the operational cost of the aircraft is regarded in Section 15.2. Finally, the return on investment is
treated in Section 15.3.

15.1. Cost Breakdown Structure

In order to produce the aircraft there are two principal costs. The first is the research, development, testing
and evaluation cost. These are all the cost which need to be made before the aircraft can go in production.
The second is the manufacturing cost and concerns all physical components of the aircraft. For each of
these components a distinction can be made between material cost and labour cost. An overview can be
seen in Figure 15.1. Note that the distinction between material cost and labour cost is only depicted for the
fuel cell to avoid duplicity. In order to be able to estimate the manufacturing cost the cost of the reference
aircraft, the L 410 NG, were taken as a point of reference.

Cost
Breakdown

¥

Manufactering
cost

Research,
Development, Testing

and Evaluation cost

78 million [$] 6.3 million [$]
S
q : Development Aircraft
Engineering N Hydrogen Reference
and design support and testlng Battery Fuel cell - P
testing operations
30.6 million [$] 11.3 million [$] 1.3 million [$] 21,700 [$] 2.2 million [$] 101,400 [$] 3.9 million [$]
J
A) pl
v v v f ¥ 4 v v
Test aircraft Test and Cost of . )
manufacturing simulation e Material cost Labour cost Engines Structure etc.
cost facillities 9
12.5 million [$] 11.1 million [$] 5.6 million [$]
Cost of
—— | outsourced
RDTE
5.6 million [$]

Figure 15.1: Cost breakdown structure of the aircraft

15.1.1. Research, Development, Testing and Evaluation

One of the inputs of the return of investment (Rol) is the research, development, testing and evaluation
(RDTE) cost. These costs are made before any profit can be made on the aircraft. The RDTE costs of the
aircraft is estimated using formulas based on empirical data, established by Roskam [89, VIII, p.28]. The
estimation of the development cost is divided into six parts;

* Engineering and design cost, Ceq. This part is based on the number of man-hours needed to design
and test the aircraft

* Development support and testing, Cqs;. This part consists of various smaller tests needed for the
development of the aircraft. Examples are wind tunnel and propulsion tests.
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e Testing aircraft(s) , Cia. This part is made up of the manufacturing and tooling costs for producing
aircraft intended for testing.

* Aircraft testing operations, Ci,. This part consists of the operational cost of testing the aircraft. For
example, an aircraft needs to fly multiple hours before being able to be certified !.

» Test and simulation facillities , Ci¢. This part consists of new testing facillities that need to be built
up to test the aircraft. Examples for the HoOPPER could be the testing of the fuel tank in cryogenic
conditions.

¢ Cost of financing, Cg,. This part is made up of interest that needs to be paid on borrowed money.

* Profit of RDTE, Cpro. RDTE tasks that are being outsourced will come with profit margins for the
involved company.

Of these parts, Ceq, Cqst and Cyo will be estimated using the empirical formulas. Note that even though
these formulas were devised in the 1980s, they are able to account for innovations and inflation. However,
the estimates still need to be validated. The equations used are Equation 15.1,15.2 and 15.3 respectively. In
these formulas, the following parameters are used:

® Wampr is the aeronautical manufacturers planning report weight [lbs]. This weight excludes parts
that will not be designed in-house. For example, the engines and the avionics, but it does include the
weight of the fuel cell and the tanks. By using the values estimated from the class-1I weight estimation,
an Wampr 0f 5393 [kg] or 11890 [Ibs] is obtained.

* Vax is the maximum design speed [kts]. The aircraft is designed to fly at a speed of 175 [kts].

* Nigee is the number of aircraft that will be built for the research, development, test and evaluation
phase. It is decided to build two aircraft for this phase, where one will be used for static tests, and one
is used for flight tests.

¢ N is the number of aircraft that will be used for static tests: one aircraft.

* CEF is the cost escalation factor [-]. This factor is based on the inflation measured from the year 1970.
At the moment, one dollar from 1970 would have the same value as 6.94 dollars in 2021 2. By assuming
that the aircraft development will continue on for at least 5 years, the CEF will be set to 8.5 to account
for future inflations. This value is found by extrapolating the inflation between 1970 and 2021 to 2026.

* Fgifr is a judgement factor, varying from 1 to 2 [-], which accounts for the difficulty (i.e. complexity) of
a new airplane program. As the HoOPPER uses radical new technologies, this factor will be setto 2 .

* F.aq is ajudgement factor, varying from 0.8 to 1.2 [-], which accounts for the effect of computer aided
design capability on airframe engineering and design cost. It is assumed that most engineers nowa-
days are more familiar with CAD programs and therefore this factor will be set to 0.8 .

h.c. is the hourly cost of the engineers working on the RDTE. From research it is obtained that the
average hourly cost for an aerospace engineer is around 96 [$] 3.

)0.791 (Vi) 528 ( Nrdte)0'183 (Faite) (Fead ) (.C.) (15.1)

Ced = 0.0396 ( Wampr

)0.873

Cast = 0.008325 ( Wampr (Vinax) "% ( Nigre) 3¢ (CEF) (Faifr ) (15.2)

)1.160

Cito = 0.001244 ( Wampr (Vimax) "™ (Nygee — Ngo) 28! (CEF) (Fgifr) (15.3)

The first equation yielded a cost of 30.6 million [$] for the engineering and design. From this it can be
deduced that a total of 319,000 man-hours are needed for the design. By assuming full-time working weeks
of forty hours and a team of a hundred people, the aircraft could be designed in less than 2 years. The second
equation yielded a cost of 11.3 million [$] for the development support and testing. The third equation
yielded a cost of 1.3 million [$] for the aircraft testing operations.

1URL: https://www.airbus.com/aircraft/how-is-an-aircraft-built/test-programme-and-certification.html
[Accessed on: 17-6-2021]

2URL: https://www.usinflationcalculator.com/ [Accessed on: 17-06-2021]

SURL: http://www.salaryexplorer.com/salary-survey.php?loc=152&loctype=1&job=22&jobtype=1 [Accessed on: 17-
06-2021]
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For the manufacturing cost of the test aircraft, it is assumed that the manufacturing cost is higher as the
production process is not established yet. However, the aircraft used for the static testing will be cheaper
as not all the components need to be present for the static testing. It is assumed that both of these aircraft
together will have an average cost the same as the final aircraft. In total this would be then 7.8 million

($].

The last three components of the RDTE cost are assumed based on fractions of the total cost. First, for the
testing facilities, a factor of 0.2 is taken. This is a significant amount and can be justified as the HoOPPER
will contain various new systems that need to be tested; for example, the fuel cell and the fuel tank. Next,
the financial cost is estimated to have a factor of 0.1 of the cost. This means that an interest rate of 10% is
expected. This value is based on average long-term loans *. In addition, it is expected that organizations
such as Climate Action from the European Union will aid the project by giving low-interest loans. At last, it
is assumed that the outsourced RDTE will have a profit margin of 0.1 of the total cost. This value is obtained
from average margins [89, VIII, p.35].

By combining all the costs, and adding up the factors above, a total RDTE cost of around 78 million [$]
is obtained. Most companies are not willing to share these costs, therefore it is difficult to validate this
number. However, the development costs for large companies, such as Boeing and Airbus, are known; the
development costs per seat for the Airbus A320neo is 7.93 million [$], and for the Boeing 737 MAX it is 18.29
million [$] [100]. Scaling this to 19 passengers results in costs far above the estimated 65 million [$]: 151
and 348 million [$]. These reference aircraft however are also built for larger numbers of passengers and
are certified differently than for commuter aircraft. It is therefore expected that the RDTE costs have some
discrepancies. To make sure that the cost of 78 million [$] is reliable, a more detailed estimate will need to
be made in the following phases of the design.

15.1.2. Manufacturing Cost

The cost of the reference aircraft L 410 NG was taken as a point of reference. The aircraft is listed at a price
of 7.8 million [$]°. It is assumed that the aircraft manufacturer handles a gross profit margin of 50%. Due
to the scarcity of information on aircraft profit margins this assumption is based on discounts given by
manufacturers of large aircraft®. This means that the manufacturing costs of the L. 410 NG is estimated at
3.9 million [$]. It is assumed that this amount excludes RDTE cost.

To be able to make an estimate of the cost for manufacturing the H,OPPER it is assumed that the man-
ufacturing cost is the same as the reference aircraft together with the cost of the new power system. The
new system includes the fuel cell, hydrogen tank and batteries. In this approximation the costs of kerosine
engines and electrical engines are considered comparable.

LH2 Tank price

The hydrogen tanks price is estimated based on the total amount of energy that needs to be brought on
board. The maximum amount of hydrogen that will be taken on board is 234 [kg]. The tank is estimated to
cost 13 [$] per [kWh], bringing the total tank cost to 101,400 [$] [101]. For a 5.6 [kg] tank the cost is divided
into 70% material cost and 30% manufacturing cost. For a 10.6 [kg] the ratio is 76% - 24%. This means that
for larger tanks the material cost becomes more significant than the manufacturing cost. Since the tanks of
the HoOPPER will hold 33.4 [kg] each it is expected that the material costs will be more significant. However,
in this approximation the geometrical and material configuration are not exactly replicated. Due to the
more complicated shape and extra materials used in the tank it is expected that the true manufacturing
costs are higher.

Batteries

The total number of batteries that is needed is 420 [kg]. For the cost estimation it is assumed that the cost for
lithium metal batteries are equal to the cost of lithium ion batteries. Lithium ion batteries have an average

4URL: https://www.fundera.com/business-loans/guides/business-loan-interest-rate [Accessed on: 17-6-2021]
5Confirmed by the sales team of Let Kunovice in June 2021
SURL: https://airinsight.com/aircraft-pricing-list-vs-market/ [Accessed on: 17-06-2021]
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cost of around 140 [$] per [kWh] 7. With an energy density of 369 [Wh/kg] this results in a total of 154,980
[kWh]. This brings the total battery cost to 21,697 [$].

Fuel cell system

In 'Manufacturing Cost Analysis of 100 and 250 kW Fuel Cell Systems for Primary Power and Combined Heat
and Power Applications’ [102] a cost analysis is made for 100 and 250 (kW] PEM fuel cell systems. As will be
explained in Subsection 15.3.1 it is expected that approximately 23 aircraft will be sold per year. This means
that less than 100 fuel cells are needed per year and less gain can be taken from the economies of scale. The
cost analysis shows that economies of scale can play a big role in the cost reduction of fuel cells. A 22 %
price drop may be realised if the units produced increases from < 100 units per year to 1000 units per year.
However, for now it was decided to take the highest price (< 100 units/year) as reference for the fuel cell
cost. It was found that a fuel cell with an output of 250 [kW] will cost a total of 714,952 [$]. For a 100 [kW]
system the total cost is 411,670 [$]. What can be concluded from this is that a power increase of factor 2.5
only results in a price increase of factor 1.74. Therefore it was decided to linearize the price level between
the 100 and 250 [kW] systems to calculate the price for the fuel cell systems needed for the HoOPPER. For
two 450 [kW] fuel cell systems a total price of 2,238,656 [$] is then calculated.

When adding the manufacturing cost of the L 410 NG together with the cost of the LH2 tank, the batteries
and the fuel cell system the total manufacturing cost is found. For the HyOPPER the total manufacturing
cost equals around 6.3 million [$]

15.2. Operational Cost

The operational cost of a hydrogen aircraft will differ from a regular kerosene aircraft. For commuter aircraft
an operational cost of 5% more is predicted compared to kerosene aircraft by the year 2040 in a study by
McKinsey & Company [66]. The largest contributors to this change are the fuel costs and the maintenance
costs.

In Chapter 14 the infrastructure for the liquid hydrogen was explained. From this it was clear that large
investments in the island regions are needed to make it possible to produce green hydrogen. These large
investments will cause the price of green hydrogen to be higher than kerosene. An important factor for the
prices is the scale at which hydrogen is going to be used around the globe. If the transition to hydrogen
aviation is progressed the prices for hydrogen can drop immensely. Predictions for liquid hydrogen prices
in Europe by 2040 are ranging from 2.60 [$] to 3.50 [$] per [kg] [66]. This means LH2 will have a price of
around 85 [$] per [MWh] compared to around 50 [$] per [MWh] for kerosene.

What must be noted is that this prediction is made for Europe. Island regions can be very isolated and the
additional shipping costs of liquid hydrogen can be high. However, the price of LH2 per [kg] is determined
for the largest part by the production costs and thus the European LH2 prices are deemed acceptable for
this estimation.

During the first years of introducing liquid hydrogen aircraft the maintenance costs will also be higher.
The new technology that is used for the tanks, fuel cells, and propulsion system will need extra check-ups.
Furthermore since the various components of the aircraft are more expensive it will also be more expensive
to replace the components or perform maintenance. However, the maintenance of electric motors is less
expensive than that of combustion engines due to electric motors having less moving parts®.

Two more categories of the operational costs that will see an increase when compared to regular kerosene
aircraft are landing fees and depreciation & amortization. If two aircraft were to perform the same mission
and one uses kerosene as fuel and the other uses hydrogen as fuel. The hydrogen aircraft will most likely
have a higher MTOW. Since landing fees are determined based on the MTOW one could say that the landing
fees for hydrogen aircraft will also be more expensive. Furthermore, for hydrogen aircraft larger capital
expenditures are used to acquire, upgrade and maintain the aircraft. This means that the depreciation costs
for hydrogen aircraft are also higher.

"URL:https://www.economist.com/graphic-detail/2021/03/31/1ithium-battery-costs-have-fallen-by-98-in-three-decades
[Accessed on: 17-06-2021]
8URL: electricmotorshavefewermovingparts [Accessed on: 17-06-2021]
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Governments can play an important role in the relative cost of green hydrogen by subsidizing hydrogen or
taxing CO; emissions. An example is seen in Australia where a plan for building three new green hydrogen
plants was recently approved ?. The hydrogen plants will be built with the help of $100 million dollars
in government funding. The main goal of the investment is to bring the cost of green hydrogen down.
Intervention from governments around the world can thus help reducing the relative cost gap between
green hydrogen and kerosene.

The top level requirement of the operating cost not being higher than 10% compared to kerosene aircraft
around 2030 is deemed feasible when observing that the operational cost is only 5% higher in 2040.

15.3. Return On Investment

Before being able to bring a new aircraft to the market the product has to be developed. In this preceding
process the aircraft is designed, tested and evaluated to assure it complies with CS-23 regulations and it
performs as expected. This phase requires a considerable investment and is discussed in Subsection 15.1.1.
Together with the manufacturing cost discussed in Subsection 15.1.2 it forms the total cost of the process.
The total revenue is dependent on the product price and the product sales. These are discussed in Subsec-
tion 15.3.1. Finally, the Break-Even Point is discussed in Subsection 15.3.2.

15.3.1. Revenue

The revenue of the aircraft sales will be dependent on the list price and the number of aircraft sold. The
list price was set to 10 million [$] in the top-level requirements. In order to determine the expected sales of
the aircraft an analysis was performed by observing the sales of aircraft with a similar passenger and range
objectives.

Table 15.1: Similar aircraft sales

Name Units sold Time span Units sold per year
Twin Otter DHC 84410 1965-1988 36
Twin Otter Viking 1411 2008-present 10
Beechcraft 1900D'? 695 1982-2002 34
Jetstream 3113 386 1980-1993 29
L410 1200 1971-present 24
Dornier do 2281 245 1982-1997 16
CASA c-21216 583 1971-2012 14
Average - - 23

In Table 15.1 it can be seen that an average of 23 aircraft sold per year is a reasonable estimate. With a list
price of 10 million [$] this results to a revenue of 230 million [$] per year.

15.3.2. Break-Even Point
In Figure 15.2 the total revenue is plotted alongside the total cost. The total cost consists of the variable cost
and the fixed cost which are the manufacturing cost and RDTE cost, respectively. It can be seen that after 21

9URL: https://www.abc.net.au/news/2021-05-05/100-million-in-federal-grants-for-green-hydrogen/
100117192 [Accessed on: 29-06-2021]

10URL: http://www.twinotterarchive.com/DHC-6_Index_new.html [Accessed on: 17-6-2021]

HyRL: http://www.twinotterarchive.com/DHC-6_Index_new.html [Accessed on: 17-6-2021]

12URL: https://en.wikipedia.org/wiki/Beechcraft_1900 [Accessed on: 17-6-2021]

13URL: https://en.wikipedia.org/wiki/British_Aerospace_Jetstream [Accessed on: 17-6-2021]

MURL: http://www.let.cz/1410ng [Accessed on: 17-6-2021]

15yRL: https://www.ainonline.com/aviation-news/aviation-international-news/2007-12-28/
ruag-relaunch-do-228-production [Accessed on: 17-6-2021]

16URL: https://en.wikipedia.org/wiki/CASA_C-212_Aviocar [Accessed on: 17-6-2021]
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units sold the Break-Even Point is attained. The time after which the Break-Even Point is reached is around
one year.
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Figure 15.2: Break-Even Point

Once the Break-Even Point is passed the yearly result!’ of 86 million [$] is profit. This means that after three
years and ten years a return on investment of 231% and 1002% is achieved, respectively.

Depending on the pace at which hydrogen power train systems develop in the coming 20 years it is unsure
for how many years it is optimally profitable to produce the aircraft. If hydrogen power train systems do
improve significantly it is advisable to partly reserve the made profit in the first years in order to be able to
cover the RDTE cost for future generation systems.

15.3.3. Sensitivity Analysis

In this estimation the manufacturing price of the L. 410 NG was estimated at 50% of the list price. However,
due to the uncertainty of this margin another plot for the Break-Even Point can be seen in Figure 15.3. This
time the profit margin is set to 30% meaning a manufacturing price of 70%. It can be seen that the Break-
Even Point is reached at 36 sales. The yearly result is 50 million [$]. This means that after three years and
ten years a return on investment of 93% and 542% is achieved, respectively.

Another consideration to make is the competitiveness of the list price of the aircraft. In the market analysis
in Chapter 4 it can be seen that comparable aircraft prices range between 5.9-7.8 million [$]. This means
that in order to be able to compete with these aircraft and make the predicted unit sales the list price of the
aircraft should be lower. In Figure 15.4 a Break-Even Point plot can be seen for when the list price is set at
8 million [$]. In this case the Break-Even Point is reached at 45 unit sales and the yearly result is 40 million
[$]. This means that after three years and ten years a return on investment of 54% and 413% is achieved,
respectively.
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Figure 15.3: Break-Even Point with L 410 NG profit margin Figure 15.4: Break-Even Point with Hy OPPER list price set at 8
estimated at 30% million [$]
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Final Design Overview

In this chapter the final design will be presented including the main characteristics in Section 16.1, the green
policy in Section 16.2 and the sensitivity analysis in Section 16.3. Afterwards, an overview of the requirement
compliance is presented in Section 16.4. Finally, the mass budget breakdown is shown in Section 16.6.

16.1. Final Design

This section describes the overall characteristics of the HoOPPER. The aircraft is a high-wing, sustainable
and fully electrical aircraft designed to accommodate 19 passengers and to travel over 300 [NM] with max-
imum payload. It’s main purpose is to facilitate climate-neutral travel in islands regions. Table 16.1 gives
an overview of the technical specifications, Table 16.2 an overview of its dimensions and Table 16.3 shows
the main performance characteristics. At last, Figure 16.2 gives a visual representation of the HoOPPER and
Figure 16.3 shows a three-view drawing of the H,OPPER.

Table 16.1: Aircraft technical specifications
Table 16.2: Aircraft dimensions  Typle 16.3: Performance specifications

Weight
Exterior Perf
Maximum take-off weight [kg] 8618 - - erformance
Maximum zero fuel weight [kg] 6804 Exter}or height [m] 7.9 Cruise speed [kts] 175
Maximum payload weight [kg] 1814 Exterior length [m] 144 Service ceiling [FL] 150
Occupanc Wing span [m] 20.0 Take-off distance [m] 750
Crewl:nem}{)ers L] 1.2 Interior Landing distance [m] 675
Passengers [-] 19 Cabin height [m] ~ 1.91 ~ Maximumrange [NM] 1177
Cabin width [m] 1.95  Rangeat maximum
Powerplant Cabin length [m] 6.8 payload [NM] 321
Number of engines [-] 2 Seat pitch [m] 0.35 Rate of climb [m/s] 5.8
Take-off power per engine [kW] 730
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Figure 16.1: HoOPPER payload-range diagram

Figure 16.1 shows the potential range for different payload configurations. The substitution of passengers
with liquid hydrogen results in a substantial range increase. This range increase follows from the decision

116



16.2. Green Policy 117

that was made to add more liquid hydrogen tanks when there was a gap in the mass budget. The design
decision was made to completely fill the weight that was left to get to the maximum allowable OEW (with
10% contingency) with hydrogen tanks in order to optimize for range at lower payload. Two other options
that were considered were optimizing for range a maximum payload and adding 70 [kg] of payload to the
maximum payload. However, the optimization at lower payload was chosen since the optimization for
lower payload range resulted in an enormous range increase, compared to a moderate range increase and
moderate payload increase for the other two options.

Figure 16.3: Three-view drawing of the HoOPPER

16.2. Green Policy

The overall sustainability of the HoOPPER is a key selling point. The aircraft is fully climate-neutral which
means the aircraft has no impact on the environment when operating. Besides the operating sustainability,
arecyclability percentage of 98% can be achieved for the main structural components.

The majority of the green indicators in the green policy were not directly used to asses sustainability in the fi-
nal design. Rather, the indicators functioned to make the most sustainable choice for the design choices that
led to the final design. The indicators were created to allow for a comparison between two design choices
or options. The recyclability indicator was used to achieve the 98% recyclability and the energy efficiency
indicator aided in assessing that the wing-tip mounted engines were advantageous for the HoOPPER.

Two of the green indicators allowed to give final results regarding sustainability, rather than only allowing a
comparison. The NO, emission in landing and take-off equals zero for the final design and the noise level
produced by the propellers equals 107.66 [dB].

16.3. Sensitivity Analysis

With all the different subsystems designed and the inputs and outputs of the design tools determined, the
aircraft was iterated to have all subsystems working together. To identify the effects of altering parameters
of the design, a sensitivity analysis was performed. This analysis served multiple purposes. First of all, it
allowed to see if a change in variable results in a more efficient design after a set number of iterations. In
Subsection 16.3.1 it is described how different parameters were optimized for an efficient design. Next to
that, the effect of important assumptions and uncertainty ranges on the performance of the final design
could be tested. In Subsection 16.3.2 this uncertainty analysis is described.
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16.3.1. Aircraft Optimization
The aircraft was optimized for different input parameters. It should be noted that these designs were not
fully iterated. All the design tools accounted for the final MTOW of 8618 [kg], while the actual weight of the
aircraft ended up being lower than that for every design. The surface area is an input parameter that defines
alarge part of the other parameters of the aircraft. Therefore it was chosen to alter the surface area with the
goal of optimizing for a low OEW.

Next to selecting a wing surface area, two other parameters that were altered were the amount of engines
and the fuselage length. For both, the main goal again was to lower the OEW. Furthermore, because of the
wing tip engines the vertical tail of the aircraft became extremely large. Therefore, these alterations had as
a second goal to lower the vertical tail surface area. In Table 16.4, important parameters of the designed
aircraft are displayed for different input parameters. The four leftmost designs all have 2 engines and a
fuselage length of 12.24 [m]. The two rightmost designs both have a surface area of 43 [m?]. The design with
4 engines has a fuselage length of 12.24 [m] and the rightmost design has 2 engines.

Table 16.4: Aircraft parameters of designs with different input parameters.

Parameter $§=40 S=43 S=45 S=50 4engines 1=13.24
OEW [kg] 6019 5962 5965 6017 6032 5958
Cp, [-] 0.0282 0.0261 0.0252 0.0250 0.0261 0.0262
e[-] 0.752 0.781 0.794 0.814 0.850 0.779
Take-off power [kW] 1250 1170 1120 1070 1074 1070
Structural weight [kg] 2041 2058 2107 2239 2025 2057
Propulsion weight [kg] 1793 1697 1649 1567 1846 1696
Horizontal tail surface [m?] 8.3 9.5 9.6 11.0 9.4 8.2
Vertical tail surface [m?] 15.2 13.9 13.3 12.8 6.5 9.7

In Table 16.4, the structural weight consists of the structural weight of the wing, vertical tail, horizontal
tail and fuselage. The propulsion weight consists of the weight of the engine, propeller, batteries, radiator
and fuel cell and components. The hydrogen and hydrogen tank have not been included in the propulsion
weight, as the weight did not differ significantly between designs. As can be seen in Table 16.4, the aircraft
parameters Oswald efficiency, structural weight and horizontal wing surface have a positive correlation with
the surface area. On the other hand, the parameters Cp,, take-off power, propulsion weight and vertical tail
surface all have a negative correlation with the surface area. Lastly, the OEW is the only parameter that does
not only increase or decrease with the wing surface area. The design with a surface area of 43 [m?] had the
lowest OEW, since it had the optimal combination of structural and propulsion weight. Therefore it was
decided to continue the design process with a surface area of 43 [m?].

The two rightmost designs of Table 16.4 both have a surface area of 43 [m?] and therefore were compared
to the other design with a surface area of 43 [m?]. It can be seen that for the design with 4 engines, the extra
propulsion weight from the engines and propellers (+149 [kg]) is not compensated by the loss in structural
weight (-33 [kg]), although the vertical tail surface size could be halved. For the design with a fuselage of
13.24 [m], the horizontal and vertical tail size could be reduced, which resulted in a structural weight loss
(-48.57 [kg]). This weight loss was more than the weight gain of the extra meter of fuselage (+24 [kg]), mainly
because the fuselage extension was part of the thinning tail cone.

Since the design with the wing surface area of 43 [m?], 2 engines and fuselage length of 13.24 [m] was the
design with the lowest OEW. This design was selected to start the iteration process.

16.3.2. Uncertainty Testing
Every aircraft design contains uncertainties until it has flown its first flight. Up until the current design point,
assumptions were made which result in uncertainties in the design. An uncertainty analysis was performed
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in order to check what the effect of the uncertainties is on the performance of the aircraft. This way, it can
be tested how strong the design is at this design stage. The main uncertainties in the design of the aircraft
are listed in Table 16.5. These uncertainties follow from the assumptions made during the design of the
different subsystems.

Table 16.5: Uncertainties of aircraft subsystems

Subsystem Uncertainty Origin

Hydrogen tank Insulation +5 [cm] Thermal conductivity of polyurethane could be higher

Hydrogen tank Wall density +50% Ratio of carbon fibres and resin could be higher

Engine Mass +-10 [kg] Other extrapolating scale could be used

Fuel cell Mass +25% Cooling system could need fan for airflow

Fuel cell Efficiency +10% In 5 year, higher fuel cell efficiencies could be achieved

Propelller Efficiency +- 5% Efficiency could differ when doing actual simulations

Battery Mass +35% Use of lithium metal batteries could not be possible

Wingbox Mass -10% Lift distribution was assumed constant

Horizontal tail Mass -10% Lift distribution was assumed constant

Vertical tail Mass -10% Lift distribution was assumed constant

Fuselage Mass -5% Nose and tailcone could be optimized for actual loads

Control surfaces Mass +20 [kg] or -85 [kg] Mass could be in the range of the class II weight analysis

Avionics Mass +85 [kg] Avionics systems could not become lighter in 5 years

Landing gear Mass +70 [kg] Mass could be in the higher range of the class IT weight
analysis

In order to be able to make a comparison of the magnitude of the different uncertainties, the effect of the
uncertainties was converted to a weight difference. For example, the uncertainty in propeller efficiency
does not directly change the weight of a component. However, due to the lower propeller efficiency, the
propeller, fuel cell and batteries need to be heavier in order to make the aircraft fly. The weight changes that
result from the uncertainties of the different components are displayed in Figure 16.4. The red columns
represent weight gains and the green columns weight losses.

Component weight change due to uncertainties
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Figure 16.4: Aircraft component weight uncertainties

As can be seen in Figure 16.4, the largest uncertainties that cause a weight gain are the fuel cell systems and
battery mass uncertainties. On the other hand, the wingbox and control surface uncertainties result in the
largest weight losses.

To be able to quantify the effect of the uncertainties, the result of the uncertainties was expressed in range,
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which is the most important parameter of the aircraft. For the baseline range, the hydrogen tank configu-
ration was optimized for range at maximum payload weight, which means a tank with a capacity that can
completely be used when flying at maximum payload, without going over the MTOW. This is different than
the final aircraft configuration, which is optimized for range at a lower payload weight. The change was
made to be able to equally compare the different uncertainty effects.

For every uncertainty, the weight change due to the uncertainty was taken into account and the hydrogen
tank was made larger or smaller, while still being optimized for range at maximum payload weight. This
means that every time the tank could be completely filled when flying at maximum payload, without going
over the MTOW. The tank thus was the only component that changed, together with the uncertainty com-
ponent. The MTOW of the aircraft was the same for all uncertainties. This resulted in a different range for
every uncertainty, which is displayed in Figure 16.5. The green columns correspond to the green weight
losses in Figure 16.4 and the red columns to the red weight gains. The blue column represents the range at
the baseline configuration. Furthermore, the dashed line is the range at maximum payload as depicted by
the top level requirement.

Aircraft range due to uncertainties
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Figure 16.5: Aircraft range at maximum payload as a result of uncertainties in the design. The dashed line displays the top level
range requirement.

As can be seen in Figure 16.5, the uncertainties have a considerable effect on the range of the aircraft. Four of
the uncertainties lower the range below the requirement. Furthermore, the uncertainty in fuel cell systems
mass lowers the range to 28 [km], while the uncertainty in battery mass even lower it to 0 [km]. This means
there is no weight budget left for any hydrogen storage next to the amount necessary for loitering. On the
other hand, five uncertainties increase the range with more than 200 [km], with the wingbox uncertainty
even increasing it to 1220 [km].

What can be concluded from the uncertainty analysis firstly is that there are about as many uncertainties
in performance increase as in performance decrease. Therefore, the uncertainty analysis does not show if
the aircraft performs better or worse with all uncertainties included. Secondly, it can be concluded that the
performance of the aircraft is really sensitive to uncertainties. Even when not considering multiple uncer-
tainties combined, the range at maximum payload fluctuates between 0 and 1220 [km)]. This is the result of
the hydrogen tank being a relatively light component and the hydrogen having a extremely high energy den-
sity. Furthermore, it is the result of the design choice to completely fill the weight that is left over from the
MTOW with hydrogen and hydrogen tank. Because of the sensitivity of the design it is recommended, when
continuing the design process, to first focus extensively on the components with the largest uncertainties.
This way, there will be more certainty on the aircraft’s performance.

It should be noted that a contingency of 10% was applied on the OEW in order to account for uncertainties
in further design stages. This is the expected weight increase when going from preliminary design to the
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final detailed aircraft design [103]. As can be seen in Figure 16.4 and Figure 16.5 by looking at the landing
gear, a weight increase due to uncertainties of at most 67 [kg] would still have the aircraft the aircraft be able
to meet the top level range requirements. Therefore, there is a total contingency on the weight of 11% to still
have the aircraft meet the top level requirements.

During the uncertainty analysis, the assumption was made that the different tank sizes and aircraft compo-
nents did not significantly change the CG of the aircraft. Therefore the design was not completely iterated.
The snowball effect of the component weight changes was partly taken into account by increasing or de-
creasing the hydrogen tank size, so the total weight of the aircraft always stayed the same. However, this
did not cover the snowball effect completely. The only other thing the uncertainties changed was the CG,
although minimally since the largest weight differences are located inside the aircraft wing (almost exactly
on the CG).Therefore further iteration of the aircraft would have led to minimal design changes.

16.4. Compliance Matrix

The characteristics of the final design are compared to the requirements set by the top-level requirements
in Table 16.6. One of the top-level requirements was that the design should comply with CS-23 regulations
which are discussed in Table 16.7. In these tables compliance is indicated with N.D. if the requirement was
out of the scope of analysis so far. Since no actual tests could be performed on the aircraft, a selection
of CS-23 requirements was made that could be designed for in the current stage of the design. Since the
aircraft meets all the current CS-23 requirements, it is expected that the aircraft shall meet all the CS-23
requirements in the future if testing will be performed.

Table 16.6: Compliance matrix of the HoOPPER.

Performance Requirement H>,OPPER Margin Section Compliance

HOPPER-T-F-TO-4 The aircraft shall be able to 750/675 0/75 Section 9.3  Yes
take-off and land within 750
[m]

HOPPER-T-F-CR-1 The aircraft shall be able to 175 - Section 9.3  Yes
maintain 175 kts during cruise

HOPPER-T-F-CR-4 The aircraft shall have a max- 1177 +877 Section 16.1 Yes
imum range of 300 [NM] with
regulatory reserves

HOPPER-T-F-CR-5 The aircraft shall have a range 321 +121 Section16.1 Yes
of 200 [NM] at maximum pay-
load with regulatory reserves

Sizing Requirement H,OPPER Margin Section Compliance
HOPPER-T-F-TO-8 The MTOW of the aircraft shall 18995 +5 Section16.1 Yes
be lower than 19000 [Ibs]
HOPPER-T-F-CR-6 The aircraft shall carry a maxi- 19 - Section7.2  Yes
mum of 19 passengers
HOPPER-T-F-CR-7 The aircraft shall carry a maxi- 1814 - Section7.2  Yes
mum payload of 1814 [kg]
HOPPER-C-CF-8 The aircraft shall provide the 15 - Section 7.2 Yes

possibility to bring a minimum
of 15 [kg] of cargo luggage

HOPPER-T-F-AM-5 The aircraft shall be able to roll 43 +11 Section 6.5 Yes
with 32 [deg/s]
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HOPPER-C-R-SR-4 The aircraft shall be able to 5.1 - Section 5.2 Yes
withstand loads up to the ulti-
mate load of 5.1
HOPPER-C-R-SR-5 The aircraft shall be able to -2.1 - Section 5.2  Yes
withstand negative loads up to
the ultimate load of -2.1
Regulation Requirement H>OPPER Margin Section Compliance
HOPPER-U-SR.1 The aircraft shall comply with - - Table 16.7  Table 16.7
EASA / FAR part 23 regulations
Operations Requirement H;OPPER Margin Section Compliance
HOPPER-U-EB.2 The aircraft shall be able to per- 3 - Section 14.5 Yes
form 3 maximum range flights
a day at maximum payload
HOPPER-C-R-LC-10 The aircraft shall be able to - - Section 6.2  Yes
dock at a 1B Aerodrome
HOPPER-C-S-1 The aircraft shall have a turn - - Section 14.5 Yes
around time of less than 1 [hr]
Cost Requirement H;OPPER Margin Section Compliance
HOPPER-C-C-1 The aircraft shall have a list 10 mlin - Section15.1 Yes
price of at most 10 million
[USD]
HOPPER-C-C-2 The aircraft operating cost shall  5-10 % <5 % Section15.2 Yes
not be more than 10 % of the
average of comparable aircraft
Sustainability Requirement H>,OPPER Margin Section Compliance
HOPPER-C-E-3 A minimum of 90 percent of the 98 +8 Section 5.7  Yes
aircraft structure shall be recy-
clable
HOPPER-C-E-1 The aircraft shall be climate - - Section 16.2 Yes
neutral
HOPPER-C-R-NC-1  Noise levels shall be kept be- - - Section16.2 N.D
low 260 [EPNdB] for inhabi-
tants within 75 [m] of the air-
port and the approach and de-
parture routes [104]
HOPPER-C-R-NC-2 NO, emissions shall be 0 0 - Section 10.6 Yes
[g/kN] of thrust
Table 16.7: Compliance matrix of the CS-23 regulations
Identifier Requirement H;OPPER Margin Section Compliance
HOPPER-C-R-CS-1 The aircraft shall be able to - - Section 9.3  Yes

reach a climb gradient of 3 %
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HOPPER-C-R-CS-2

The aircraft shall be able to
climb with a 1.2 % gradient with
1 engine operative

Section 9.3

Yes
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HOPPER-C-R-CS-3

The center of gravity shall not
shift more than +-7% during
flight

1.25%

+5.75%

Section 7.2

Yes

HOPPER-C-R-CS-4

The aircraft shall have extra fuel
for 45 minutes of maximum
continuous power

Section 9.3

Yes

HOPPER-C-R-CS-5

The aircraft shall be able to
withstand a gust speed of 20.12
[m/s] at VB for 0-4572 [m] alti-
tude

Section 5.2

Yes

HOPPER-C-R-CS-6

The aircraft shall be able to
withstand a gust speed of 15.24
[m/s] at VC for 0-4572 [m] alti-
tude

Section 5.2

Yes

HOPPER-C-R-CS-7

The aircraft shall be able to
withstand a gust speed of 7.62
[m/s] at VD for 0-4572 [m] alti-
tude

Section 5.2

Yes

HOPPER-C-R-CS-8

It shall be possible to roll the
aeroplane from a steady 30
[deg] banked turn through an
angle of 60 [deg] within 10 [s]

Section 6.5

Yes

HOPPER-C-R-CS-9

No part of the pilot or the con-
trols shall lie in the region of +-5
[deg] from the plane of rotation
of any propeller

Section 5.3

Yes

HOPPER-C-R-CS-10

Each liquid-cooled engine shall
have an independent cooling
system, including coolant tank

Section 11.2

Yes

HOPPER-C-R-CS-11

Each propeller shall be able to
be controlled separately

Section 11.2

Yes

HOPPER-C-R-CS-12

The clearance between each
propeller and the ground shall
be at least 18 [cm]

148

+130

Section 5.6

Yes

HOPPER-C-R-CS-13

There shall be at least 12.7
[mm] longitudinal clearance
between the propeller blades
or cuffs and stationary parts of
the aircraft

1173.8

+1161.1

Section 11.2

Yes

HOPPER-C-R-CS-14

There shall be at least 25 [mm)]
radial clearance between the
blade tips and the aeroplane
structure

7470

+7445

Section 5.6

Yes
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16.5. Feasibility Analysis

In Table 16.6 it can be seen that the operations requirement HOPPER-U-EB.2 is met at maximum payload.
However, this is not the case for maximum range with no payload. This is due to the large range the aircraft
can cover which takes too long in-flight to be able to perform three mission in one day.

In Table 16.6 it can be seen that the noise requirement of is not determined. In order to design an aircraft
with minimal noise levels research has to be performed with help of experimental data, which was out of
the scope of this conceptual research.

16.6. Mass Budget Breakdown

Table 16.8 shows the mass budget breakdown of the HoOPPER and displays the center of gravity of each
subsystem/part. The mass of each subsystem/part is calculated using tools or taken from sizing procedures,
which is documented in Subsection 7.2.1. When no accurate estimate could be calculated with the available
parameters, the mass of the subsystem or part was determined using the class-1I weight estimation method
(Subsection 7.2.1.) As can be seen from the table, the operational empty weight (OEW) is 6684.4 [kg]. The
maximum take-off weight is 8616.4 [kg], the MTOW'’s mass breakdown is showcased in Figure 16.6. The
mass breakdown of the airframe and systems parts of the HyOPPER are shown in Figure 16.7 and Figure
16.8, respectively.
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Table 16.8: HpOPPER mass breakdown with corresponding center of

gravity
Subsystem/Part Mass [kg] % of MTOW  x g [m]
Fuselage 1064.10 12.34% 5.96
Wing 795.2 9.22% 5.57
Landing gear 379.01 4.39% 5.83
Vertical tail 83.40 0.97% 12.74
Horizontal tail 107.0 1.24% 11.49
Flight controls 170.03 1.97% 9.15
Fuel cells 517.32 5.97% 5.57
Hydrogen tank 156 1.81% 4.70
Batteries 420 4.87% 5.57
Cooling system 290 3.36% 5.57
Engines 458 5.31% 5.07
Propeller 158 2.15% 4.62
Avionics 482.31 5.60% 5.96
Engine control 15.72 0.18% 5.07
Instruments 62.15 0.72% 1.50
Electrical 253.10 2.94% 3.96
Hydraulics 49.19 0.57% 8.85
Furnishing 303.58 3.52% 5.14
Handling gear 2.58 0.03% 2.00
Air-conditioning 87.01 1.01% 5.96
Lavatory 17.78 0.21% 8.78
Flight crew 144 1.67% 2.00
OEW +10% 6684.4 77.57% 5.71
Hydrogen 118 1.37% 4.70
Payload 1814 21.05% -
MTOW 8616.4 100% 5.64
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Risks

During this design phase, some plausible technical risks were identified that could have a consequence on
the technical performance, schedule and cost requirements. The risks have been divided into multiple cat-
egories, related to energy systems, structure and flight dynamics. For each risk, a pre- and post-mitigation
risk level is given. These are presented in a heat map in Section 17.4.

17.1. Energy Systems

El - High (9) to Medium (6): E4 - Low (4) to Low (2):

Hydrogen production capacity is not enough at A lightning strike is able to interfere with the energy
launch. system.

¢ Description: The infrastructure needed to
support the aircraft is not yet available, and
needs to be built up concurrently with the air-
craft.

* Mitigation: Focus on gradual introduction to
different markets to make sure that the infras-
tructure is ready.

E2 - Medium (6) to Low (2):
The LH2 tank production cannot be au-
tomized.

* Description: Interference might occur with

the electronic components, causing compo-
nent failure. This is more relevant for the
H,OPPER, as it completely relies on electricity.

e Mitigation: Evaluate the effects of lightning on

the components of the aircraft and design ap-
propriate shielding such as wire meshes and
diverter strips.

E5 - High (9) to Medium (6):
Battery energy and power density will be lower than

expected

e Description: The LH2 tank has a non-
conventional shape and consists of different
material layers. Automization of the produc-
tion might require new techniques that are not
readily available on large scale.

e Mitigation: Before initial production, it is
needed to research possible methods of pro-
duction and invest in new techniques, such as
the use of robotic arms.

* Description: A lot of research is currently be-

ing done on lithium-metal batteries, however
it might be possible that the technology will
not be available yet within 5 years

* Mitigation: Using a combination of batteries

that are already available. This would include
batteries with a very high power density for
take-off and climb-out and batteries with high
energy density for start-up, taxi and climb.

E3 - Medium (6) to Low (3): E6 - Medium (6) to Low (4):
The reliability of the energy system is lower than the [ eaked hydrogen is not able to be contained within
propulsion system of conventional aircraft. the belly of the aircraft.

* Description: The use of new technology
comes with uncertainty of reliability. If the re-
liability is lower compared to conventional air-
craft, the HoOPPER may need to conform to
tighter regulations.

* Mitigation: Take into account that long-term
testing is needed to get a complete overview of
the failure modes of the energy system. In ad-
dition, allow for redundancy, such as the use of
batteries, next to the fuel cells.
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e Description: Due to the small molecular size

of hydrogen, it easily permeates through ma-
terials. When it enters the cabin, it can cause
a dangerous situation as hydrogen mixed with
oxygen can be an highly explosive gas.

» Mitigation: To prevent the hydrogen from en-

tering the cabin, the belly should be ventilated
enough to keep the mixtures level below a crit-
ical point. In addition, liners should be used to
slow down the permeation of hydrogen.



17.2. Structure 127

E7 - Medium (6) to Low (4):
Fuel cell overheats during take-off

E9 - High (8) to Low (2):
The boil-off valve of the LH2 tank does not func-
tion.

* Description: During take-off, the radiator is e Description: If the boil-off in the LH2 tank can
less effective then during cruise, since the not escape, the tank will fail due to overpres-
flight speed is lower. sure.

* Mitigation: The radiator is placed behind the * Mitigation: Place a secondary boil-off valve on
propeller, which speeds up the flow, especially the tank.
when not travelling fast. Furthermore, the fuel
cell is cold when starting, so it is allowed to in-
crease in temperature.

E10 - High (9) to Low (4):
One fuel cell fails.

* Description: If one fuel cell fails, the engine
on the shared wing does not get enough power
from the battery only.

* Mitigation: Each fuel cell is able to provide
electricity to the other wing by connecting
them with cables.

E8 - Medium (6) to Low (4):
The batteries may encounter thermal run-
away.

* Description: The high energy density of Li-S
batteries come with added risks due to the use
of flammable materials. Combined with the
densely packed configuration, heat can prop-
agate quickly.

E11 - High (8) to Low (4):
A fuel pipe fails and hydrogen starts leaking in the
aircraft.

* Description: Due to the high permeability of

Mitigation: Use of battery management sys-
tems and safety electronics to monitor and
shut down batteries when temperatures are
too high or voltages too low. Furthermore, the
use of cooling systems can also greatly reduce
the probability of a thermal runaway.

hydrogen it might leak at critical points as con-
nections. Due to the leak, the hydrogen con-
centration in the air might raise above critical
levels.

Mitigation: Place sensors above the critical
points to detect evaporated LH2.

17.2. Structure
S1 - Very High (12) to Medium (6): part of the wing.
Corrosion damages the aircraft structure. * Mitigation: Install state of the art vibration

dampers and perform extra fatigue inspection
around the engines. This will add weight to the
engine, but might save enough weight on the
wingbox to make up for this.

* Description: The humid climate of the island
regions increases the probability of corrosion
damage. Propellers are especially susceptible
to corrosion 1.

« Mitigation: Regular inspections and applica- S3 - Medium (6) to Low (4):
tion of fresh paint. System maintenance takes longer due to limited

space in the wingbox.
$2 - High (9) to Low (3):
Propeller vibrations reduce the fatigue free life of the
wing.

e Description: Many of fuel system compo-
nents are located in the wingbox structure. In-
spections and replacement of these systems
might take longer due to the tight space.

* Mitigation: Add inspection holes and remov-
able panels to the bottom side of the wing and
schedule extra time for maintenance.

* Description: Due to the wing tip engines, the
engines are attached to the more slender part
of the wing. This part is less resistant to vibra-
tions and the vibrations also act over a larger

1URL: https://www.aopa.org/go-fly/aircraft-and-ownership/maintenance-and-inspections/
aircraft-corrosion [Accessed on: 18-6-2021]
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17.3. Flight Dynamics

F1 High (9) to low (2): the aircraft to be disturbed a lot by cross winds
The wing tip mounted engines show worse perfor- during take-off and landing, causing the air-
mance than expected. craft to drift.

* Mitigation: Training pilots to be able to cope
with the extra perturbations caused by the
cross winds.

* Description: The effect due to wing tip
mounted engines is less beneficial in prac-
tice than expected. This would increase the
zero-lift drag coefficient and decrease the os- g3 _ High (9) to Medium (6):

wald efficiency, both decreasing aircraft per- A deep stall can happen at the horizontal tail.

formance.

* Mitigation: The benefits of wing tip mounted * Description: The aircraft has a high wing and
engines on the drag coefficient and oswald a horizontal tail that is on the lower end of the
efficiency are underestimated. Thereby, de- vertical tail. At high angles of attack this may
creasing the possibility and severity of overes- cause a deep stall to happen at the horizontal
timating the beneficial effects. tail.

e Mitigation: The horizontal tail is located
higher than what would give the lightest op-
tion regarding vertical tail structure. There-
fore, the tail opted for is a crucifix tail and not

* Description: The large vertical tail may cause a low tail, decreasing deep stall probability.

F2 - Medium (6) to Low (4):
The large vertical tail area causes steerability issues
due to cross winds.

17.4. Heat Map
The risks of the Island Hopper are displayed in a heat map shown in Figure 17.1. The risk severities and
probabilities shift after mitigation and a new heat map is made, which is shown in Figure 17.2.

Figure 17.1: Heat map showing the total pre-mitigation levels of risk for each event
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Figure 17.2: Heat map showing the total post-mitigation levels of risk for each event
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RAMS

In this chapter the RAMS characteristics of the aircraft will be described which stand for reliability, avail-
ability, maintainability and safety. The general implementation and philosophy will be reported. These
characteristics will be mainly qualitatively described.

18.1. Reliability

For the operator of the aircraft reliability of the aircraft is very important for the cost effectiveness. Especially
in island operations were airports are small and the inhabitants rely on air travel for emergency situations.
Due to the smaller airports maintenance can not be performed on every airport, this means maintenance
has to be monitored closely. Monitoring software can be used to forecast system failures and schedule
maintenance ahead of time !. For conventional aircraft systems there is already a lot of data available.
However, for more unconventional systems, such as the hydrogen tank and fuel cell, more data needs to be
collected. The limited available data means that a causal reliability forecasting model would be preferred.
This model uses measurements of certain factors to predict the potential failure of a system. An example
for such a factor is the power output of the hydrogen fuel cell.

18.2. Availability

Another important factor for the cost effectiveness of the aircraft is the availability. The availability of the
aircraft is mainly dependent on the turn-around time and the maintenance schedule. With a turn-around
time of one hour, the aircraft meets the requirement set by the customer. The maintainability of the aircraft
will discussed in more depth in the next section.

18.3. Maintainability

In order to ensure a good reliability and availability a proper maintenance procedure has to be in place. The
main differences to conventional aircraft are the operative environment and the new technology of hydro-
gen as energy storage. The environment introduces a lot of humidity and corrosive wear due to the island
region. This would require a proper corrosion prevention program to maintain a good surface coating and
apply protective treatments. Using hydrogen as energy storage requires the use of a fuel cell and batteries
for the current design. These have to be replaced multiple times over the life span of the aircraft.

18.4. Safety

The aircraft contains multiple safety critical functions to maintain a certain safety standard for the passen-
gers. One of the noticeable differences the designed aircraft has to conventional aircraft is the addition of
liquid hydrogen fuel tanks. The tanks are placed in the bottom side of the fuselage which in conventional
aircraft act as a crumple zone when a belly landing is performed. Therefore, the recommendation is made
to strengthen this under side. Multiple control systems keep track of the status of the entire energy flow
and will warn the pilot in case values are out of bound. In terms of structural integrity under heavy loads, a
safety factor of 1.5 is used which is common in the aerospace industry.

Redundancy is an import aspect of safety. Therefore, in the design multiple systems are set in place to
ensure a certain redundancy. The entire energy flow system, from liquid hydrogen tank to engine, is copied
for both wings. Both of the systems can work independent but can also complement each other in case an
engine is inoperative.

1URL: https://www.exsyn.com/blog/nextgen-aircraft-reliability-monitoring [Accessed on: 16-6-2021]
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Future Endeavours

With the conceptual phase finished, it is interesting to see what the future planning of the project will look
like. A work flow diagram is made showing the activities that are planned from the current phase up to the
post-launch phase. In addition, a Gantt chart is made to indicate the estimated time needed to complete
each activity.

19.1. Work Flow Diagram

The Work Flow Diagram (WFD) is divided into five phases: Research and Development, Prototype, Produc-
tion, Operational, and End of Life. Each phase contains a green block showing the testing stages of the
design. These stages are dependent on the CS-23 regulations and need to be monitored through the whole
design of the aircraft.

The first phase concerns finding an optimized design for the aircraft, as well as obtaining funding to en-
able the development phase. The funding is used for the RDTE phase, but also to set-up the infrastructure
needed for the aircraft. The funding is obtained by looking for investors and by applying for government
funds. The details of the design, such as joint types, will then be worked out and are put in a CAD object. In
addition, initial buyers should be identified before continuing on with the project. With an optimized de-
sign, the design is used in simulations to find the aerodynamic characteristics of the aircraft and to find the
eigenmodes of the aircraft. These can be used to find the gains of the control systems of the aircraft.

With a design ready, two prototypes can be built; one for static testing, such as wing bend tests, and one
for flight tests, such as handling and performance. These qualification tests are performed under ultimate
loads and the aircraft are discarded after the testing phase. The data is obtained to prove compliance to
CS-23.

The third phase concerns the production of the aircraft. Contractors are hired and the production of the
aircraft is started. Personnel will be educated to operate the aircraft and the acceptance testing phase will
start. These aircraft are tested under normal operational conditions and are not discarded after testing. If
the certification procedure is finished , it is possible to launch the aircraft. With the launch, it is time to
relocate certain engineers that are not needed anymore for the project. In addition, pilot training should be
provided for the launch of the aircraft.

After launch, the aircraft shall be tested to obtain data on long-term use. The sold aircraft will also need to be
inspected and maintenance needs to be provided when needed. In addition to standard maintenance, the
battery and fuel cell need to be replaced after a certain amount of cycles: the battery needs to be replaced
every 1000 charging cycles, and the fuel cell after 40,000 [hr] of operating hours.

At the end of the operations, the aircraft needs to be recycled. Parts of the structure, such as the skin, are
removed and melted down to be reused. Some parts of the aircraft, such as the seats and engines, can be
sold as is to make up for the cost of recycling. If there are no more aircraft in operation, it is time to end the
support of the aircraft.

19.2. Gantt Chart

In the Gantt chart on page 132 the different phases after the conceptual phase can be seen. Furthermore,
an estimate is given on the duration of these phases. Note that once the aircraft goes in production the
operational phase begins. The Operational phase will continue as long as the aircraft is in operation.
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19.2. Gantt Chart
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Figure 19.1: Post DSE activities flow diagram
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Conclusion

The aim of the project was to design a fully electrically propelled net-zero emissions aircraft suitable for
island-hopping operations. The result is the H,OPPER. The design combines various innovations with as a
result an aircraft that is leading in terms of sustainability, while still being commercially attractive.

The aircraft is powered by hydrogen, stored in a liquid state at 20 Kelvin. The hydrogen is stored in an
unusual but efficient container: a multi-spherical composite tank, which allows for weight savings and
flexibility in placement. To maximize the efficiency of the aircraft during cruise, batteries are incorporated
for the high-demanding flight phases, such as take-off. After the climb, these batteries are recharged for the
next take-off. To dissipate the heat released from the energy system, radiators placed behind the propellers
are used. These radiators are able to make use of the accelerated air from the propeller. Part of the heat is
also used to boil the liquid hydrogen to an acceptable temperature for energy conversion. To reduce the
power needs of the aircraft, the two propeller engines are placed on the wing tips. By counter-rotating the
propellers compared to the wingtip vortices, the amount of induced drag is reduced significantly.

When airlines fly with the HyOPPER, they can expect to have net-zero emissions. The aircraft will be able
to reach a distance of 321 nautical miles at a maximum payload of nineteen passengers. A distance of 1000
nautical miles can already be flown with just two passengers less. The aircraft is able to operate from run-
ways as short as 750 meters long and cruises at a speed of 175 knots. The structure of the aircraft is 98 %
recyclable. The aircraft achieves all this while maintaining an operating cost less than 10 % above compara-
ble kerosene aircraft. In addition, aircraft shows preliminary compliance with the CS-23 regulations. At last,
the aircraft meets all the requirements set by the customer.

The structural design of the HyOPPER is optimized to withstand all the ultimate loading conditions with
the minimum weight. Due to its favourable specific properties, Al-Li 2099-T83 was found to be optimal for
the wingbox skin and lower stringers, and the lower fuselage skins. For the upper fuselage skin and front
wing skin GLARE was selected, due to its high impact resistance and tensile strength. For the landing gear
Ti-5Al-5Mo-5V-3C was selected, due to its high yield stress.

The production of the liquid hydrogen and the distribution to the island regions is found to be feasible using
the existing transportation network. From a market analysis, it was found that the operational costs are only
5 to 10% higher than conventional aircraft. Together with its sustainable performance and superior range
to other sustainable aircraft, the HoOPPER should have a strong position in the market. From the financial
evaluation it was concluded that only 18 aircraft have to be sold to break even. This makes the HoOPPER
project very attractive for investors.

For the next phase of the design it is recommended to perform a low speed wind tunnel test, in order to
quantify the effect of the wing tip engines on the aerodynamic properties of the wing. Also the contribution
of the Meredith effect on the drag performance of the radiator should be further investigated, focusing on
the acceleration of the air by propeller and the thrust generation at lower velocities.

After the conceptual phase it is estimated that 9 years are needed to reach the launch of the H,OPPER.
With proper funding, it is possible to get a detailed design from which prototypes can be made. One will
be made for static tests and one for flight tests. After confirming reliable and safe flight under ultimate
conditions, it will be possible to enter the production phase, in which acceptance testing is performed to
reach certification conform CS-23.
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