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Preface
This report is the culmination of the Design Synthesis Exercise of Group 20 at the Technical University of
Delft. This endeavor has taken the 10 bachelor aerospace students of Group 20, 9 weeks to complete, in which
their engineering and organizational skills have been tested like never before.

This project is all about trying to solve the current paradox society finds itself in, where the demand for air
travel is only increasing, and is increasing at the same rate as people’s desire to not harm the environment.
The objective of the project is to design a more sustainable option for a regional aircraft. Readers that are
interested in future sustainable solutions for the air transport industry will most likely find this report engaging.

The team, group 20, would like to extend our sincere gratitude to all those that have helped this project be-
come reality. A special thanks to Professor Jos Sinke, Dimosthenis Giannopoulos, Sumit Tambe, and Robert
Coenen for their indispensable guidance throughout the entire Design Synthesis Exercise process. Many
thanks to Dr. Arvind Gangoli Rao, Davide Nardi, and Dr. Rene Alderliesten, for taking time out of their
busy schedule to lend the team a supporting hand. The input of the organizational committee of the DSE was
highly appreciated. And a final thanks to all family members and loved ones that have supported everyone
through the span of this project.
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Executive Overview
Project Objectives The aviation industry is following suit with the growing world demand of becoming more
environmentally conscious/friendly. However, the demand for commercial aviation has only been increasing
with time, resulting in an ever growing source of pollution. The challenge is to manage this paradox, meet the
demand increase with an overall reduction in pollution. The project objective is best described in the mission
need statement which is to “provide a design for a regional aircraft with an environmental footprint which is at
least 25% lower than for the reference aircraft, the Bombardier CRJ700 series, andwhich can fly 75 passengers
over a distance of 2000km.” Reducing the design’s environmental footprint is mainly achieved by lowering
the climate effects of the product, including its production, fuel and end-of-life handling. The project focuses
on developing new strategies and design solutions to reduce the environmental footprint of all three stages
of the life-cycle: production, operation, and end of life. Currently operational emissions, greenhouse gasses,
are the main contributor to climate change in the aviation industry. Therefore, minimizing the operational
emissions will put a large dent in the overall carbon footprint. The social aspects, impact of the design on
humanwell-being, and economical aspects of being sustainable also have to be considered. A balance must be
struck between improving sustainability and cost to ensure competitiveness and affordability with the current
market.

Name of the Aircraft The to-be-designed regional aircraft is named "RELIGHT". RELIGHT is short for
REgionaL Innovative Green Hydrogen Transport. As the name suggests, hydrogen will be the main source
of propulsion, which is considered innovative w.r.t. the current market. The acronym RELIGHT is chosen as
it contains the word "LIGHT", which refers to the lightweight application of hydrogen combustion due to its
high mass-specific energy density.

Mission Characteristics The achievable range will vary from 2000km at maximum payload weight to a
range of 4595km with no payload on board. RELIGHT’s flight profile goes as follows: RELIGHT takes
off and starts climbing to a cruise altitude of 10km. RELIGHT will cruise for approximately 2000km at an
average cruise speed of 807.6km/h. RELIGHT will touch-down, taxi to the gate and shut down the engines.
However, in case a diversion is needed, RELIGHT will be able to cruise for another 200km at a speed of
approximately 646km/h. Then the loitering phase starts, the aircraft will have enough reserve fuel to loiter
for 45 minutes at a speed of approximately 485km/h.
RELIGHT will require a massive shift in operations and logistics from the current norm. It demands a struc-
tural change at airports to be able to provide green hydrogen. The idea is to remove the greenhouse effect
directly and indirectly. For this to become a reality the production of hydrogen must be green. The teams
vision is that green energy sources provided by the countries’ economy are used for producing hydrogen at
airports. On top of this a few hurdles need to be dealt with before being able to use cryogenic hydrogen as
a fuel source. During the life-cycle of the aircraft, the swing in temperatures due to the cryogenic hydrogen
fuel will introduce massive strain and cyclic loads to the fuel tanks and pipes. Therefore, frequent and careful
inspections will be required. Managing and transporting fuel to the aircraft without an overall increase in
temperature is another logistical challenge that result in drastic changes in conventional ground operations.

Market Analysis The market RELIGHT aims to get a foothold in is predominantly developing economies
such like those in South East Asia, Africa and South America due to their rapid growth rates. In order for
RELIGHT to be successful it is necessary to establish a hydrogen fuel infrastructure at regional airports.
The emphasis on serving major destinations in developing economies has a significant impact on the design.
This set the range requirement to 2000km as well as the purchasing price which was set to be less than 44.4
million USD. After analyzing the cost of manufacture for RELIGHTS subsystems, it was found that a price
of 37 million USD was realizable. The cost break down structure also revealed that the total development
cost of RELIGHT would be less than 1 billion US$.
It was found that using the high bypass ratio turbofan at a low combustion temperature, the operational costs
would decrease by 1%. In conjunction with the unit cost this could lead to a return on investment of less than
7 years, under constant utilization. Therefore it can be concluded that this aircraft would achieve a market
foothold in two decades, when the hydrogen infrastructure has been provided to several regional airports.

Sustainable Development Strategy To guarantee sustainable development of RELIGHT, the three pillars of
sustainability are assessed. These are the environment, the economy and society. Environmental sustainability
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entails the impact to the natural environment, in which emission of pollutants plays a large role. Economical
sustainability focuses on profit, such that the program has purpose and can function a long time. To be sus-
tainable with respect to society, RELIGHT offers quality to all stakeholders involved: project employers and
employees, certification organizations, airliners, airports, passengers and people living near airports.

For the carbon footprint, the operational emissions are analysed. These are comparedwith the emissions of the
Bombardier CRJ700. The large difference is due to the fuels used; hydrogen for RELIGHT and kerosene for
the CRJ700, since hydrogen emits no carbon. The water feedstock needed for RELIGHT is somewhat larger,
since hydrogen electrolysis from green energy and H2O requires slightly more fresh water than kerosene
production. Even though the development, fuel and unit costs are estimated to be lower than the CRJ700,
the profit achieved is lower and hence the return on investment is longer. This is due to the smaller range
and cruise speed compared to the CRJ700. However, as it is likely that kerosene will increase in cost and
hydrogen decrease in the coming decade(s), RELIGHT will end up being more profitable. Noise results
being slightly larger, however the analysis is based on older aircraft technology and therefore not entirely
accurate. The pollutants that cause damage to human health are decreased drastically, since RELIGHT emits
no Particulate Matter. A visualization for the sustainability comparison of RELIGHT and the CRJ700 is
presented in Figure 1.

Figure 1: Sustainability comparison between RELIGHT and Bombardier CRJ700

Preliminary Concept Description During the preliminary phases of the project several design concepts
were investigated. The three concepts that showed the most potential were the blended wing body concept,
the strutted wing concept and the hybrid hydrogen concept. These three concepts were put through a trade-off
and their performance was evaluated with respect to different categories. From this analysis the hybrid hydro-
gen concept achieved the highest score, meaning it is the concept on which detailed design is performed. The
hybrid hydrogen concept is defined as using a combination between hydrogen and kerosene. The ratio be-
tween the two needs to be determined based on several factors likeweight, cost, emissions and overall viability.

A Class I weight estimation is performed to provide values for the MTOM, OEM and fuel weight. Differ-
ent calculations are made where the hydrogen fraction is varied to investigate the effect on hybrid fuel. To
start the Class I weight estimation several parameters were found. This includes the payload weight which is
7975kg, which include both passengers, their luggage, and additional cargo. The OEM is determined using
a regression line based on existing aircraft. A mass of 1.5 tonnes is added to the OEM to account for the
hydrogen fuel tank. The fuel weight is calculated based on the fuel fractions method during different flight
phases, where the changing fuel flow rate is accounted for when considering different hybrid mixtures. This
is done by assuming that the energy of the mixture remain the same.

Based on the results of this analysis a full hydrogen aircraft has been chosen. From emission perspective this
configuration performs really well. Also the complexity associated with the hybrid system is omitted when
choosing a full hydrogen system.

The parameters from the Class I estimations are refined using a Class II weight estimation, where the different
system masses are calculated. These two methods are then connected into an iterative loop until the results
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converge within 1%. The method used for the Class II weight estimation was of Torenbeek [1]. The results
can be viewed in Table 1. The results from the weight estimation were used in the subsystem design. Along
with the Class II, a flight envelope is built, which constrains the speeds and loads the aircraft is allowed to
operate in. The maximum load factor nmax resulting from the envelope is 2.537, with the limit load nlimit
factor being 2.656.

Table 1: Class II weight estimation overview
MTOM
[kg]

OEM
[kg]

Payload mass
[kg]

Fuel mass
[kg]

Fuselage
[kg]

Propulsion
[kg]

Wing
[kg]

Equipment
[kg]

28083 18276 7975 1848 3948 2743 2350 6427

Subsystem Design
Propulsion System The propulsion system development methodology aims to deliver the required thrust
while minimizing the weight, emissions and cost. The design is based on a list of requirements that the
propulsion systems needs to comply with for the aircraft to function as intended. These requirements were
set to ensure that the realization of the engine remains realistic and achievable.
A high bypass ratio hydrogen turbofan engine was developed, having similar components as a regular turbo-
fan. An analytical model of the engine was constructed using thermodynamic relations to model the temper-
ature and pressure at various stations inside the engine. The model allows for iteration which is used when
altering input parameters to get the desired performance. The analysis is performed for two stages during
the mission profile, that being the take-off at 1500m and cruise. A bypass ratio of 10, together with an inlet
diameter of 2.285m, resulted in a core flow of 27.3kg/s and a fuel mass flow of 0.1kg/s The results obtained
at those conditions are 60.75kN and 44.6kN of thrust and a specific fuel consumption of 1.7g/kN/s and
3.6g/kN/s, respectively.

After the engines have been sized, the hydrogen tank design can start. The aircraft will have three tanks, one
tail tank and two auxiliary tanks placed on the wings. The cryogenic liquid in the tank is kept from boiling
off by insulation that is placed around the tank. The amount of insulation limits the boil-off rate to 1% per
10 hours. Boil-off effects are taken into account as boil-off gases pose a big hazard. The insulation thickness
is calculated by taking into account the heat flux coming from the hotter outside environment which can be
quantified using thermodynamic principles. This results in an insulation thickness of 2.8cm for the tail tank,
and 3.5cm for the external wing tank when closed cell polymethacrylimide is used.

The external wing-mounted tanks are placed at a distance of 7.44m from the centerline of the aircraft. This
is the middle of the gap between the flap and aileron as the external wing tanks are placed on the back of
the wing, with a portion of the tank showing behind the trailing edge. This is to allow for gradual transition
of the aircraft’s cross sectional area, which reduces the transonic and sonic drag. This position is the only
possibility for the tank pylon where it does not interfere with the flaps or aileron operations.

Next, to connect the tanks and engines a fuel distribution system is needed. The system takes the liquid
hydrogen from the tanks using a jet pump, then fed into the pipes using a low pressure pump. This is fed
into the feed tanks located on the wing, from where the liquid hydrogen is pumped into a heat exchanger just
before the engine, which heats the hydrogen to between 150-250K before it is injected into the combustion
chamber. The reliability of the system is increased by doubling the pumps for redundancy. Multiple safety
valves are placed at key locations to address safety issues in the event of an emergency. Furthermore, a purge
system is added to clean the fuel system of leftover hydrogen or air at startup or shutdown as mixing the two
could lead to unwanted combustion.

Fuselage and Tank Layout The fuselage not only provides seating space for 75 passengers, but also includes
a cockpit, a front and aft galley, the necessary emergency aisle dimensions and doors, lavatories and cargo
space. In case of the RELIGHT, hydrogen had to be stored inside the fuselage because of the large required
tank volume of 28.28m3.
It was decided to place 5 seats (2 on the left, 3 on the right) per row. For 75 passengers, this results in 15 rows.
A seat pitch of 32 inch is taken. Room is provided for an aisle, armrests, cabin luggage and wall clearance.
Between the seventh and eight row, a type III emergency exit with emergency aisle is located. Floor and wall
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thicknesses were also incorporated, both being 100mm. Under the floor, cargo storage is provided for a total
of 1000kg. 1/3 goes in the front hold (6m from nose), 2/3 in the back hold (19m from nose).

Figure 2: Top view of fuselage
The required tank volume was found to be 28.28m3, which is considerably bigger than a similar kerosene
tank. Therefore, alternative storage methods needed to be explored. It was found that the tail could store half
of the required volume. The other half either needed to be stored in a top tank (a longitudinal tank above the
cabin) or external wing tanks below the wing. A drag trade-off was done between the two. The external wing
tanks came out as winner, as it causes 600N less drag. Next, the tail tank and external wing tanks were sized.
The diameter of the external wing tank is 1.39m, for an assumed length of 5m. The tail tank is shaped as an
oblique truncated cone, with big diameter 2.7m, small diameter 1.5m and length of 3.58m. Both types of
tanks include end caps. Alternative cabin lay-outs were also explored. If the customer wants to increase the
passenger number, cargo hold weight needs to be sacrificed. If the customer wishes to have 5 passengers seats
less, the tank volume of external tanks can be increased with 50% and then RELIGHT can fly to 3000km.
Control and stability needs to be adequately redesigned for this extended range version. Cabin lighting and
cargo placement could also be further researched.

Wing Planform Consecutively, a thorough calculation procedure follows and is explained to the reader, con-
cerning the sizing of the primary dimensions and aerodynamic values, those being portrayed right below.
Next, the airfoil selection can take place. Therefore, in order to narrow it down correctly, the value for CLdes
is obtained using solely the wing loading, and then corrected for compressibility and for the airfoil. In ac-
cordance to the result, the 7 parameters that dictate the selection are decided upon, and the Reynolds number
of the flight mission calculated. As a result, for the above CLdes , the best airfoils are picked, and a trade-off
is performed. The resulting airfoil is the NACA-SC(2)0614, a supercritical airfoil that serves RELIGHT’s
mission perfectly.

Table 2: Wing planform characteristics, and outputs of aerodynamic analysis
Parameter Value Unit Parameter Value Unit
Wing area - S 62.248 m2 Tip chord - ct 1.320 m
Aspect Ratio - AR 8 − Mean aerodynamic chord -MAC 3.048 m
Span - b 22.316 m Thickness-to-chord ratio - t/c 0.14 −
Taper ratio - λ 0.310 − Dihedral - Γ -1 deg
Root chord - cr 4.259 m Design lift coefficient - CLdes 0.4567

Next, the high lift devices are sized, with the driving parameter being ∆CLmax . Slats were deemed not
necessary. The resulting lift curves for cruise, take-off and landing are displayed above in Figure 3a. The
drag is split between the zero-lift drag and the lift-induced drag. The oswald efficiency factor is calculated,
and the resulting drag polar can be found in Figure 3b.
The parameters are wing span (b), drag divergence Mach number (Mdd), and the zero-lift drag contribution
of the landing gear (CD0gear

). Their values respectively are, calculated to be 22.32, 0.803, and 12.94. The
requirements compliance part then brings the section back to the requirements listed in the beginning and
links each one to the appropriate section part. Lastly, the weight of the system is discussed in accordance to
the Class II weight estimation section, and several recommendations are put together, for valid assumptions
made through the process or further accuracy in future development.
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(a) Wing lift curves for clean, take-off and landing configuration
(b) Drag polar of RELIGHT

Figure 3: Aerodynamic properties
Stability and Control
Center of Gravity Before being able to size Stability and control subsystems, the center of gravity (C.G.)
range must be determined. This is based on the operational empty weight (OEW), the payload weight and the
fuel weight, together with the respective C.G. locations of each component.

The C.G. during loading will be kept between 31% and 53%, while the requirement for the in flight shift
is more strict: between 31% and 44% of the mean aerodynamic chord (MAC). A large amount of the shift
will be caused by the emptying of the hydrogen tank in the tail of the aircraft emptying during flight. The
loading diagram that was made to visualize the calculation can be seen in Figure 4

Figure 4: Loading Diagram of RELIGHT
Vertical Tail The vertical tail area is sized based on the One Engine Inoperative (OEI) requirement. If,
during take-off, one of the engines shuts down, the aircraft still should be able to fly straight by deflecting
the rudder accordingly, to counteract the yawing moment created by the asymmetric engine thrust. Based on
statistics, the preliminary vertical tail volume and vertical tail area are estimated. Then, the vertical tail is
sized with a simple rudder; this results in a very large vertical tail area, with a very high vertical tail volume.
This is more resource intensive, as it is requires more material and a stronger structure, thus creating more
drag. Therefore, as literature [2] suggests, a rudder with a double hinge line is used, which allows for further
deflection of the rudder, with a maximum deflection of 40◦ instead of 25◦ for a simple rudder. Though this is
certainly possible, a more detailed aerodynamic analysis on the effects of a larger deflection is recommended.
In Table 3 all relevant values of the design of the vertical tail are tabulated.

Table 3: Vertical tail dimensions
Vertical
tail area
Sv/S [-]

Vertical
tail span
bv/b [-]

Vertical tail
AR
Av [-]

Vertical tail
taper ratio
λv [-]

Rudder
area

Sr/Sv [-]

Vertical
tail volume
V̄v [-]

Maximum
deflection

rudder [deg]
0.224 0.207 1.7 0.6 0.303 0.117 40
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The effect of several parameters on the required vertical tail area is worth mentioning: An increase in the
MTOW is found to decrease the required tail area, due to the higher minimum control speed Vmc; a decrease
in engine thrust will provide the same results. It is assumed that the ratio of rudder to chord area, equal to
0.303, is identical to the rudder chord to vertical tail chord ratio cf/c. Both an increase and decrease of this
ratio has adverse effects on the vertical tail area.

Landing Gear The weight of the aircraft is the deciding factor for determining the amount of landing gear
struts and wheels; the aircraft has one nose gear and two main gear struts, with two wheels per strut. The
position of the landing gear is determined based on several requirements: the tipover angle φ should be below
55◦; the tipback angle θ should be larger than 15◦ and the nose gear should be sufficiently loaded to allow for
steering, whilst not being loaded too excessively to make the aircraft difficult to steer. The load on the nose
landing gear should be between 8 and 15% of the take-off weight. Below, in Table 4, all relevant dimensions
are provided. Table 4: Landing gear location

Landing
gear

Longitudinal
position w.r.t.
A/C nose [m]

Vertical position
from ground
w.r.t. Zcg [m]

Lateral position YLG w.r.t.
A/C symmetry plane [m]

Loading relative
toWTO [-]

Main 15.4311 3.203 2.295 0.9118
Nose 3.84 3.203 - 0.0882

Both the main and nose gear tires are selected in a trade-off based on the maximum tire speed, tire pressure
and wheel loading. The dimensions for the Goodyear tires, operating at 906.22 kPa, are: 34x9.25-16 (Outer
diameter x width - inner diameter in inches1) and 17.5x5.75-8 for the main and nose gear, respectively. More-
over, a detailed analysis on the shock absorbing design is performed. The require shock absorber stroke length
of 0.341m is found to be similar to comparable aircraft. Lastly, the performed sensitivity analysis shows the
impact of varying several parameters when sizing the landing gear. Especially the nose landing gear is very
sensitive to a shift in C.G. location, if the entire C.G. range were to be moved by ± 1m, the nose gear shifts
almost twice that distance.

Horizontal Tail The horizontal tail must provide both stability and control to the aircraft in terms of pitch.
Furthermore, the tail must be able to provide pitch control of the aircraft at take-off, while also keeping the
trim drag at an acceptable level. Due to the in-flight gravity shift, sizing the tail to an acceptable size is a
challenge. Figure 5 shows the scissor plot of RELIGHT. On the y-axis, the horizontal tail size ratio with
respect to the wing is given, while the x-axis shows the C.G. The red line shows the actual tail size and C.G.
range during flight. The blue line shows the aft limit of the C.G. limit for stability, while the yellow line
shows the forward limit for controlability. Note that controlability is assessed during landing because of the
large moment coefficient induced by the flaps, while the stability is assessed during cruise, as the neutral point
moves forward at increasing Mach number. In green, the limit is shown due to the rotation requirement which
is sizing in the case of RELIGHT. Furthermore, an overview of the designed horizontal stabilizer is given in
Table 5.

Figure 5: Scissor Plot of RELIGHT

Table 5: Horizontal tail data
Horizontal
tail area
Sh [m2]

Tail area
ratio
Sh
S [-]

Horizontal
tail span
bh [m]

Horizontal tail
AR
Av [-]

23.58 0.3788 9.7 4
Horizontal
tail sweep
Λ0.5c [deg]

Horizontal
tail
type

Wing root
chord location
xrootchord [m]

Horizontal
tail taper
ratio λh

25 Adjustable 10.7 0.5

1Tire data in tire catalogues and literature is listed in United States customary units; for reproducibility and consistency these
units are used
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Structural and Material Design The structures and materials of the aircraft have been chosen to minimize
the overall carbon footprint of the aircraft. For the material a trade-off was made between a fully metal aircraft
and composite aircraft. The fully metal aircraft results in an improvement of the production and end of life
performance, and the composite aircraft results in a reduction in operational emissions. RELIGHT runs on
hydrogen and therefore the operational emissions are very low, and further weight reduction does not lead to
significant reduction in carbon footprint. Therefore the choice was made to go with a majority metal aircraft,
specifically Al 2024-T351. This will not only reduce the footprint of production and increase the sustainability
at end of life it also has the effect of making the aircraft less costly to manufacture.

The cryogenic tank material is made up of a CFRP (Hexcel 8552) pressure shell. The insulation will
consist of Rohacell foam to ensure the cryogenic hydrogen can remain at cryogenic temperatures. The total
weight is 300kg.

The wing and fuselage structure is made such that it can cope with loads experienced without failing.
This is done by identifying the limiting loads and sizing the structures for these loads. Structural idealization
was used for both the fuselage and wing structure in order to find an optimal structure across the structural
cross sections. Currently the wing skin has an average thickness of 6.5mm, a total of 34 stringers with an
area of 0.0015m2 each. For the fuselage, the structure has a thickness of 1.5mm for x<8m and x<16m and a
thickness of 3mm for 8m<x<16m, a total of 55 stringers with an area of 0.00001m2 throughout the fuselage.
The mode of failure that is currently considered is yield failure due to bending stress and the tresca criterion.
The modes of failure that still need to be optimized for are those of buckling, fatigue, creep, deflection, and
fracture.

Final Design Characteristics
Budget Breakdown
A mass budget breakdown and a contingency plan have been created to account for the resource spending
occurring at the later design stages resulting from reducing uncertainty. That way the design is constrained,
meaning suitable design choices need to be made to fit within the requirements. The contingency plan speci-
fies the maximum values that different parameters should be designed for during the different phases. These
values are lower than the final desired value, to allow for growth later in the design. This is done with the
use of a performance index, which measures the relative difference between the current stage and the design
value goal.

Aircraft Systems RELIGHT will make use of an extensive electrical system. Instead of a pneumatic system
using bleed air from the engines and/or APU to start up the engines, provide anti-ice and provide air con-
ditioning, electric starter motors, heating and compressors will be used. Additionally, the hydraulic system
for the flight controls and landing gear will be powered by electrical pumps instead of mechanical pumps
attached to the engine. The goal of this is to reduce complexity and weight. The electrical system will feature
two redundant power controllers, with both controllers able to provide power to flight-critical systems. There
will be four hydraulic systems on board of RELIGHT, of which one will be the backup system to control
primary flight controls during contingencies. Each hydraulic system will feature two electric pumps, each
connected to either the forward or aft power controller. The environmental control system will provide fresh
air to passengers, which is similar to most airliners except for the electric air compressor. The APU will be
very similar to the APU installed in the CRJ700, with the exception of the bleed air system. The bleed air
system will not be featured on RELIGHT, while the electric generators will become more powerful.

RAMS The RAMS characteristics of RELIGHT need to be explored, those include the reliability, availability,
maintainability and safety of the aircraft. Starting with reliability, the main difference with existing aircraft
is the hydrogen propulsion system. The system uses multiple tanks and pumps to allow for redundancy thus
also increasing the reliability. The availability of the aircraft comes down to the hydrogen availability at
regional airports. It is assumed that in the coming years an increasing amount of regional airports will allow
for hydrogen refueling. Maintenance is eased by the high wing configuration which allows for inspection and
unscheduled maintenance of the external wing tanks and engines. The main safety concerns are connected
with the hydrogen storage and transfer. Multiple safety systems are incorporated into the design to increase
the safety such as pressure release valves and heat exchangers.
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Aircraft Performance
Maneuvering With the subsystems being designed, a closer look can be taken at RELIGHT’s maneuverabil-
ity. This is expressed in terms of airfield performance, climb performance, cruise performance and turning
performance. To comply with the user requirement of have a take-off distance of less than 1500m, the take-off
needs to be broken down into take-off ground run distance (xgrto), transition distance (xtr) and total take-off
distance (xto). The team decided to achieve take-off within 1500m at both sea level and 1500m, to be able
to operate from elevated regional airports. The same applies to the landing distance, as the team imposed
a requirement of being capable of taking-off from and landing at the same runway. Table 6 summarizes the
resulting take-off and landing performance. It becomes clear that the landing requirements can be met at both
altitudes. However, the take-off at 1500m of altitude exceeds the take-off requirement. It must be said that
in these calculations, the effect of runway slope, wind and ground effect have not been included. Therefore,
it is recommended to investigate the effect on the required take-off distance as this will improve the overall
take-off performance. Moreover, the requirement itself might be reconsidered, as it turned out to be a critical
constraint when sizing the engines. It was found that the required sea-level thrust to weight ratio had to be
increased from 0.31 to 0.44. Hence, the design turned out to be very sensitive to the take-off requirement at
1500m which decreases overall efficiency. Since the team imposed this requirement above the one provided
by the user, the requirement might be revisited in deliberation with the user.

Table 6: Airfield performance at sea level and 1500m altitude for a reverse thrust of 50% at sea level and
100% at 1500m; all instances of x reported in [m] and V in [m/s]

Take-off Landing
xgrto Vlof xtr xto xap xfl Vap xrot xbr xla

sea level 737.4 59.5 293.2 1030.6 289.5 146.1 73.7 147.3 901.4 1484.4
1500 m 1160.1 66.7 368.8 1528.9 364.2 108.8 82.6 165.2 842.1 1480.3

Climb performance is quantified by means of the maximum achievable steady rate of climb. Since this condi-
tion changes with altitude, a plot is made which also shows the corresponding airspeed and maximum achiev-
able climb angle as function of altitude. These plots are derived from the performance diagrams, which itself
show the behavior of available power versus required power as function of airspeed and load factor. The
resulting maximum rate of climb range from 61.5m/s at sea level to 27m/s at cruise altitude. This complies
with the requirement of having a sea level rate of climb of at least 10m/s.
Finally, the turning performance is expressed in terms of minimum turn radius, minimum time to turn and
steepest turn in case of a steady level turn. Since these turn characteristics are dictated by the maximum
attainable load factor, nmax − V diagrams are constructed at different altitudes at which turn performance is
computed. This results in allowable ranges of airspeed at different load factors, which enables quantification
of the aforementioned turn characteristics. Furthermore, rate one turn characteristics are computed to check
the compliance with the requirement: "The aircraft shall be able to perform a rate one turn at sea level, with a
bank angle lower than 25 degrees." The turning performance is depicted in Figure 6 for the allowable airspeed
ranges found from nmax−V diagrams. The minimum turn radius (Rmin), minimum time to turn (Tmin) and
corresponding airspeed at which this optimal performance is attained (VRmin and VTmin), is summarized in
Table 7. The steepest turn is achieved at a maximum load factor of 2.54, as derived from the flight enve-
lope. This implies a corresponding maximum bank angle of 66.8 degrees. Lastly, the range and endurance
characteristics of RELIGHT are provided in Table 8.

Table 7: Optimal turning characteristics
nmax
[−]

Rmin
[m]

VRmin
[m/s]

Tmin
[s]

VTmin
[m/s]

Sea level 2.54 356 90 25 90
Cruise 2.54 924 145 40 145

Table 8: Maximum range, ferry range and endurance
Range
[km]

Ferry range
[km]

Endurance
[hh : mm : ss]

2159.3 4318.73 03 : 26 : 30
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Figure 6: Minimum turn radius, minimum time to turn and corresponding bank angle

Noise As the noise pollution affects the social aspect of RELIGHT’s environmental footprint, it is key to
analyze noise levels. To show the compliance with the noise limits set by ICAO regulations, RELIGHT is
put through an extensive noise calculation model. This model heavily relies on empirical data, derived from
noise levels perceived from existing aircraft. A distinction is made between engine noise and airframe noise,
as these are known to be the most dominant noise contributors. Engine noise is further split up into fan
noise, combustion noise, turbine noise and jet noise. Jet shock cell noise is not considered as the engines
are designed such that the exhaust flow mach number does not exceed one. Airframe noise is split up into
the main airframe noise sources: clean wing, horizontal and vertical tail, flaps and main and nose landing
gear. For each of the aforementioned noise sources, a 1/3 Octave Band sound spectrum is computed for
central frequencies ranging from approximately 30 to 30000Hz. The total noise polluted is then found by
combining the noise levels of each individual noise source, after which maximum noise levels are derived
from the total noise spectra. The maximum noise levels during approach, flyover and landing, as stipulated
by ICAO regulations, are summarized in Table 9. In here, also the maximum noise of the CRJ700 is stated
to facilitate comparison.

Table 9: Maximum noise levels w.r.t. a reference acoustic pressure of 2E-5 Pa
Approach
noise

Flyover
noise

Lateral
noise

Cumulative
noise

Limit 95 86 91 264 [dB]
RELIGHT 101 74 89 264 [dB]
CRJ700 93 83 89 265 [dB]

Looking at the noise limits, the flyover and lateral noise requirements are being met. However, the approach
noise exceeds the noise limit stipulated by the ICAO, which implies that the aircraft cannot be certified.
However, the empirical data used to build the noise model, which do not represent current technologies in the
area of noise reduction. Therefore, the noise levels obtained can be reduced by 10dB, just by the application
of noise reduction concepts like acoustic lining, flow mixers and silencing nozzles. Hence, the future project
development will focus on the application of such concepts, to comply with the requirements in the first place
and further lowering the environmental footprint in the second place.

Operational Emissions Since emissions during flight are a key indicator of RELIGHT’s environmental foot-
print and hence sustainability, they are important to analyze. Arguably, operational emissions from combus-
tion take up the largest part of an aircraft’s life span. The top-level requirement was to at least reduce opera-
tional emission by 25% with respect to the reference aircraft, the Bombardier CRJ700. To obtain a measure
for emissions, a few steps are taken. First, the Emission Index for the most harmful pollutants,CO2,H2O and
NOx, are determined for both kerosene and hydrogen combustion. These pollutants are selected as they have
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a large Global Warming Potential (GWP) and take up the majority of the emission. Logically, the second step
is to determine the GWP for each pollutant, which varies with altitude. Lastly, the operational emissions are
expressed as the Carbon Footprint (CF), which equates each pollutants to the mass of CO2 with equivalent
climate impact on a 100 year scale. The CF is divided by passenger kilometers, such that RELIGHT and the
CRJ700 can be compared. This yields a CF reduction of 77.69% and thereby the stakeholders requirement is
complied with. This result also satisfies the top-level requirement of minimizing the environmental footprint.

Sustainability With three aspects of sustainability covered in noise, operational emissions and cost, it is
paramount to analyze other aspects as well. As such a stronger baseline for sustainability is created. First
and foremost, two footprints that are deemed important are the Water Footprint (WF) and the Air Pollution
Footprint (APF). The WF entails analysis of the H2O feedstock used for fuel production. RELIGHT needs
31.3%more water for hydrogen production fromH2O and green energy than the kerosene refinery needed for
the CRJ700. The APF takes into account emissions that are harmful to human health: NOx and Particulate
Matter (PM2.5). Due to hydrogen combustion producing no carbon containing pollutants, RELIGHT’s APF
is about 69.% lower than the CRJ700’s.

Other aspects of sustainability that are touched upon, but do not incorporate detailed analysis, concern pro-
duction and end-of-life. The main aspect that will decrease sustainability are the hydrogen tanks and systems,
as they are harder to recycle and complex to produce. Overall however more use can be made of recycled parts
and refurbished subsystems. Also, most of the aircraft in constructed from metals which can be recycled.
To conclude sustainability, the aspects that are analyzed in detail all show promising results, except for water
use, profit per year and noise. However, water usage shows only a minor increase. Profit is highly dependent
on hydrogen costs and will likely increase in the future. Lastly, noise levels should reduce by as much as
10dB if more contemporary analyses are conducted.

Future Aircraft Development The schedule for the RELIGHT program from the end of the DSE until the
delivery of the first commercial unit has been developed. The three main phases of the post-DSE development
are the continuation of the design, the testing program and series production.

In the first three years of design continuation the main aircraft aerodynamic, structural, control and system
interaction characteristics will be designed and analyzed until all requirements are met. The following seven
years of design will see that all details of the aircraft will be optimized to the highest possible degree. Also,
all structural elements, such as ribs, rivets, metal/composite sheets will be sized accurately while systems
such as hydraulic actuators, electronics, landing gears and actuators will be designed in detail. Once the
design of the aircraft is complete, the testing program can take place. Both on-ground and flight-based tests
will be performed. The former will ensure that RELIGHT is structurally sound, both in terms of maximum
loads and resistance to fatigue. The flight tests will put the prototype aircraft through the most extreme
weather conditions that it might run into during its operational lifetime. Then, once the testing program is
complete and RELIGHT has been granted all the proper safety certifications, series production can start. The
production process will follow lean production principles, such as Just-In-Time (JIT) delivery and closeness
of workshops and assembly line. Finishing the design work will take approximately 10 years, testing and
certifying will take 5 more and the production process for a single aircraft will take six months. The first
RELIGHT aircraft is expected to enter service in late 2036.

Conclusion and Recommendations The design choices implemented in RELIGHT allowed to meet all the
critical design requirements. Compared to the Bombardier CRJ700 series, the aircraft performs infinitely
better from the emissions standpoint, featuring no CO2 emissions during operation and extremely reduced
NOx emissions. Surprisingly, the 25% constraint on cost w.r.t to the CRJ700 has been met and, in case of
cost per unit, exceeded, RELIGHT’s unit cost is estimated at $ 37 million versus $41 million for the CRJ700.

The upcoming detailed design phase will present many challenges and opportunities, most of them related
to the implementation of hydrogen fuel in the aircraft. For instance, the effect of the wing-mounted tanks on
the aerodynamics must be analyzed in more detail, as well as the design of a fuel distribution system that
has to work with hydrogen. Plenty of opportunities not related to hydrogen implementation are also present,
especially in the aerodynamics and structural field.
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FAA Federal Aviation Agency -

FBS Functional Breakdown Structure -

FF Form Factor -

FFD Functional Flow Diagram -

Fwd Forward -

GHG Greenhouse Gas -

GWP Global Warming Potential -

HLD High Lift Device -

IATA International Air Transport Association -

ICAO International Civil Aviation Organization -

IF Interference Factor -

JIT Just-In-Time -

LCN Load Classification Number -

LEMAC Leading Edge of Mean Aerodynamic
Chord -

LG Landing Gear -

LNG Liquefied Natural Gas -

MAC Mean Aerodynamic Chord -

MAI Manufacturing, Assembly, & Integration -

MLW Maximum Landing Weight -

MPH Mile Per Hour -

MTBM Mean Time Between Maintenance -

MTOW Maximum Take-off Weight -

MTTM Mean Time To Maintain -

MTTR Mean Time To Repair -

NF Nitrogen Footprint -

NPF Noise Pollution Footprint -

OEI One Engine Inoperative -

OEM Operational Empty Mass -

OEW Operational Empty Weight -

PSI Pound-force per Square-Inch -

RAMS Reliability, Maintainability, Availability and
Safety -

RAT Ram Air Turbine -

RELIGHT REgionaL Innovative Green Hydrogen
Transport -

RFL Required Field Length -

ROC Rate of Climb -

SFC Specific Fuel Consumption -

SPL Sound Pressure Level -

TET Turbine Entry Temperature -

TRL Technology Readiness Level -

UHCs Unburnt-Hydrocarbons -

WF Water Footprint -

Symbols

α Angle of attack deg

αδ)CL /(αδ)cl Effect of the aspect ratio and flap-
chord ratio on 3D flap effectiveness −
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q̄mc Dynamic pressure at minimum control speed
Vmc Pa

V̄v Vertical tail volume −

x̄ac Distance from nose to aerodynamic centerm

x̄np Distance from nose to nuetral point m

β Compressibility correction coefficient −

∆nla Additional load factor during landing due to
flare initiation −

δa Average of maximum upward and downward
aileron deflection m

δf Flap deflection deg

δr Required rudder deflection 1/rad

η 1/3 Octave Band central frequency parameter
−

ηs Energy absorption efficiency of shock
absorber −

ηtire Energy absorption efficiency of the tire −

ηt Total efficiency −
δε
δα Downwash angle rad

Vh
V Tail-wing speed ratio −
W
S Weight over wing area kg/m2

Γ Dihedral deg

γ Heat capacity ratio −

γap Approach angle rad

γcl Climb angle rad

ĈL Cruise lift coefficient −

λ Instantaneous failure rate /hour

λ Taper −

Λc/2v Semi-chord sweep angle of the vertical tail
rad

Λc/2 Semi-chord sweep angle rad

Λc/4 Quarter chord sweep rad

〈p2〉∗ Mean square accoustic pressure rad

µ Dynamic viscosity kg/(m s)

µ Rolling friction coefficient −

µbr Landing braking coefficient −

D Average drag force N

L Average lift force N

T Average thrust force N

T rev Average reverse thrust force during landingN

V la Average landing velocity m/s

V to Average take-off velocity m/s

φ Azimuthal directivity angle rad

ρ Density kg/m3

ρ∞ Upstream flow density kg/m3

ρto Density at take-off kg/m3

σ Normal Stress N/mm2

τ Aileron effectiveness −

τ Shear Stress N/mm2

θ Clearance angle deg

θ Polar directivity angle rad

A′ Correlation constant with Jet-A1 combustors
−

A∗ Normalized acoustic Power −

Aa Achieved Availability −

Ai Inherent Availability −

Ao Operational Availability −

Av(f)/Av Ratio of vertical tail AR in presence of
fuselage to isolated vertical tail −

Av(hf)/Av(f) Ratio of vertical tail AR in presence of
horizontal tail and fuselage to the vertical tail
in presence of fuselage −

Aveff Effective aspect ratio of the vertical tail −

Av Aspect ratio of the vertical tail −

ax/g Braking coefficient for dry concrete with sim-
ple or anti-skid brakes −

acv Distance vertical tail aerodynamic center
w.r.t. aircraft nose m

b Wingspan m

b1 Aileron inside y-position measured from the
center line of the aircraft m
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b2 Aileron outside y-position measured from the
center line of the aircraft m

bv Vertical tail span m

c(y) Wing chord length along the span m

Cf Skin friction coefficient −

CLmax Maximum wing lift coefficient −

c∞ Upstream flow speed of sound m/s

Cd0al Airfoil zero drag coefficient at aileron
location −

CDopt Optimum drag coefficient at cruise −

CD Drag Coefficient −

cf/c flap-chord over chord ratio −

cjk Specific fuel consumption when going fully
kerosene g/s/kN

CL,Dmin Wing lift coefficient at minimum drag −

CLαA−h Tail-less aircraft lift gradient 1/deg

CLαh Tail lift gradient 1/deg

Clαal Airfoil sectional lift gradient at aileron loca-
tion 1/rad

CLαv Vertical tail lift curve slope 1/rad

CLαv Vertical tail lift curve slope 1/rad

clαv Vertical tail airfoil lift curve slope 1/rad

clα)Mto Airfoil lift curve slope with compressibility
correction 1/rad

Clδa Aileron control derivative 1/rad

clδtheory Lift effectiveness of a plain flap 1/rad

Clδ / clδtheory Correction factor for plain flap lift −

CLdes,M=0
Design wing lift coefficient at 0 Mach −

CLdes Design wing lift coefficient −

Cldes Design airfoil lift coefficient −

CLmax Maximum lift coefficient −

CLopt Optimum lift coefficient at cruise −

Clp Roll damping coefficient −

CL Lift Coefficient −

Cmac Moment coefficient around the aerodynamic
center −

cMAC Mean aerodynamic chord length m

Cm Moment coefficient −

Cnδr Yaw moment due to rudder deflection control
derivative −

CNmax Maximum normal coefficient -

Cp,0Mcruise Minimum cruise pressure coefficient −

Cp,0 Minimum pressure coefficient −

Cr Wing root chord m

Ct Wing tip chord m

cT Specific fuel consumption N/Ns

Cyδr Side force due to rudder derivative −

D Drag N

D Noise directivity −

D/q Drag area m2

Do Outer diameter of the main wheel tire in

ds Diameter of the main gear shock absorber in

Diampod Pod diameter m

E Energy J

e Oswald Efficiency Factor −

eh Specific energy of hydrogen −

ek Specific energy of kerosene −

Emax Maximum glide ratio J

Et Total kinetic energy at touchdown ft ∗ lbs

F Force N

F Fuel flow kg/s

F Noise spectrum function m/s

f 1/3 Octave Band central frequency Hz

f/a Fuel-to-air ratio −

fb Blade passing frequency Hz

G Noise normalized geometry function −

g Gravitational acceleration m/s2

GW Gross Weight -

H Heating value J/kg
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hpylon Pylon height m

hsc Screen height m/s2

I Impulse Ns

k Correction coefficient for effective aspect ra-
tio of the vertical tail −

Kb Correction factor due to flap efficiency −

kE Friction factor −

Kgr Coefficient dependent on vertical wing posi-
tion, used for landing gear mass estimation−

Kvv Multiplication factor based on the vertical tail
configuration −

Kvh Factor that accounts for the relative size of the
horizontal and vertical tail −

L Lift N

L Noise normalized characteristic length −

lt Tail length m

lpod Pod length m

lpylon Pylon length m

lv Distance from aerodynamic center of the ver-
tical tail to the center of gravity m

lv Distance vertical tail aerodynamic center
w.r.t. C.G. m

LHVhydr Lower heating value of hydrogen − -

M † Airfoil technology factor −

M∞ Upstream flow mach number −

Mcruise Cruise mach number −

Mcr Critical Mach number −

Mdd Mach drag divergence number −

mh Hydrogen mass contribution kg

mk Kerosene mass contribution kg

Mto Mach number at take-off −

n Tone numbers within 1/3 Octave Band central
frequency −

ns Number of main gear struts −

ND Fraction of drag induced yawing moment due
to the inoperative engine w.r.t. Ntcrit −

Ng Landing gear load factor −

nlimpos Positive Limit Load Factor -

Nmw Number of main landing gear wheels −

Ntcrit Critical engine-out yawing moment Nm

nto Take-off load factor −

P Achievable roll rate by maximum aileron
deflection rad/s

P Power W

P3 Fuel injector inlet pressure Pa

Pa Power available W

Pdrop Fuel injector air flow pressure drop %

Pm Maximum static load on main landing gear
per strut lbs

Pref Reference acoustic pressure N/m2

Preq Oswald Efficiency Factor W

q Dynamic pressure Pa

R Flare trajectory radius m

r Radius mm

R(t) Reliability −

R2 Regression rate kg

Rjet Range of jet aircraft in the unified range equa-
tion m

Rmaxalt Maximum range at constant altitude m

Rmaxv Maximum range at constant velocity m

rs∗ Normalized distance between noise source
and observer −

Re Reynolds number −

ROCsmax Maximum steady rate of climb m/s

S Wing area m2

Sref Wing reference surface area m2

Sr Rudder area m2

ssnose Maximum allowable tire deflection of the
nose landing gear in

ss Shock absorber stroke in
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ssnose Shock absorber stroke length of the nose land-
ing gear m

st Maximum allowable tire deflection in

Sv Vertical tail area m2

Swf Reference flap area m2

T Thrust N

t Thickness mm

t/c Thickness-to-chord ratio −

T3 Fuel injector inlet temperature K

TTOe Total engine thrust at take-off N

Tto Maximum take-off thrust N

V Airspeed m/s

V/F Specific range m

VD Dive speed m/s

Vlof Lift-off velocity m/s

Vmc Minimum control speed m/s

Vmin Minimum airspeed m/s

Vopt Optimal velocity at a specific moment in time
m/s

VS Stall Speed -

VTAScruise True airpseed at cruise conditions m/s

W Aircraft weight at particular flight condition
N

wt Touchdown rate ft/s

WL Weight at landing lbs

WTO Take-off weight kg

Wv Weight of the vertical tail kg

xairla Landing horizontal airborne distance m

xairto Take-off horizontal airborne distance m

xap Landing horizontal approach distance m

xbr Landing braking distance m

XCG Longitudinal distance of the aircraft C.G.
from the nose m

xcl Take-off horizontal climb distance until
screen height m

xfl Landing horizontal distance covered during
flare m

xgrla Landing ground run distance m

xgrto Take-off ground run distance m

xla Total horizontal distance covered during land-
ing from screen height until complete stopm

XLGnose X-location of the nose landing gear mea-
sured from the nose m

xrot Horizontal distance covered during rotation
after touchdown of main landing gear m

xto Total horizontal distance covered during take-
off until screen height m

xtr Take-off horizontal transition distance m

y Span-wise position with respect to the center
line of the aircraft m

YLG Lateral distance from the aircraft symmetry
plane to the contact point of the main landing
gear with the ground -

yt Moment arm of the engine thrust from the
point of application to C.G. m

zh Height of the horizontal stabilizer measured
from the bottom of the vertical tail m

k′ Correction factor for nonlinear lift behavior of
plain flaps −
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1 Introduction
Modern aviation has occupied a large fraction of technology innovation, as it is a relatively new field com-
pared to most that are being advanced. In the 21st century this has occurred due to room for novelty and safety
demand as tragic accidents - although having low frequency - were considered too usual. Regarding speed,
the market had been constantly on the rise before encountering the tragic incident of the Concorde crash in
July 25, 2000, killing 100 passengers and all crew members. This event happened to the most successful and
famous supersonic airliner, being used by British Airways and Air France, and so it marked the downfall of
commercial supersonic aviation in several years, until recently, with multiple aircraft manufacturers unveil-
ing new concepts in the late 2010s. Similar speed of advancement has been seen with the transition from as
many mechanical components as possible towards electrical and hydraulics combinations, aspects which are
discussed later in this report as well.

In general innovation terms, the industry has not remained at a standstill since its creation. Over the last
decade though, regardless of industry, the whole global population has shifted the view towards the envi-
ronment. From personal to public use and action, a vast amount of creations or ideas are judged principally
on climate effects. Hence, over the same range of time, the idea of being innovative in many ways, has be-
come synonymous to being environmentally friendly. For this reason, the group showed excitement when
allocated to a design with large emphasis on sustainability since it was given maximum potential for novelty.
Furthermore, the design concerns the regional aviation market. The industry has lately also put significant
weight and investment on the regional market as it has been proven desirable by the traveling population.
Consumer feedback has displayed an exponential demand on short regional flights countering train travel or
even driving, a fact that is undoubtedly linked to the aforementioned demand for safety that is being consis-
tently complied with. As a result, a design of a Sustainable Regional Aircraft design is a project that directly
targets both the fast growing aviation market but also entails the modern primary characteristic of innovation,
with environmental sustainability as its guiding objective.

This report shows the end result of a 10-week project completed by DSE group 20, targeting the above con-
cept. Throughout this extensive journey, the idea has become a conceptual design process, and finally the
preliminary design of the RELIGHT aircraft. Specifically, having initially spent a week in focus on a project
plan, the team members were assigned roles, both organizational and technical, and all appropriate Project
Management and Systems Engineering procedures were performed. Further down the timeline, the teamwent
through the baseline phase, during which all significant background information was gathered, including a
thorough literature study for innovative concepts of the various aircraft departments. Furthermore, basing the
aircraft design on those novelty sub-concepts, strawman concepts were created for the entire aircraft which
were then discussed in detail, and were narrowed down to three that were presented to the supervising coaches
and tutor [3]. During the midterm phase that followed, the group performed a trade-off between the resulting
concepts, including an analysis of the trade-criteria, and trading off all aspects separately, which resulted in a
single final concept that was displayed together with its primary characteristics [4]. Having completed all of
the above, group 20 reached the final phase, that also marks the preliminary design phase, which this report
concerns. The general objective for this project is initially showed in Section 2.1, as well as the mission char-
acteristics showed in Section 3, to give the reader a clear image of the end-goal to be achieved. Consecutively,
the thorough sustainable development strategy that has carefully been created along the entire project is ex-
plained in Section 4, together with Section 5.1, where the aspects of the preliminary concept that set a base
for the detail to be added. Moreover, and most importantly, the entire view of the subsystems in development
is explored with clear processes of calculation and sizing in Section 6. This generates a final design, that
obtains some design characteristics like resource allocation, safety, and more, that are portrayed right after, in
Section 7, along with the analysis of the vehicle’s performance inSection 8. Lastly, since the group has come
to the end of the preliminary design, the process must still have a clear path to follow, which is presented in
Section 9, and in Section 10, the conclusions and recommendations for the steps to be followed.
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2 Project Objectives
The purpose of this section is to outline the project objectives, that have been derived from top-level user
requirements. Section 2.1 describes such objectives. Furthermore, the name of the aircraft is introduced in
Section 2.2. Finally, a closer look is taken at the market in Section 2.3.

2.1 General Objectives
The aviation industry is becoming more and more environmental friendly, mostly lead by policies set by
organizations like the International Civil Aviation Organization (ICAO) and the International Air Transport
Association (IATA). Since the environmental impact of air transport is hardly decreasing due to rapidly grow-
ing aviation sector, this project is centered around a single challenging goal: to create a design with the lowest
possible environmental footprint. More specifically, the design shall be a regional aircraft that accommodates
50-75 passengers of which the maximum range shall be between 1500-2500km.

Reducing the design’s environmental footprint is mainly achieved by lowering the climate affects of the prod-
uct. For aircraft, this is generally split up in three life-cycle phases: the production phase, operational phase
and end-of-life phase. Therefore, the project focuses on developing new strategies and design solutions for all
these phases, in order to become as sustainable as possible. Aviation contributes to climate change primar-
ily due to the emission of soot particles and greenhouse gasses, like carbon dioxide (CO2), nitrogen oxides
(NOx), sulfur oxides (SOx) and water vapor (H2O) [5]. Since these emissions play a key role throughout
the entire life cycle of the aircraft, the lowest possible environmental footprint could therefore be achieved by
minimizing the emissions polluted at each life-cycle phase. Furthermore, the social and economical aspects
of being sustainable would also potentially lower the environmental footprint of the aircraft. For this exact,
lowering the emissions is not the only objective of this project. As the social aspect of the environmental
footprint involves the overall impact of the design on human well-being, aircraft noise pollution and emission
of harmful particles also affect the environmental footprint of the design.

In short, reducing the environmental footprint involves many different areas. As minimizing the footprint for
all of these areas would come at high cost and is very time consuming, a good balance must be found between
improving sustainability and cost to ensure competitiveness with the current market.

2.2 Name of the Aircraft
From this section onward, the to-be-designed regional aircraft, that has previously been referred to as "the
aircraft", is named "RELIGHT". RELIGHT is short for REgionaL Innovative Green Hydrogen Transport.
As the name suggests, hydrogen will be the main source of propulsion, which is considered innovative w.r.t.
the current market. The acronym RELIGHT is chosen as it contains the word "LIGHT", which refers to the
lightweight application of hydrogen combustion due to its high mass-specific energy density.

2.3 Market Demands
The RELIGHT project aims to bring innovation to the regional aircraft sector. The aircraft makes short fre-
quent trips and are generally less sustainable than large transport jets due to the interplay of fixed costs and
a more limited payload carrying capacity. Therefore a reduction in emissions would greatly improve the
level of sustainability in this market niche. In order to remain competitive, the purchasing price needs to be
comparable to other regional aircraft, as well as the operating cost. The market that was targeted is the one
of regional jets with a price tag of 40-60 million. With the aim of being below 50 million USD, to remain
attractive to budget airlines.
Growth in aviation is closely tied to economic growth. Regions in Africa, South America and South East Asia
will be targeted. In order to gain a foothold in these regions the design considers what important destinations
would require a direct connection and aimed to include as many links as possible. A range of approximately
2000km already makes international flights possible, which would make the RELIGHT aircraft of great value
to the regional aircraft market. It will be able to service trips such as Rio de Janeiro to Asuncion, Bogota-
Belize, Nairobi- Djibouti, Maputo- Cape Town as well as Bangkok- Singapore and Manila- Hong Kong.
Therefore clients we aim to interest in with this product, are major regional airlines that cover international
flights. Together with airport managements and local governments we aim to set up a collaboration that un-
dertakes the effort to reduce emissions, and possible fuel and trip prices to connect more people and allow
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more people to fly in the near future. The aim is to develop a concept hydrogen aircraft to show the feasibility
of the fuel source, in order to inspire governments and airport managers to implement changes that will move
towards a more sustainable aviation paradigm. Over the course of the long development period, this concept
will be further refined to improve efficiency and aesthetics to eventually be able to an attractive, economical
and sustainable aircraft to airlines in regions where these developments have been applied.

The development of this aircraft concept is estimated to take between 10-15 years, and as it is heavily depen-
dent on the development of the hydrogen economy and the availability of liquid hydrogen at regional airports,
especially in developing economies, the aim is to have the product ready to deliver the first aircraft by 2040.

2.3.1 Strengths & Weaknesses, Opportunities & Threats
The strength of this design, lie primarily in its simplicity, it does not introduce too much innovation at once.
Instead it uses a conventional layout that ensures compatibility with already existing norms and methods,
focusing instead on the key area. The use of a turbofan engine also allows for high cruise speeds, and the
high wing configuration eases the constraint on the bypass ratio for increased fuel savings. On top of the
strong savings in emissions hydrogen has another major advantage over kerosene: it is a practically unlimited
resource on earth, as long as there is enough water and power available.

Figure 7: SWOT Analysis

Currently however the price of kerosene is low and on top of that the price of hydrogen quite high. This makes
hydrogen usage less attractive in the current market. Whilst the low fuel consumption can compensate for
that already, it is really an opportunity for airports that generating hydrogen with their already existing water
architecture, to further reduce fuel costs significantly. This opportunity is further promoted by the reduced
cost for renewable energies and increased governmental pressure to adopt more sustainable operations.
The success of this project strongly depends on the implementation of a hydrogen infrastructure. Should a
lack of interest result in a failure to do so, or should alternatives proof to have a better performance, only then
might project not deliver on the value it promises.
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3 Mission Characteristics
This section briefly describes RELIGHT’s typical mission characteristics. First, the flight profile diagram
is shown in Section 3.1, after which the payload-range diagram is discussed in Section 3.2. In addition,
typical ground operations and mission logistics are touched upon in Section 3.3. To complete the mission
characteristics, a functional analysis is performed in Section 3.4.

3.1 Flight Profile
The flight profile diagram depicted in Figure 8 shows that the mission can be split into 11 different phases.
After engine start-up and taxiing to the runway, the aircraft takes off and starts climbing to a cruise altitude
of 10km. The aircraft will cruise for approximately 2000km at a cruise speed of 807.6km/h. At the end of
the cruise phase, the descent is initiated towards the altitude of the runway on which the aircraft will land.
In normal conditions, the aircraft will touch-down, taxi to the gate and shut down the engines. However,
in case a diversion is needed, the aircraft will climb again to perform a second cruise. The aircraft will be
able to cruise for another 200km at a speed of approximately 646km/h. Then the loitering phase starts, in
case the aircraft is put on a holding pattern. As with the second cruise range, the loiter duration is set by
CS25 regulations. Hence, the aircraft will have enough reserve fuel to loiter for 45 minutes at a speed of
approximately 485 km/h. The mission will then be completed by a second descent and landing.

Figure 8: Mission flight profile diagram [6]

1. Engine start-up 7. 2nd Climb
2. Taxi 8. 2nd Cruise
3. Take-off 9. Loiter
4. Climb 10. 2nd Descent
5. Cruise 11. Landing
6. Descent

3.2 Payload-Range Diagram
The payload-range diagram is depicted in Figure 9. It visualizes the achievable range as a function of payload
weight taken on board. For conventional aircraft, this diagram consists of three lines: one where the design
range is achieved with maximum payload weight, one where payload is exchanged for fuel to increase achiev-
able range and one for the ferry range. However, for RELIGHT, exchanging payload for fuel is not possible
as the fuel tanks are designed to the design range of 2000km with maximum payload, including reserve fuel
for diversion and loitering. Liquid hydrogen has a low volumetric energy density as compared to kerosene
(8600 vs 35000MJ/m3). Therefore, exchanging passenger for fuel would require an enormous increase in
tank volume, which would have negative effects on the overall performance. Exchanging the weight of five
passengers would already imply a tank volume increase of 25%. In Section 6.1.8, this is discussed in more
detail and possible solutions for this are explored. To conclude, the achievable range will only exceed 2000km
if less than the maximum payload weight is taken on board, provided that no extra ballast is needed to ensure
a stable and controllable aircraft. In case no payload is carried, a ferry range of 4348km is obtained.

Figure 9: Payload range diagram for a design range of 2000 km
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3.3 Operations and Logistics
The schematic presented in Figure 10 shows the ground operations procedure of a typical flight. Starting from
the preparation for the next flight, and ending with the necessary post-flight checks. A vast difference from
ordinary ground operations seen today is the extra precaution and effort required for the hydrogen propulsion
system. The propulsion system requires special care and more frequent inspection. The fuel tank and the fuel
pipes will see large temperature differences throughout the flight, As the volume of hydrogen is not constant
throughout the flight; it will expand and, as a result, increase in temperature. These large temperature differ-
ence will strain the material more than usual, hence frequent and careful inspection is required. Furthermore,
during the process of loading the aircraft, the cryogenic hydrogen needs to be safely transported to the aircraft;
moreover, refueling has to be performed safely, whilst also minimizing overall temperature increase of the
fuel. Lastly, the aircraft will require additional post-flight safety checks before the passengers can disembark.

Figure 10: Operations and Logistics Flow Diagram
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Generally speaking hydrogen does not produce any CO2 emissions and has reduced NOx emissions. That
is one of the reasons it was chosen as the fuel source for the aircraft. However, the hydrogen production
method can pollute harmful emissions, although this strongly depends on the method used. Advantages of
using hydrogen include that the only two resources required are water and energy. Whilst hydrogen can be
sourced from splitting methane, this will produce carbon dioxide and is therefore not the preferred method of
generation. Hydrogen can also be produced by directly splitting water. Airports already have infrastructure to
supply freshwater and electricity, and the project’s vision entails the usage of green energy sources to do this
splitting directly at airport facilities. This could either be facilitated by general green energy production in a
countries economy, or by using wind, solar or geothermal energy if possible at airports, to power the hydrogen
generation. In that scenario the production of fuel would be straight forward and no transport costs need to be
added. In summary, the required infrastructure consists of green energy production systems, temporal isolated
storage units for the cryogenic liquid hydrogen and transport vehicles with safe, insulated tanks. RELIGHT
will therefore be limited to land on airports that have the infrastructure required to produce green hydrogen,
unless an emergency landing is required. After initial investment costs have been covered, an installation like
this will make hydrogen production more environmentally friendly and make the aircraft no longer contribute
to the greenhouse effects both directly (during operation) and indirectly (hydrogen production).

The current state of hydrogen production at airports is less developed than required for operation of the
RELIGHT aircraft. Though, many initiatives are being investigated and started up around the world, including
at airports. Investments are required in a few areas: green energy production, hydrogen electrolysis plants,
hydrogen transportation infrastructure, hydrogen storage, hydrogen fuel loading infrastructure. The green
energy production is already a hot-topic around the globe, while progressively initiatives are taken up to
provide the world with green hydrogen, such as the plans to build a massive 10 gigawatt hydrogen plant in
Groningen, by 2040 2. The other aspects of flying with hydrogen that need to be developed, are for example
the storage of hydrogen, the transportation of hydrogen, and the fueling procedures. Hydrogen is more prone
to leaks during transportation and storage than kerosene and is often stored at high pressures, which will
imply safety concerns which need to be addressed before entry into service.

3.4 Functional Analysis
Next to the identification of the ground operations, all other functions that the aircraft needs to perform must
be acknowledged to facilitate the generation of (sub)system requirements.

3.4.1 Functional Flow Diagram
The Functional Flow Diagram (FFD), of which the initial version was presented in the baseline report [3],
has been further adjusted to more accurately describe the chronological order of all system functions. The
FFD is provided below, at the end of Section 3. The blue boxes represent the top level functions, after which
the one-level-down functions are presented in yellow, followed by the purple functions. Furthermore, the red
box ’Assure operative flight’ outlines a separate group of functions. A numbering system is in place to stress
the sequential nature. In the diagram the reader can also distinguish ’and’ and ’or’ functions. These stress
that some functions are performed together or, that, according to the circumstances, a select number of the
functions is to be performed.
Compared to the baseline FFD, a few things have been changed. First of all, new (sub)system function have
been identified of whichmost are related to the use of liquid hydrogen. This for example includes the refueling
of liquid hydrogen, which is slightly more complex compared to conventional aircraft. The fuel system is
worked out in more detail in Section 6.3. Also monitoring the tank conditions has been added, as these
are more likely to change in the external wing tanks due to the passage of airflow, which increases boil-off.
Compared to the baseline report, some sub-systems have been worked out in more detail. Although this is
not directly implemented in the FFD, schematics of the electrical, hydraulic, data handling, environmental
control and APU sub-system can be found in Section 7.

3.4.2 Functional Breakdown Structure
All functions the aircraft is required to perform are presented in the Functional Breakdown Structure (FBS),
which is shown at the end of Section 3. The framework for the FBS has been obtained from the baseline

2https://nos.nl/artikel/2324772-plannen-voor-het-grootste-europese-waterstofproject-in-groningen.
html

https://nos.nl/artikel/2324772-plannen-voor-het-grootste-europese-waterstofproject-in-groningen.html
https://nos.nl/artikel/2324772-plannen-voor-het-grootste-europese-waterstofproject-in-groningen.html
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report [3]. The basis for the FBS is the FFD, with omission of the chronological aspect, whilst going into
more depth on the system functions. The FBS provides the top level functions with subsequent lower level
functions, where the lower level functions add additional detail. The top level functions are split into five
groups; pre-flight, take-off, cruise, descent and landing, with their respective lower level functions. In order
to more clearly visualize the hierarchical nature of the diagram, colors are applied for each specific function
level; additionally, a numbering system is in place to indicate at which level the function is.
A careful breakdown of all functions the system is required to perform, was subsequently used to determine
system and subsystem requirements. The rigorous approach to the creating of the FFD and FBS ensured
no system function was overlooked, and, consequently a very clear and thorough list of requirements was
generated.



A Functional Flow Diagram
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B Functional Breakdown Diagram
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4 Sustainable Development Strategy
This chapter addresses how sustainability is incorporated in RELIGHT’s design. First, Section 4.1 dicsusses
developments in the aviation industry with respect to sustainability and innovation. After that, an approach
towards sustainability is developed in Section 4.2. Finally, Section 4.3 presents the methodology for quantifi-
cation of sustainability.

4.1 Current Developments
Currently, aviation is one of the most vital facilitators of international transportation and the number of pas-
sengers per year keeps growing. Over the course of 2000 to 2018, passenger numbers almost tripled (see
Figure 11 [7]), and the IATA predicted passengers numbers to double in 2037, meaning a 3.5 Compound An-
nual Growth Rate (CAGR) [8]3. As such, it is evident that air transport facilities will support this growth and
keep increasing in size on all scales. However, keeping in mind that the aviation sector takes up about 2% of
global emissions [9]4, it is of paramount importance to the environment that these emissions undergo serious
measures. If not, then emission could grow by as much as 300% by 2050, as expected by the International
Civil Aviation Organization (ICAO) [10]5. Figure 12 shows, as expected by the IATA, the expected carbon
emission growth until 2050 (if no action is taken) together with the goal to reduce carbon emissions by 50%
[11].

Figure 11: Accessibility of air travel up to 2018

Figure 12: Schematic CO2 emissions reduction roadmap

3https://www.iata.org/en/pressroom/pr/2018-10-24-02/
4https://ec.europa.eu/clima/policies/transport/aviation_en#tab-0-0
5https://www.icao.int/environmental-protection/Pages/ClimateChange_Trends.aspx

https://www.iata.org/en/pressroom/pr/2018-10-24-02/
https://ec.europa.eu/clima/policies/transport/aviation_en##tab-0-0
https://www.icao.int/environmental-protection/Pages/ClimateChange_Trends.aspx
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Aside from IATA, the European Comission has dictated the European aviation sector with even more chal-
lenging goals by 2050: 75% reduction of CO2 emissions per passenger kilometer, 90% reduction NOx per
passenger kilometer and 65% noise reduction, with respect to aircraft in 2000. Also, taxiing is to be emission-
free, aircraft are to be recyclable and sustainable alternative fuels are to be implemented. Furthermore, air
travel should provide accessibility to meet societal and market needs and facilitate 90% of travelers within
Europe to arrive at their destination within 4 hours [12]. Hence, the aviation sector is to be improved and
innovated on all scales, including regional air travel. As such, small airports and surrounding areas, which
are not of utmost importance to mainstream airliners, are addressed as well regarding environmental goals.

4.2 Sustainability Approach
The aim for RELIGHT that arises from the aforementioned reasons, is to be sustainable in the regional aviation
sector. Sustainability is in general defined as: ’Meeting the needs of the present without compromising the
ability of the future to meet their own needs [13]6’. As a consequence, in regional aviation, every decision
should be carefully taken whilst predicting the corresponding benefits and compromises in the future. Three
categories are defined for which these (dis)advantages are addressed: the environment, the economy and
society. As such, RELIGHT is seeking to be sustainable in these three fields.

4.2.1 Environmental Sustainability
The first and foremost pillar of sustainability regards the environment. A formal definition is: ’meeting
the resource and services needs of current and future generations without compromising the health of the
ecosystems that provide them.’[14] Generally, it entails the abatement of the damaging impacts to the planet.
Damage is indicating for the future as an adverse effect in meeting their own needs, and mostly comes down
to global warming, depletion of resources, pollution and waste creation. One way to indicate these effects
is by means of the environmental footprint (EF). The goal for reduction of RELIGHT’s EF is only 25% as
opposed to the 2050 goals of the European Commission [12]. Hence, RELIGHT is set to come into service
much earlier, while being an important step in the right direction.
Before coming into service, RELIGHT is produced and as such the stakeholders and manufactures require
sustainability for that as well. Consequently, manufacturing emissions and thereby the production footprint
shall both be lowered by at least 25%. More specifically, the manufacturing process is aimed to follow the lean
manufacturing method. Also, the total production time for a single unit, which is called the throughput-time,
has a limit of six months. The plan for manufacturing is touched upon in Section 9.3.

When RELIGHT’s manufacturing is completed, the operational life phase can begin. Most certainly, this
is the predominant emission producing phase. Hence, the requirement is to reduce emissions that harm to
the environment by at least 25%. Evidently, where possible emissions should be reduced more than that.
Another operational requirement is that RELIGHT shall be able to make use of existing facilities at airports.
This concerns fueling systems and the fuel (production) itself. If no infrastructure for a sustainable fuel is
currently present, it should be developed to ensure future operations at the airport. At least, enough evidence
should be obtained that one will exists in the future.

The last phase of RELIGHT’s program is called End-of-Life, i.e. the aircraft is taken out of operation. If
the aircraft would simply be stored at some deserted location till eternity, environmental sustainability is lost.
Therefore, first of all, serviceable subsystems are to be reused in airframes that are either being produced or
already in operation. Secondly, the materials used in the airframe should be applicable for recycling as much
as possible.

6https://www.investopedia.com/terms/s/sustainability.asp
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4.2.2 Economical sustainability
Aside from the environment, which is often regarded the most predominant factor in sustainability, the impact
on the economy is a crucial factor as well. Being economically sustainable entails that the entire RELIGHT
program is profitable and can hence support long-term economic growth [15]. This includes the production
program, operation and End-of-Life. Still, the overall costs for the aircraft program are allowed to increase
by 25% with respect to reference aircraft. The only cost aspect that shall be similar are the passenger taxes.
The other increases in flight crew and cabin costs, operating costs, maintenance costs and purchase costs are
allowed to provide a wider design space. As such, there is more room for innovations that would otherwise
be unavailable. RELIGHT therefore aims to be as innovative towards sustainability as possible while pushing
the costs to this limit. Still, if after careful trade-off a concept arises that is both more sustainable and less
costly, it should be selected. Lastly, to avoid unnecessary research costs, components should be selected with
a Technology Readiness Level (TRL) higher than 4. Cost performance aspects are discussed in Section 8.4.

4.2.3 Social Sustainability
The third and last pillar of sustainability deals with society. A definition for it is: ’Social sustainability is
the enduring, harmonious quality of life of people affected and affecting a project, program, product, or
process’[16]7. Hence, RELIGHT should take into account all people involved. These are first and foremost
the stakeholders during development, testing, certification and production. They include employers and em-
ployees of the aircraft program and organizations like the European Aviation Safety Agency (EASA) and the
Federal Aviation Agency (FAA). An employment structure should be set up that complies with employment
law, i.e. the European Labour law [17]8.
During operation another group of stakeholders can be defined; these include the airliners that operate the air-
craft, airports and authorities. As such, operational reliability is key for airliners and maintenance operations
should be at least similar to current aircraft, which is touched upon in Section 7.4. Also, regarding pilots,
aircraft handling, pilot training and automatization systems shall be similar to existing aircraft. Furthermore,
compliance with airport and Air-Traffic Control (ATC) requirements is also necessary, which amounts to
good communication with ground stations and other aircraft. Also, data relay to ground stations is necessary.
Lastly, to be of quality to authorities, regulations have to met; compliance with CS-25 and EASA regulations.
Stakeholders that are affected during operation, but do not have much influence are first of all passengers.
Passenger safety is vital, and as such the aircraft shall comply with all safety regulations that are imposed
by authorities.Apart from safety, passenger comfort is of utmost importance and should be treated carefully.
This includes aspects such as a comfortable cabin environment, comfortable seating, on-board catering and
cabin luggage storage similar to current regional airliners. Another portion of this group of stakeholders is
taken up by people that live near airports. Aircraft noise should be minimized, since the goal for 2050 is to
reduce noise by 65%. Therefore RELIGHT strives to reduce noise by at least 25%. Estimations for noise can
be found in Section 8.2.

4.3 Quantification of Sustainability
Sustainability will, as it is composed of three pillars, be measured in terms of the Environmental Footprint, the
Economical Footprint and the Social Footprint. The final results of the analysis are presented in Section 8.5.4.

4.3.1 Environmental
To obtain a way of measuring environmental sustainability, the main life phase that is analyzed is operation,
as this will take up the largest part. Yet, other aspects such as recyclability, that may be less quantifiable, are
discussed in Section 8.5. For the environmental footprint a number of sub-footprints have been investigated.
After doing so, two were selected that were regarded most applicable [4]. These are the Carbon Footprint
(CF), which describes the carbon equivalent emissions, and the Water Footprint (WF) which incorporates the
use of fresh water.

Carbon Footprint The estimation of the CF is included in Section 8.3. For this, emissions of Greenhouse
Gases (GHGs) will be analyzed for operation of RELIGHT, expressed as Global Warming Potential (GWP),
with a 100 year time horizon [18][19]. The following GHGs were selected: CO2, H2O and NOx. Other
GHGs, such as CH4, N2O, Unburned-Hydrocarbons (UHCs), Black Carbon (soot) and CO are certainly

7https://pages.uncc.edu/inss/blog/2013/08/15/social-sustainability-from-an-engineers-perspective/
8https://ec.europa.eu/social/main.jsp?catId=157&langId=en

https://pages.uncc.edu/inss/blog/2013/08/15/social-sustainability-from-an-engineers-perspective/
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damaging to the climate, however on a significantly lower scale which makes them not useful here for com-
parison with reference aircraft. The mass of each GHG emitted per kg of fuel, the Emission Index (EI), is
used to obtain kg CO2-equivalent per passenger kilometer [20]. For instance, 1kg of NOx is equivalent to
the impact 28kg CO2.

Water Footprint Fresh water is a quintessential resource on Earth for many processes. For green production
of H2, electrolysis is used, which needs H2O [21]. Also the production of conventional jet fuel uses H2O
[22]. ThisH2O is later emitted as water vapour for both fuels, however water vapour is not directly available
as fresh water again. For the production of aircraft, water is needed as well, however the difference between
current aircraft and the new concept is not expected to be noteworthy. The WF of current aircraft and the
chosen concept will be analyzed and expressed in m3 water per passenger kilometer. The estimation is dis-
cussed in Section 8.5.2.

4.3.2 Economical
To quantify the economical sustainability of RELIGHT, a few estimations on cost are made (see Section 8.4).
These estimations include development cost, operating costs regarding fuel, the purchase cost of a single
aircraft (unit cost) and a return on investment. The latter requires also an estimation on profit, which is
necessary in terms of sustainability. When related to passenger kilometers, all these different cost aspects can
be compared to data that is available for reference aircraft. As such an estimation of economical sustainability
is done.

4.3.3 Social
For quantification of the social footprint, aspects of RELIGHT are investigated that have impact on people
who do not have much influence on the aircraft program. These are for one the people that live near airports
and they are affected not only by aircraft noise, but also by pollutants. These pollutants can for instance create
smog or have impact on health. As such, two footprint are selected, the Air Pollution Footprint and the Noise
Pollution Footprint.

Air Pollution Footprint The Air Pollution Footprint (APF) has to do with effects on human health. It is
another aspect of the social pillar of sustainability. Emissions that are harmful to humans are for instance
Ozone (O3) and Particulate matter (PM2.5) [23]. PM2.5 includes for instance soot. O3 is also a GHG, but it
is not included in the CF as at high altitude O3 is important for protecting Earth from UV-light [24]9. Ozone
is also not directly emitted from kerosene combustion, but its production is enhanced by emission of NOx.
The APF is be expressed in kg of particles with potential to be harmful to humans, per passenger kilometer,
and an estimation is found in Section 8.5.2.

Noise Pollution Footprint Aircraft noise has a adverse impact on society and therefore needs to be reduced
as much as possible to be sustainable (social pillar). Therefore, for quantification of the Noise Pollution Foot-
print (NPF), engine noise and airframe noise are assessed in Section 8.2, and are measured in Sound Pressure
Level (SPL), with units dB.

9https://www.eia.gov/tools/faqs/faq.php?id=84&t=11
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5 Preliminary Concept Description
The purpose of this chapter is to introduce and elaborate on the concepts that the team came up with during
the midterm phase of the project. First, a brief summary of the trade-off is given in Section 5.1, after which the
most promising concept is worked out in more detail in the remainder of the section. This is done by means
of a class I weight estimation and a trade-off to determine the ideal hydrogen and kerosene fuel fractions.
Finally, the class II weight estimation framework and the flight envelope are discussed in Section 5.3 and
Section 5.5, respectively.

5.1 Preliminary Concept Trade-off Summary
5.1.1 Initial Concepts
At the start of the project, a design option tree was constructed from which the most feasible and promising
design solutions were selected. With the project objectives in mind, the team narrowed down the solution
space to three concepts, each having a different sustainability driver to significantly lower the environmental
footprint. The selected concepts are depicted in Figure 13, in which also the main characteristics can be
found.

Figure 13: Concept Hybrid Hydrogen (left); hybrid high bypass turbofan engines (kerosene and liquid hydro-
gen), high wing, T-tail, Concept StruttedWing (top); high AR strutted high wing, propfan, T-tail and Concept
Blended Wing Body (bottom); blended (boxed) wing, high bypass turban, boundary layer ingestion, vertical
tail only

.

5.1.2 Trade-off Method
The trade-off enables comparison of the concepts based on six main trade criteria: cost, safety, noise, emis-
sions, ground operations and passenger comfort. The corresponding weights are based on the relative im-
portance to the scope of the design and are mostly derived from top-level requirements and stakeholder re-
quirements. Each main criterion comprises sub-criteria, which are used to assess the concepts at lower levels.
The sub-criteria were also given weights based on their importance to the project objectives. For each of the
main criteria, the concepts were given scores based on their relative performance to the others. This being
either 1, 4, 6 or 9, to make sure the concepts don’t end up having similar total scores. In the end, six weighted
scores are obtained which indicate how well a certain concepts performs for a sub-criterion. The results are
summarized in Table 10. Finally, these weighted scores are weighted once again using the main trade-criteria
weights. This resulted in three total scores, one for each concept, the concept with the highest total score is
selected.
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Table 10: Concept trade-off summary

Criteria Cost Safety Noise Emissions Ground
operations

Passenger
comfort Total

Weights 0.25 0.1 0.1 0.35 0.15 0.05 1

Blended Wing Body 4.05 5.9 9 1.3 4.6 5.0 3.9
Strutted Wing 6.1 5.0 1 4.2 4.5 5.1 4.5
Hybrid Hydrogen 1.9 3.1 4.0 8.2 4.0 5.6 4.9

As becomes clear, concept Hybrid Hydrogen came out as winner. The main driver was the remarkable per-
formance in terms of emissions. Although the emissions during the production and end-of-life were similar
for all concepts, a significant difference in favor of concept Hybrid Hydrogen was found in the operational
emissions due to the lower emissions factors of hydrogen compared to kerosene. Only the emissions factor
of water vapor is significantly higher which has a much lower impact on the environmental footprint. [5].

The total score of concept Hybrid Hydrogen was limited due to lower cost and safety performance scores.
The latter does not correspond to an unsafe design, but it is indicative of the implications on structural crash-
worthiness, flammability, emergency evacuation, engine malfunctions and the ability to identify structural
faults. Primarily, the use of liquid hydrogen induces additional risk of fuel flammability and a slight decrease
in engine reliability due to the application of type of fuel which is relatively new to the aviation industry.
The low cost performance is also caused by the innovative characteristics of concept Hybrid Hydrogen. The
handling of hydrogen, as well as the availability at airports is more difficult when compared to the kerosene
infrastructure. Furthermore, hydrogen is about 2% more expensive in operation than the use of normal jet
fuel [25]. Therefore, an increase in operational cost can be expected. Moreover, the research and certifica-
tion & testing costs will be significantly higher. Liquid hydrogen is chosen over hydrogen gas because the
latter requires big, heavy pressurized tanks, which pose even more safety hazards. The larger volume would
cause excessive drag and likely requires difficult costly structural engineering in terms of the tanks them-
selves and/or bubble fuselages. Dealing with cryogenic temperature requires a lot more care than regular
fuel and since hydrogen is highly volatile, the cryogenic tank only ensures integrity through rigorous testing.
Although this increase in cost might endanger the requirement of being economically competitive, the team
believed that this could be suppressed by keeping the development costs in mind whenever a design decision
has to be made. Concluding, the concept was chosen which showed the highest potential of minimizing the
environmental footprint, whilst still performing sufficiently on key criteria. In the following sections, the Hy-
brid Hydrogen concept is elaborated further to provide additional insights before the detailed design phase is
introduced.

5.2 Hydrogen Hybrid Definition
The hydrogen hybrid concept defines itself as having hybrid consumption of hydrogen and kerosene. At this
point it is not yet determined how the hybrid injection will happen (options e.g. are different combustion
chambers, combined combustion or different engines). The mass fraction of hydrogen in the combustion
injection is the key parameter, which needs to be determined by analyzing its impact onweight, cost, emissions
and overall viability. First, a Class I weight estimation method is developed in Python. As input, it takes into
account a specified hydrogen mass ratio (the mass of hydrogen compared to the total injected mass). The
Class I estimation will be performed for a range of 0 to 100% hydrogen mass fractions, in steps of 1%. This
will result in different MTOW, OEW and kerosene/liquid hydrogen fuel weights for different ratios. The
Class I weight estimation results and additional parameters (fuel cost, emissions) calculated from them shall
be used to determine the final hydrogen mass fraction.

5.3 Class I Weight Estimation
The goal of the Class I weight estimation is to provide preliminary values on the Maximum Take-Off Weight
(MTOW), Operational Empty Weight (OEW) and fuel weight. The Roskam [26] method is selected for this.
This method will be customized to accommodate hydrogen aircraft elements (i.e. the tanks and hydrogen
system weights). The MTOW of the aircraft consists of OEW, payload and fuel weight, shown in Equation 1.



5.3 Class I Weight Estimation 38

MTOW = OEW +WPayload +WFuel (1)

PayloadWeight First, the payload mass is determined from requirements. The aircraft shall be able to trans-
port 75 passengers (SRA-STAKE-AL-02, Table 13), assumed to have a mass of 93kg each (including cabin
luggage), and 1000kg of cargo (SRA-PROD-PERF-12, Table 13). This results in a payload weight of 7975kg.

OEW Then, a MTOW-OEW regression is performed based on reference aircraft. the reference aircraft se-
lected are the Bombardier CRJ100, CRJ550, CRJ700 and CRJ900; Boeing 717-200; DC9-10; Bae RJ70;
Fokker F70; Embraer 145. The regression can be seen in Figure 14, as can be the regression formula. An
additional weight for the hydrogen system is assumed, as the supporting fuel storage and distribution system
weight will be higher than for kerosene. A preliminary weight of 1.5 tons was determined in [27]. This num-
ber is multiplied by the hydrogen mass ratio and added up to the OEW. A full hydrogen Class I A/C would
thus have an additional 1.5 tons OEW penalty, while a kerosene aircraft would obviously have zero added
OEW.

Figure 14: Class I MTOW-OEW regression analysis

Fuel Weight Finally, the amount of fuel to be carried is computed by the fuel fraction method proposed
by Roskam [26]. This is done by first defining a mission profile with different phases, then assigning fuel
fractions to those phases (Wend to Wbegin), either pre-assumed values (take-off, taxi, shutdown, etc.) from
Roskam [26] or calculated using range and loitering equations if applicable. The cruise range is determined to
be 2000km from requirements, a second cruise diversion range is taken at 200km, and additionally loitering
is allowed for up to 45 minutes. The lift-to-drag ratio of the aircraft is assumed to be 15 [26] in this design
stage. Each fuel fraction depends on the weight of the fuel consumed, and as hydrogen and kerosene have
different specific energies (shown in Table 11), the total fuel fraction will change over the range of hydrogen
mass ratios. To calculate the weight of the consumed fuel, one must determine the Specific Fuel Consumption
(SFC) for the cruise and loitering phases. The kerosene SFC is 1.6 · 10−5 kg/N/s, slightly lower than the
value of 1.9 ·10−5 kg/N/s applicable to the CRJ700’s CF34 engine [28]10, as the bypass ratio is higher (this
value is comparable to high-bypass engines). First, the hydrogen mass ratio R is defined to indicate the hybrid
mixture: this hydrogen mass ratio is R = ch

ch+ck
. To compute the hybrid SFC, it is assumed that a hydrogen

hybrid engine, for a hydrogen mass with equivalent energy to the replaced kerosene mass, will provide the
same amount of partial thrust as the replaced kerosene mass did. This involves solving the system of linear
equations formed by Equation 2 and Equation 3 with ch and ck as unknowns. ch refers to the hydrogen SFC
contribution to the hybrid SFC, ck to the kerosene SFC contribution, cjk to the full kerosene SFC, e is the
symbol for specific energy, and finallyR the hydrogen mass ratio. Equation 2 is derived from the assumption
that the hybrid configuration requires the same amount of energy as the full kerosene option. Equation 3 is
the hydrogen mass ratio R = ch

ch+ck
simply rewritten.

cheh + ckek = cjkek (2) (R− 1)ch +Rck = 0 (3)

10https://www.geaviation.com/sites/default/files/datasheet-CF34-8C.pdf

https://www.geaviation.com/sites/default/files/datasheet-CF34-8C.pdf
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Table 11: Specific energy and mass density of kerosene and liquid hydrogen

Fuel Specific energy e
[MJ/kg]

Mass density ρ
[kg/m^3]

Kerosene 42.8 804
Liquid Hydrogen 122.8 70

Adding up the determined ch and ck gives the actual hybrid SFC cj for a certain hydrogen mass ratio. An
analogous method is used to compute hybrid second-cruise and loitering SFCs. Also for the assumed fuel
fractions a weight reduction correction is implemented w.r.t. the hydrogen mass ratio (as hydrogen weighs
less, less mass is consumed in the fuel fraction). Multiplying all fuel fractions results in the final fuel fraction
Wend
MTOW , which expresses the ratio of the end weight to the MTOW. From this, the fuel weight can be derived,
i.e. the lost weight equals the consumed fuel weight, as seen in Equation 4. Kerosene and hydrogen masses
can be easily calculated by using the hydrogen mass ratio as seen in Equation 5 and Equation 6.

Mfuel = (1− Wend

MTOW
) ·MTOW (4)

Mh = R ·Mfuel (5) Mk = (1−R) ·Mfuel (6)

5.3.1 Results Discussion
In Figure 15, the Class I results are shown. For each hydrogen mass fraction percentage (0%-100%) the Class
I weight estimation was performed, with MTOW and OEW visible in the top left graph, and fuel weight
visible in the top right. In the other graphs, derived values which are helpful in selecting the right fraction
are shown.

Figure 15: Hybrid fraction trade-off
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MTOW/OEW/Fuel The OEW of the aircraft decreases with increasing hydrogen mass fraction. The reason
for this is the fact that the hydrogen has a specific energy which is three times as high. This is reflected in
the fuel weight in the top right graph. As this fuel weight decreases, MTOW decreases and thus structural
loads also decrease, allowing for a lower OEW. The OEW curve flattens at 40% hydrogen fraction due to the
hydrogen system mass taking effect (bringing along a 1.5 tonne penalty at full hydrogen). Less weight means
less induced drag (so less fuel consumption) and less airframe production costs. A full hydrogen concept
would be beneficial from a weight perspective, bringing the MTOW from 34 tonnes to 28 tonnes, which
reduces the OEW from 20 tonnes to 18 tonnes.

Hydrogen Volume As the density of hydrogen is approximately ten times as low while only having a specific
energy of 3 times as high w.r.t. kerosene (Table 11), the required tank volume is important to consider. A full
hydrogen aircraft would require a tank size of 27m3. A 40% hydrogen aircraft would require 20m3. Thus
solutions should be found in the form of top tanks above the cabin, external wing tanks beneath the wing,
additional fuselage compartments or a combination of the solutions listed. All solutions increase drag, struc-
tural complexity and potentially cause control/stability issues. The assumed hydrogen density is 70kg/m3.
The hydrogen volume shown is enlarged by 7.2% as suggested by Colozza [29] to create space for boil-off
hydrogen gases.

Specific Fuel Consumption (SFC) The SFC strongly decreases with increasing hydrogenmass fraction. This
is logical as hydrogen has a higher specific energy, roughly by a factor 3. Thus the fuel injected in the full
hydrogen configuration is roughly three times as low. This results verifies the SFC calculation. It also shows
again how light hydrogen is as compared to kerosene.

Fuel Cost If the fuel weights are known, an analysis can be made on their emissions and cost. The cost for
kerosene is assumed to be 0.6$ per liter (0.75$ per kg), with the cost of green liquid hydrogen assumed to be
2.4$ per kg in the future [30]11. The kerosene price of 0.75$ per kg is considerably lower than the 2.4$ per
kg of green liquid hydrogen. However, as hydrogen has three times the specific energy this effect is negated
and both fuel options end up costing about the same, thus the total cost line will not vary wildly. In fact, cost
savings will be present because hydrogen weighs less, which leads to a snowball effect, leading to less fuel
and less cost. Fuel prices can heavily vary in the future. This is also under the assumption that the hydrogen
is produced locally (with green energy), otherwise, additional transport costs will be in place. If the cost of
green hydrogen is still higher than kerosene in the future, one can partially use cheaper grey hydrogen (not
produced by renewable energy) as long as the emissions target is met, or accept the additional costs as a risk.

Emissions A Carbon Footprint analysis is also performed. This entails the calculation of CO2-equivalent
emission mass per passenger kilometer (see Section 8.3 for a more details). The CF of the Bombardier
CRJ700 was also calculated. Requirement SRA-STAKE-ENV-01.1 (Table 71) stated that RELIGHT should
be below 75% of the CRJ700 emissions. As such, emission data is obtained for each hydrogen mass ratio.
The requirement is already met at roughly 35% hydrogen mass fraction. At 100%, the emissions are very
low. However, this particular part of the trade-off did not take into account the effects of hydrogen production,
distribution, and hydrogen parts manufacturing into account.

5.3.2 Concept Selection
In the end it was decided to go for the full hydrogen configuration (hydrogen mass fraction is at 100%). The
emission savings are key to this project and a full hydrogen configuration scores exceptionally well in this
regard, while the cost would be the same in 2040. The added volume does not pose a significant threat. Also
the complexity of a hybrid configuration (two tank types, two fuel systems, two or combined combustion
chambers) pushes the design towards a single fuel solution (of which hydrogen is the best).

5.4 Class II Weight Estimation
The Class II weight estimation was created to provide a framework for the iteration of the aircraft design. The
weight estimation is based on the Roskam method [31], with the functions used specifically belonging to jet
transport aircraft and the Torenbeek method. Occasionally the Torenbeek methods were verified with the GD
methods [31]. The equations used for the weight estimation of each component will be elaborated throughout
Section 6. The code that was written to perform the Class II weight estimation takes a wide range of aircraft

11https://www.rolandberger.com/en/Publications/Hydrogen-A-future-fuel-of-aviation.html
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Table 12: Summary table for Class-II estimation
RL [kg] C.G.[m] F28 [kg] 737-200 [kg] RL fraction [-] F28[-] 737 [-]

Component

MTOM 28083.0 14.5074 29483.5 52389.9 1.000 1.000 1.000
OEM 18275.6 14.5858 14160.7 27310.8 0.650 0.480 0.521
Zero fuel mass 26249.5 14.237 20683.4 42184.1 0.934 0.702 0.805
Max fuel mass 1847.7 None 7861.2 15776.4 0.066 0.267 0.301
Max payload 7975.0 None 6522.7 15780.5 0.284 0.221 0.301
Wing group 2349.5 15.5029 3324.8 4814.0 0.084 0.113 0.092
Empennage 769.8 29.2592 740.3 1232.9 0.027 0.025 0.024
Fuselage 3948.2 14 3194.7 5492.1 0.141 0.108 0.105
Nacelle 803.6 13.2426 378.3 631.4 0.029 0.013 0.012
Landing gear 1234.4 None 1251.5 1974.9 0.044 0.042 0.038
Main LG 1017.2 15.4 None None 0.036 None None
Nose LG 217.3 3.835 None None 0.008 None None
Total structural 9105.5 None 8889.5 14145.3 0.324 0.302 0.270
Engines 2328.1 13.2426 2038.9 2820.0 0.083 0.069 0.054
Exhaust None None 57.6 456.8 None 0.002 0.009
Kerosene system 0.0 None 247.2 260.8 0.000 0.008 0.005
Hydrogen tanks 279.0 15.7025 None None 0.010 None None
Power controls 136.3 13.2426 97.5 171.5 0.005 0.003 0.003
Total propulsion 2743.4 None 2441.2 3709.0 0.098 0.083 0.071
Electrical systems 1342.8 13.2426 858.2 917.2 0.048 0.029 0.018
Instruments 382.1 2.3889 137.0 283.5 0.014 0.005 0.005
Flight controls 613.5 14.9608 794.2 1461.0 0.022 0.027 0.028
APU 210.7 27.2 156.9 379.2 0.008 0.005 0.007
Air conditioning 611.3 14 487.2 642.3 0.022 0.017 0.012
Furnishing 3028.5 14 1828.0 3013.2 0.108 0.062 0.058
Cargo handling 111.3 16.6667 None None 0.004 None None
Miscellanous/paint 126.4 14 None 56.2 0.005 None 0.001
Total fixed equipment 6426.7 None 4261.5 6752.6 0.229 0.145 0.129

parameters as input, and works in such a way that a new weight estimation can be obtained every time a
parameter is changed. The code iterates the Class I and Class II weight estimations until the results of the two
converge to within 1%. A graph has been made of the OEM converging, which can be seen in Figure 17. The
Class II estimation returns a value for the OEW, which can be used by the Class I code to find a new MTOW,
which is cycled through the Class II estimation again. The data flow of the elements used in the Class I &
Class II weight estimations is shown in Figure 16. The component weights computed in the estimation have
been divided in three categories, namely structural weight, power system weight and equipment weight. In
Table 12 rows 5 to 13 make up the structural weight, rows 14 to 19 make up the power system weight and the
rows from 20 to the end include all the fixed equipment. For comparison, data about the weight and weight
fractions of components from two similar aircraft are also shown [31]. A pie chart overview of the weight
fractions making up the overview is also given in Figure 47. Note that for layout purposes, RELIGHT has
been abbreviated to RL. Furthermore, the C.G. of certain components is also given in the table. These will
be used in Section 6.4.2.
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Figure 16: Data flow for weight estimations

Figure 17: Convergence of Class I and Class II weight estimations

Verification & Validation All of the equations used to calculate the component masses have been verified
with an hand calculation, directly from [31]. One very important note that must be kept in mind, is that the
equations from [31] are all in imperial units. In the implementation of the Class II weight estimation, great
care was taken to convert all units properly. Each and every parameter has been checked to be in the appropri-
ate units at least twice to avoid mistakes. The results of the Class II weight estimation have all been displayed
in kilograms to avoid confusion during the design of the multitude of subsystems of RELIGHT.

ToValidate the results, the component masses have been compared to two reference aircraft. Both the absolute
masses and the fraction with respect to MTOM have been compared. It can be noted that the OEM fraction
of RELIGHT is relatively large, which can be attributed to the use of hydrogen. The rest of the components
are in the same order of magnitude, with some components weighing relatively more than in the comparison
aircraft. This is due to the use of hydrogen, lowering the MTOM, and advances in technology placing more
emphasis on electronic systems. This will increase the APU and electrical system mass, while reducing the
flight control mass.

5.5 Flight Envelope
The flight envelope is, along with the Class II weight estimation, the primary base upon which the entire
preliminary design is built. It dictates the graphical region in the airspeed-load factor relation at which the
aircraft is allowed to operate in. That is, for certain Class I output values, the flight envelope predicts opera-
tional speed values and load factors, for which the aircraft will perform its designatedmission to themaximum
of its potential, but also safely. Regardless of operational mission, all aircraft entail such a process in the de-
sign face, but obviously generate a different set of output limits, and allowable regions of operation.

The calculation is split in two branches. Initially the flight manoeuvre diagram is calculated, during which
the load factors and design speeds are calculated solely for the aircraft’s performance. Then, the plotting of
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the gust manoeuvre diagram follows, with designed load factors and speeds for wind gusts and generally for
unpredictable ambient conditions. Broadly for both, the rule that can be seen from the plots is that for higher
speeds higher load factors are visible, and the closer the speed is to zero, so is the factor.

VS =

√
2 · GWS
ρ · CNmax

(7) nlimpos = 2.1 +
24, 000

GW + 10, 000
(8) CNmax = 1.1 · CLmax (9)

Initially, the starting values to be obtained are the stall speed and the positive limit load factor. The latter,
shown above depends solely on the Gross Weight, which is the maximum take-off weight together with the
fuel weight for taxiing, and is estimated as MTOW

0.99 . The value is also limited from the relation below due
to empirical data. The stall speed, here VS , is by definition the minimum airspeed at which the aircraft is
controllable, and so it is found first at a load factor of +1g. It is dependent upon the gross wing loading,
the cruise density, and the maximum normal force coefficient, empirically estimated at 1.1 times the CLmax
requirement (which is determined to be 1.8), shown in Equation 9.

2.5 < nlimpos < 3.8

Therefore, it is determined that if the value is calculated to be below 2.5 it should be automatically be 2.5,
and similarly above 3.8. Furthermore, the cruise speed is obtained with Equation 10 and is also dependent
upon the gross wing loading and kc, a constant that varied with wing loading values for utility aircraft, and
therefore here is 26.5. Furthermore, one can also get the value for VA, the design manoeuvering speed, using
Equation 11 with the output values of the to equations above.

VC = kc ·
√
GW

S
(10) VA = VS ·

√
nlim (11)

Moreover, the above values of the different speeds will become the slopes in the gust loading diagram of
Figure 18b, forming the gust lines that start from the loading value of +1g. Lastly, the negative values for the
manoeuvering load diagram source from statistics of similar aircraft. For the envelope procedures and loading
calculation, the major distinction of aircraft is made between normal category, which is the category under
which the RELIGHT belongs, utility category, with minor acrobatic allowance, and acrobatic category, for
large range of motion possibility, usually seen in military aircraft. For normal category aircraft, the negative
limit load factor is suggested to be -1g, and the stall speed value is henceforth calculated according to this
reduction.

(a) Flight Manoeuvre Diagram (b) Flight Gust Diagram
Figure 18

The sole purposes of the flight envelope are vehicle safety and a successful flight mission. The above two
resulting diagrams, the manoeuvre diagram and gust diagram, take into account all possible phases and sub-
phases of the aircraft’s flight, from taxiing before take-off to taxiing after landing. Any manoeuvre and any
gust and wind condition for which it has operational clearance is accounted for. This is also the reason the
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two diagrams do not diverge much in values of load factor or speed. It is now time to merge them and obtain
the resulting envelope. The overlap is visible in Figure 19a, and after clearing out the unnecesary lines, the
obtained final envelope diagram by the calculation process can be seen in Figure 19b.

(a) Merged Diagram (b) Resulting Envelope
Figure 19

To give the reader a clear understanding of the overall result, looking at the merged diagram the governing
outline is the one that remains. That is, if any of the blue lines has another blue line further to the outside,
then it is neglected, and displayed as a dotted line, to still give the idea of the structure behind it. It should also
be noted, in case it has not been clear, that for all 4 plots, the blue lines represent the outlines for the limiting
region, that is led by the aforementioned equations of the flight envelope procedure. Lastly, the envelope is
limited by the stall speed, both the one in the positive and the one in the negative region, and does not include
the part of the convergence towards zero even if it existed previously. That is because realistically, at speeds
below the stall speed, there occurs events such as flow separation on the wing surface and the plot behavior
cannot be predicted by classic aerodynamics, and so it is intentionally left out of the result.



45

6 Subsystem Development
This chapter outlines the detailed design phase of designing the individual subsystems. First, the fuselage and
tank layout is discussed in Section 6.1. This is followed by the design of the wing planform, propulsion system,
empennage and landing gear in Section 6.2, Section 6.3 and Section 6.4, respectively. The section is closed
off with Section 6.5, in which a structural analysis of the wing box, fuselage and fuel tank is performed along
with the selection of materials. Each of the aforementioned subsections follows a common structure. First, the
subsystem requirements are tabulated in which also the compliance is shown. A ’3’ indicates compliance,
’7’ means a requirement has not been met and ’3/ 7’ implies that either the requirement is partially met
or shows a high potential of being met after more detailed analysis. Then the technical work is presented,
followed verification of the codes uses and validation of the code results obtained. Next, a sensitivity analysis
is performed to check the behavior of the results with the uncertainties present in the inputs. In this way, more
insight is gained in the sensitivity of certain design parameters, whichmight endanger compliancewith certain
requirements. Finally, the compliance with the requirements are discussed. In some cases, recommendations
are stated to facilitate the discussion on the compliance with requirements.

6.1 Fuselage and Tank Layout Design
The fuselage provides space for the cockpit, galleys, passengers and cargo. In the case of RELIGHT, liquid
hydrogen must very likely be stored in the fuselage as well because of its limited volumetric energy density.
The fuselage also provides mounting for the wings, empennage and landing gear.

6.1.1 Preliminary Requirements
The fuselage design and tank placement are subject to several requirements, presented in Table 13. The green
boxes indicate driving requirements. Compliance will be checked after design, in Section 6.1.7.

Table 13: Internal layout requirements
Requirement Identi-
fier

Requirement Compliance

SRA-STAKE-AL-02 The aircraft shall accommodate 65 to 75 passengers in an econ-
omy class setting.

3

SRA-PROD-PERF-12 The aircraft shall be capable of carrying all passenger cabin lug-
gage plus 1000 kg extra cargo.

3

SRA-STAKE-AP-03 The aircraft shall not require stairs from the airport to embark/dis-
embark.

3

SRA-STAKE-AP-06 The aircraft shall allow for safe loading of cargo and baggagewith
available equipment at regional airports.

3

SRA-STAKE-PSG-02 The aircraft shall provide for comfortable seating.
3

SRA-STAKE-PSG-03 The aircraft shall enable on-board food catering.
3

SRA-STAKE-PSG-04 The aircraft shall feature a similar amount of cabin luggage stor-
age as the reference aircraft, the Bombardier CRJ700 series.

3

SRA-PROD-PERF-08 The aircraft shall have enough fuel reserves to fly an additional
45 minutes at cruise speed and altitude.

3

SRA-SYS-FG-05 The fuselage shall allow for natural light to enter.
7

SRA-SYS-FG-03 The fuselage shall be able to accommodate aircraft systems.
3

6.1.2 Passenger Compartment Cross Section
The first step consists of defining the number of seats per row, seat pitch and other relevant cabin dimensions.
Aircraft of similar seating capacity tend to have 4 (Bombardier CRJ700) or 5 (Antonov An-148) seats abreast.
A 5 seats abreast configuration results in a shorter but wider fuselage. This is advantageous for top tanks (as
in a fuselage double bubble) and aft tanks. This is because in the volume calculation of a cylinder, the radius
is squared, whereas the length is not, resulting in a more efficient tank shape for wider fuselages. Thus, 5
seats on a row are chosen. Data on cross section dimensions are given in Table 14 and are derived from
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both values given by Roskam [32] and similar aircraft (Airbus A220, Bombardier CRJ700) cross-sections to
develop realistic dimensions for an economy class configuration. After the internals are drawn, the smallest
circle possible is drawn around them. Then, a wall thickness (consisting of insulation, structural elements
and skin) of 100mm is assumed. This results in a final diameter of 3.486m as can be seen in Figure 20. In
this figure a 60x40cm bag is included to show that it is possible to store such a bag on one side of the cabin
in the overhead storage bins. The other side can be used for smaller bags. Cargo space is also provided, the
cargo hold is 0.9m high.

Figure 20: Cabin cross-section

Table 14: Cabin cross-section
[inches] [m]

seat width 18.9 0.48
armrest width 2 0.508
clearance 0.4 0.01
aisle width 19.7 0.5
aisle height 78.5 2
headroom height 59 1.5
floor thickness 3.9 0.1
wall thickness 3.9 0.1

6.1.3 Cabin Layout
Thewidth of the cabin has been determined in the previous section, with 5 seats per row. Now, the cabin-layout
is developed, with the end result shown in Figure 21. As the aircraft must be able to transport 75 passengers,
this implies that 15 rows must be installed. The seat pitch is assumed to be 32 inches (0.81m), an industry
standard for economy class for many airlines. The seat length is 22 inches (0.56m). Starting at the front, a
cockpit length of 3.6m is assumed, then a front galley is installed, with a length of 2.5m, including a lavatory,
closet, the galley itself, and crew jump-seats. The front galley is split by the main entrance, being 0.8m wide,
resulting in a combined 3.3m. Then, the passenger section starts. Complying with EASA regulations [33],
a type B exit and a type III exit are installed at each side of the fuselage. A type B exit minimally measures
32 by 72 inches, and corner radii not bigger than 6 inches (0.81m by 1.83 m and radii of 0.15m). Type III
exits must be at least 20 by 36 inches with corner radii not bigger than 7 inches (0.51m by 0.91m with radii
of 0.18m) [33]. There are 7 rows in front of the type III exit, and the remaining 8 are placed behind the exit.
An additional 10 inches (0.25m) of emergency clearance space is added to the seat pitch between seat row 7
and 8. With an assumed seat length of 22 inches (0.56m), this leaves 20 inches (0.51m) of emergency aisle
width. An aft galley of 1.5m is also installed. This is followed by half a meter of space for hydrogen support
systems and bulkhead (this tail tank was placed according to Section 6.1.5. The tail cone is 6.91m in length.
The overall fuselage length (nose to aft) is 28m. It is seen that the front galley is rather large. Further research
can be done into alternative lay-outs, so a customer has the possibility to shorten it to allow for an extra row,
but with fewer amenities.

6.1.4 Cargo
RELIGHT is required to carry 1000kg of cargo in its hold. Two cargo holds are used: a front hold (C.G.
assumed at 6m from nose onward) and an aft hold (C.G. at 19m). The aft hold will carry 2/3 of the cargo.
The front hold will carry 1/3. It is more centered towards the back to limit CG excursion, but this will have
an impact on control and stability. From reference aircraft, the density of cargo is assumed at 150kg/m3. The
frontal area of the cargo hold is assumed to be 1.8m2. The front cargo hold must then be 1.24m long, the aft
hold 2.47m. Better distribution and impact on control and stability could be researched.
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Figure 21: Top view of fuselage

6.1.5 Tank Placement
The energy density of hydrogen is 122.8MJ/kg, with a density of 70kg/m3, this results in a volumetric
energy density of only 8.6MJ/liter. For kerosene, this number approaches 34.5MJ/liter. Thus, for the
same amount of energy, 4 times the volume is needed. On top of this, a 7.2% boil-off volume is added [29].
The Class II weight estimation (in combination with Class I weight estimation iterations) found a required fuel
weight of 1847kg. This results in a total tank volume of 28.3m3. Solutions to store all of this volume can be
in the form of a top tank (a bubble added on top of the fuselage), a cylinder tank (placed in an extension of the
cylindrical fuselage), a tail tank (placed in tail cone), external wing tanks or a combination of the previously
mentioned solutions. Tanks in the aircraft belly are discarded, as this would compromise crash safety and
limit cargo space. The tank placement will heavily influence aerodynamics, control and stability, and safety.
A cylinder tank or tail tank seemmore favorable for aerodynamics, but negatively impact control and stability.
A trade-off is done to select the best tank placement configuration possible. It was decided beforehand that a
tail tank is preferred over a cylindrical aft tank, to reduce the fuselage length (less drag, less weight and less
cost for manufacturing). Preliminary geometrical checks in CATIA indicated that the tail cone can at most
store half of the required volume, as space for the APU and other systems must be provided. The rest of the
fuselage fuel (if not stored in external wing tanks) must be put in an aft cylindrical tank (placed between cabin
and aft tank).

Trade-off Top vs Wing Tank First, a trade-off is done between top tank or external wing tanks. Two config-
urations are considered, those being a top tank with tail tank, and external wing tanks with tail tank. the top
tank is split in two tanks. Python code was developed to size tanks according to thermodynamic (boil-off) and
structural considerations in Section 6.3 and Section 6.5. The code takes as input the required hydrogen vol-
ume, the fraction one wishes to put in the tail, and either tank length (for top tank: 17.5m, for pod tank: 5m)
or tank radius (for tail tank, an oblique truncated cone modeled as a cylinder). It outputs the other dimension
(so radius for length and vice versa, by using Equation 16 and Equation 17), thickness and tank weights. The
fraction in the tail was varied from 0 to the maximum of 0.5.

Drag For each case a drag model (during cruise) is set up. In the case of a top tank, the fuselage drag will
increase. The Torenbeek method found in [34] was applied to calculate this drag force, seen in Equation 12.
P is the fuselage perimeter, which was calculated by adding the perimeter of the top tank, to the perimeter of
the cabin cross-section. lF is the fuselage length (28m). λf is the fineness ratio of lF over the height of the
fuselage.

Swet,F = π · P
π
· lF ·

(
1− 2

λF

)2/3(
1 +

1

λ2F

)
(12)

For the pod configuration, the added drag from the pods has to be computed. The drag calculation from the
component drag build up method is used [34]. Cfpod is the skin friction coefficient for turbulent flow. FFpod
is the form factor of the object, giving its pressure drag contribution. For the pod, the nacelle formula is used,
where λ is the fineness ratio (length over diameter). The diameter is added to the length to account for the
cones. The wetted area of the pod is easily computed. In this stage of the design, the reference area Sref is
taken from the CRJ700 (62.5m2) as the actual wing area is not known yet, this is reasonable as this is used
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just for trade-off purposes. IF is the interference factor caused by the proximity of the wing. It is 1.3 [34] for
items less than a pod diameter away, which is the assumed distance range here.

CDpods =
1

Sref
· Cfc · FFc · IFc · Swetc (13)

Cf pod =
0.455

log10(Re)2.58
(1 + 0.144M0.65

cruise) FFpod = 1 +
0.35

λ
λ =

lpod +Dpod

Dpod
(14)

IFpod = 1.3 Swetpod = πDpodlpod + πD2
pod + 2hpylonlpylon (15)

It can be seen in Figure 22 that the podded option is the clear winner. It has less drag (the drag is fuselage
drag and pod drag added) than the top tank configuration. Less drag will lead to less fuel consumption,
and savings in operational cost. It is also less difficult to design and implement, from both a structural and
aerodynamic point of view. It is assumed a that the tail can hold at most 50% of the fuel, this explains the shift
seen in the left graph at a wing/top tank fraction of 0.5. If the wing/top tank fraction is higher, the drag will
increase, up to a point where pod drag becomes higher than the top tank drag. External wing tanks also have
a structural advantage, they provide bending relief and do not impose the complicated structural design of a
double bubble. As the hydrogen is carried outboard it is also safer. It is thus advantageous to go for external
wing tanks, but to make them as small as possible to minimize drag. However, mass and balance constraints
will determine how low the mass actually can be. The actual fraction chosen in the end will depend on the
mass and balance analysis.

Figure 22: Top tanks vs wing tanks

Mass and Balance The tail tank/wing tank ratio will have a large impact on the control and stability of the
RELIGHT design. The code returns tank weight, and fuel weight can be easily determined by evaluating
the needed volume. The distances of the tank CG from the nose onward is straightforward in case of the tail
tank, and the external wing tank CG is assumed to be placed at the leading edge of the MAC for balance
calculations. In reality however, this can change according to the area ruling. Extensive stability and control
codes were written in Section 6.4. Those can be used to generate CG excursions (as % of MAC) and tail
sizes (derived from scissor plots). This was done for an aircraft where the fuel is placed completely aft (so
both cylinder and tail tanks), and for an aircraft where half of the fuel is stored in the external wing tanks.
For the completely aft filled aircraft, a CG excursion of 28% was found, with a horizontal tail area ratio Sh

S
of 0.43. When half of the fuel is placed in external wing tanks, the CG excursion reduces to 14%, and the
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horizontal tail area ratio decreases to a more reasonable 0.36. This indicates that putting half of the fuel
in the external wing tanks is very advantageous for control and stability. Adding even more would be even
more advantageous, but this would come at the cost of more drag (Figure 22), and structural loads on the
wing. Also, as the tank diameter increases and the tanks are placed 7.44m from the center-line (determined
by aileron and flap placement), ground clearance might become an issue. Also the boil-off is bigger in the
outside tanks. Therefore, the decision is made to store half of the fuel in the wing tanks, and the other half in
the tail tank, as tail size and CG excursion are low enough.

Sizing 1847kg of LH is needed to fulfill the mission requirements, diversion range and loitering included.
Accounting for boil-off volume, this means a hydrogen volume of 28.28m3 must be provided. 14.14m3 must
be stored in the tail, 14.14m3 in the external wing tanks (so 7.07m3 per tank). For the external wing tanks,
it is decided to have cylindrical pods with end caps, with a total estimated length of 5m, including caps, not
aerodynamic cones. The end caps have a height equal to halve the radius. The volume of one such tank is
then given by Equation 16. The formula is solved for R by iteration.

V = (5− 2hcap)πR
2 + 2π

hcap
6

(3R2 + h2cap) (16)

A diameter of 1.39m is found. For the tail tank, an oblique truncated cone is assumed (to make it fit into the
tail section). The end caps are assumed to have a height of one fifth of the radius of the cone end they are
placed on. The formula for a truncated oblique cone is given in Equation 17, taking into account end caps,
with d the depth, R the big radius, and r the small radius. However, to simplify thermodynamic and structural
calculations, the tank is modeled in the Python programs as a cylinder with the same volume in Section 6.5
and Section 6.3.

Vt.o.cone =
π

3
length(r2 + rR+R2) +

π

6
(3(

r

5
)2 + r2) +

π

6
(3(

R

5
)2 +R2) (17)

For the cone, r, R and d are free variables. An analysis in CATIA found that a cone with R equal to 1.35m,
r equal to 0.75m and d equal to 3.58m would fit inside the tail while respecting the 14.14 volume constraint,
as well as staying outside of the 100mm structural wall thickness limit. The structural elements supporting
the tank can be integrated with the fuselage structural elements. The anti boil-off insulation still needs to be
added, but it is assumed that this can be integrated within the structures surrounding the tank. The insulation
and structural sizing is done in Section 6.3 and Section 6.5 respectively. In the latter, the final tank weights
are given. In Figure 23, a render illustrating the tank placement is shown. Again, one can see the tail tank
structure must be properly incorporated into the fuselage structure (e.g. the vertical tail structure).

Figure 23: External wing tank and tail cone tank
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6.1.6 Verification and Validation
Verification A Python code was developed to calculate the length of the cabin, this was checked by hand.
This means adding all dimensions (cockpit, 14 seat pitches, etc.) and comparing this to the code output.
The entire configuration was drawn in CATIA in order to verify the design. It was compared against cabin
plans from reference aircraft to assess if the dimensions allow for a spacious and useful cabin. Also drag
calculations were checked by hand, to make sure the formulas are correctly implemented into the code. The
dimensions on external wing tanks were given by the code, but were calculated manually again to make sure
they corresponded to the right volume.

Validation It is clear that the fuselage and tanks are able to serve their intended purpose. The fuselage is able
to carry 75 passengers, crew, and provides them with the necessary amenities, as well as luggage and cargo
space. The tank volume offers the required amount of LH necessary for the mission.

6.1.7 Requirements Compliance
RELIGHT is able to transport 75 passengers in economy class, fulfilling SRA-STAKE-AL-02. Under the
floor of the cabin and cockpit, the aircraft will feature plenty of space for the required aircraft systems and
cargo, satisfying SRA-PROD-PERF-03 and SRA-PROD-PERF-12. If a stair is built into the front door (and
the front door folds downwards), SRA-STAKE-AP-03 is also met. SRA-STAKE-AP-03 is met as cargo doors
are well positioned. SRA-STAKE-PSG-02, SRA-STAKE-PSG-03 and SRA-STAKE-PSG-04 are all met, as
is SRA-PROD-PERF-08 (enough tank volume has been secured). SRA-SYS-FG-05 is not met yet, as the
large engines developed in Section 6.3 obstruct light and solutions must yet be researched in Section 6.1.8.

6.1.8 Fuselage and Tank Layout Recommendations
Configuration Changes Further research may be done in alternative seating configurations. Examples are
including a business class, having a 30 inch seat pitch and/or shortening the front galley to include more seats.
If more passengers are added, either the carried fuel or luggage/cargo must be reduced. The first one reduces
range by a great amount. As LH has a low volumetric energy density, a lot of energy (and thus range) must
be sacrificed. If a passenger and their cabin luggage weigh 93kg in total, 465kg of tank capacity cannot be
used if an extra row is added. If the 45 minutes loitering time and diversion range of 200km stay in place, the
operational range would drop to 1000km according to the equations used in the Class I weight estimation. If
the customer wishes to fly at the same range with more seats, cargo hold weight must be sacrificed. Seating
configurations with a row less (by e.g. including a business class) could take more cargo. As the fuel tanks
are already fully filled for the mission range of 2000 km, to save on drag and volume, it might be an idea
to develop a version of RELIGHT with larger external wing tanks which allows this kind of flexibility. The
tail tank reached its maximum capacity. The external wing tank should be enlarged by 50%, from 7.1m3

to 10.6m3, for a hydrogen increase of 465kg (5 passengers). The diameter needs to increase by 20%. All
of this brings extra drag, structural loads on the wing so more research is needed on enlarging the external
wing tanks to essentially allow for more flexibility in the payload-range relation. This does not only hold for
a configuration with 70 passengers, but also for a configuration with 75 passengers where only 70 passengers
are flying. The range could be enlarged to 3000km with taking 5 passengers less and enlarging the external
wing tanks by 50%.

Cabin Natural Light The turbofan engines developed in Section 6.3 have a high bypass, leading to a large
nacelle. Combined with a top wing, this might obstruct natural light from coming in, and obstruct the view.
It is recommended to research the impact and provide solutions like extra lighting, or enlarged windows in
the affected area.

Cargo It is assumed 1/3 of the cargo goes in the front, 2/3 in the back. This ratio can be altered in the further
analysis, to see if it improves control and stability.

6.2 Wing Planform Design
At the current stage of the design, aerodynamics becomes a vital section to focus on in detail. The airflow
behavior around the wing, fuselage and tail is paramount and directly affects the structure and flight perfor-
mance, which then directly affect sustainability, the primary goal. This section displays the general wing
planform layout, in Section 6.2.3. Then, in Section 6.2.4, the process of the airfoil selection is described,
as well as the final choice, and its characteristics. Lastly, the sizing of the high-lift devices and ailerons is
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presented, as well as the general lift and drag characteristics.

6.2.1 Preliminary Requirements
The methodology and procedure for the aerodynamic analysis and the wing planform sizing uses certain pre-
liminary requirements as guidelines that generate further, sub-requirements. The top level ones are therefore
presented inTable 15, the highlighted boxes in green being the critical ones, along with a general compliance
checks that will be elaborated in Section 6.2.9.

Table 15: Wing Planform System requirements
Requirement
Identifier Requirement Compliance

Wing Planform System
SRA-SYS-WAero-01 The wing shall be able to provide a maximum lift coefficient of

2.25

3

SRA-SYS-WAero-02 The wing shall be able to provide a CLmax of 1.8 in clean con-
figuration and 2.25 in landing configuration.

3

SRA-SYS-WAero-03 The wing shall allow for the cruise Mach number
3

SRA-SYS-WAero-04 The wingspan shall fall within 15-23.99 m.
3

SRA-SYS-LG-06 The landing gear shall not account for more than 15% of the total
drag

3

6.2.2 Methodology
To obtain the aerodynamic characteristics, first the ones that regard creating lift are addressed. The dimen-
sions of the wing planform are determined and an airfoil is selected from a trade-off. The trade-off yields the
airfoil that performs best with respect to the aforementioned requirements and some other important criteria.
With the selected airfoil, the maximum lift coefficient can be derived, and the need for additional lift creating
surfaces, high-lift devices, is determined. The reason for this is that more lift is needed during take-off and
landing than during cruise. Without high-lift devices, the wing would be over designed in cruise, adding addi-
tional drag. Then, after the the necessary aileron surface is determined for rolling requirements, the high-lift
devices are placed on the wing keeping in mind the ailerons.

With the lift characteristics being covered, the overall drag of RELIGHT is determined. For each and every
component the zero-lift drag is analyzed, which is influenced by skin friction, the overall exposed (’wetted’)
area, the specific shape and interference with other components. To obtain the total drag, the lift-induced drag
is added, which is influenced by the wing planform characteristics. Then, after determining the drag polar,
the curve with possible lift-to-drag ratios is obtained.

6.2.3 Wing Planform
The wing area S is derived from the wing loading, which is determined by the design point in the thrust
and wing loading diagram. Also, the AR is chosen to be 8 to increase aerodynamic efficiency by lowering
the lift-induced drag. CLmax is taken to equal 1.8 as a first estimate. During airfoil selection it will become
apparent if this is feasible.

Using Equation 18 and Equation 19, the characteristics for the tapered trapezoidal wing planform are deter-
mined. The span b, the root chord cr, the tip chord ct and the mean aerodynamic chord cMAC follow from
simple geometrical equations. The sweep at quarter chord is obtained from drag divergence considerations.
The relation in Equation 18 follows from statistics on transport aircraft. A technology factorM † for supercrit-
ical airfoils is assumed, for which the reason is explained in Section 6.2.4. Taper is selected to obtain as much
as possible an elliptical lift distribution, which minimizes induced drag [6]. Then the limiting thickness-to-
chord ratio t/c is either 0.18 or lower, depending on the sweep , the technology factor for supercritical airfoils
M †, the drag-divergence Mach numberMdd and the cruise lift coefficient ĈL. Also, note that sweep is not
included yet, as this parameter is dependent on the critical Mach number Mcr which is determined during
airfoil selection (see Section 6.2.4).
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b =
√
S ·AR Λc/4 = cos−1

(
0.75

M †

Mdd

)
λ = 0.2 ∗ (2− Λc/4) (18)
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2S
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2

3
cr
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t/c = min
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, 0.18

)
(20)

M † = 0.935 Mdd = Mcruise + 0.03 ĈL =
MTOW

1
2 γ p M

2
cruise S

(21)

Table 16 summarizes the wing planform characteristics. Note that the dihedral angle Γ is important for
lateral stability, for instance to damp the Dutch roll motion. Γ is affected by the sweep Λ and vertical wing
placement. In Figure 24, an oversight is provided, including the engine and fuel pods.

Table 16: Wing planform characteristics
Parameter Value Unit
Wing area - S 62.248 m2

AR 8 −
Span b 22.316 m

Taper ratio λ 0.310 −
Root chord cr 4.259 m

Tip chord ct 1.320 m

Mean aerodynamic chordMAC 3.048 m

Thickness-to-chord ratio t/c 0.14 −
Dihedral Γ -1 deg

Figure 24: Wing planform and mountings

6.2.4 Airfoil Selection
The driving parameter in airfoil selection is the CLdes , the design lift coefficient during cruise. The airfoil
should be chosen such that drag is minimal at CLdes and is determined as follows:

CLdes =
1.1

q

(
1

2

[(
W

S

)
start,cruise

+

(
W

S

)
end,cruise

])
(22)

Note that Equation 22 determines the design lift coefficient for the entire wing. However this needs to be
translated to the airfoil design lift coefficient Cldes by taking into account the sweep angle Λ. Furthermore,
Cldes needs to be corrected for compressibility effects as the cruise Mach numberMcruise is 0.75 and it was
now calculated for stationary flow (M = 0). This is done by the Prandtl-Glauert correction. Both corrections
are shown in Equation 23.

Cldes =
CL,des
cos2 Λ

Cldes,M=0
= Cldes

√
1−M2

cr (23)

To select a number of suitable airfoils for the wing, some parameters that are favorable were set up. These
criteria are as follows:

• Wide drag bucket at Cldes
• Large Clmax
• No steep drop in Cl after stall
• Low Cm at Cldes

• Large t/c
• HighMcr

• Large Cl / Cd at Cldes

The criteria come forth from the desire to have a large lift-to-drag ratio at multiple angles of attack and
speeds are the wide drag bucket, a large Clmax , no steep drop in Cl after stall, a highMcr and noticeably a
large Cl / Cd at Cldes . To have better airfoil stability, a Cm
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As the cruise Mach is in the transonic region (Mcruise = 0.75) , airfoils are preferred that minimize heavy
shock wave behavior and therefore drag. These airfoils are called supercritical. This causes supersonic flow
to have a more constant pressure coefficient Cp along the topside. Hence, no large drop in pressure back to
subsonic flow occurs.

5 airfoils were selected, of which 4 are supercritical. They were modeled in XFLR5, which is airfoil analysis
software. In this program the Cp-distribution along the airfoil, the lift curve, the lift-drag curve, the Cl−Cm
curve and theCl/Cd−Cl curve could be visualized. The program takes as input the Reynolds number, which
is calculated as follows:

Re =
ρ VTAScruise MAC

µ
(24)

All criteria except forMcr are taken from XFLR5 directly. Mcr is determined by taking the minimum Cp at
α = 0 (visible in Figure 25), and is then corrected for compressibility, such that Cp,0 at the cruise Mach is
obtained. For this the Prandtl-Glauert correction from Equation 25 is used. Then, Cp,0Mcruise is set equal to
Cpcr and with Equation 26 the critical Mach number is calculated.

Cp,0Mcruise =
Cp,0M=0√
1−M2

cruise

(25) Cp,0Mcruise = Cpcr =
2

γ M2
cr

(1 + γ−1
2 M2

cr

1 + γ−1
2

) γ
γ−1

− 1

 (26)

The criteria that were used and corresponding weights and scores for each airfoil are summarized in Table 17.
The weights are determined by relative importance and scoring is done qualitatively on a 1,4,6,9 basis. All
airfoils are analyzed at a Reynolds number of 20 · 106, which corresponds to cruise conditions. However the
software is inaccurate for compressible flow and therefore comparison is done for stationary flow (M = 0).
Because of this, values like Clmax will be overestimated but can still be used for comparison.

Table 17: Airfoil trade-off

Airfoil Wideness of
drag bucket Clmax

Stall
behaviour

Cm
@ Cldes

t/c Mcr
Cl / Cd
@ Cldes

Weight 0.1 0.25 0.2 0.05 0.05 0.2 0.15 Total
NASA SC (2) 0714 9 9 1 9 4 4 4 4.8
NASA SC (2) 0614 9 6 4 6 4 6 6 4.9
NASA SC (2) 0518 1 6 6 4 9 6 4 4.65
DFVLR R-4 9 4 4 4 1 9 9 4.75
NACA 63(3)-618 4 1 9 4 9 6 4 4.3

The resulting airfoil from the procedure is visibly, the NACA-SC(2)0614 supercritical airfoil. Although this
airfoil scores average in most criteria, it still outperforms the others. The airfoil together with the pressure
distribution at zero angle of attack is shown. Figure 26 shows the lift curve of the airfoil.

Figure 25: The pressure distribution along the NACA-SC(2)0614 supercritical airfoil at Re = 20113773,
M = 0 and α = 0. The minimum pressure point is denoted by Cp,0
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Figure 26: Lift curve of the NACA-SC(2)0614 airfoil at Re = 20113773 andM = 0

6.2.5 High-lift Devices
Sizing One of the key and most vital steps in aerodynamic analyses of airborne vehicles is high lift devices
sizing. The airfoil along with its characteristics in clean configuration are presented before, in Section 6.2.4.
After CLdes estimation and equivalent wing-to-airfoil conversion, the required CLmax values emerge for all
three configurations, shown in Table 18. Consequently, the desirable flap device is chosen using Table 19.
As is highlighted, the plain flap was proven to be ideal in the specific case of the aircraft design, and so the
mechanism along with the deflection angles in take-off and landing conditions are shown in Table 27.

Table 18: CLmax requirement for the three configurations
Configuration CLmax

Clean 1.8
Take-off 2.1
Landing 2.25

Table 19: Contribution of ∆CLmax for different
high-lift devices [35]

High-Lift device ∆CLmax
TE devices

Plain & Split 0.9
Slotted 1.3
Fowler 1.3c’/c
Double Slotted 1.6c’/c
Triple Slotted 1.9c’/c

LE devices
Fixed Slot 0.2
LE Flap 0.3
Kruger Flap 0.3
Slat 0.4c’/c Figure 27: Plain flap formation [35]

It should be mentioned that increasing the maximum lift coefficient is not the only result of adding flaps, but
so is a steeper slope, and hence a different Cl-α relation. In fact, the entire graph is translated both vertically
and horizontally resulting in both a higher Clmax and a αCl=0 translated to the left. Figure 28 portrays the
resulting lift curve. Having gone through the selection process for high lift devices, the team then moves
forward towards the application and sizing of it in the three-dimensional wing planform.

∆CLmax = 0.9 ·∆Clmax ·
Swf

S
· cosΛhingeline (27)
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∆αCL=0 = (∆αCL=0)airfoil ·
Swf

S
· cosΛhingeline (28)

The high-lift devices are applied on the hingeline of the wing, which in the airfoil cross-section is the spar
face, and is at a chordwise location 0.25c̄ from the trailing edge, as is the conventional setup [35]. Equation 27,
and Equation 27 are the next step in the procedure, where all is now known and one solves for Swf . The
unknown represents the wing area occupied by the high-lift device. It should not be mistaken for the area of
the device itself, as it is the whole wing area, from trailing edge to leading edge, in which a device is present.
Hence, knowing the chordwise flaps range from literature as mentioned above, and now the spanwise flaps
range from the above calculation, the high-lift devices are now sized to an actual covered area of 24.3m2. At
this milestone, the aerodynamic analysis now checks the effect of the high lift devices to the lift curve of the
wing, referring to Figure 28.

CLαflapped = CLαclean (29)

Firstly, all 3 graphs have parallel slopes, the indicator of identical CLα derivative. This is a result of Equa-
tion 29, which states the new slope is unchanged to the clean one, and is because the flaps are non-expandable.
If the flaps were in Fowler formation for example, upon deployment the area also increases since a layer ex-
pands further to the back.

Figure 28: Wing lift curves for clean, take-off and landing configuration

Then, with respect to the plot, the lowermost lift curve represents the clean configuration performance RE-
LIGHT. One will notice, though, that it is slightly altered from the one in Figure 26. This is the result from the
conversion of airfoil to wing geometry, which is dictated by the DATCOM method [35]. Following that, are
the two adjacent graphs in the plot. The one in the middle and the one directly above it represent the take-off
and landing configuration respectively. Since both top curves represent configurations with flaps deployed,
there is still margin between them because the topmost one representing the landing configuration occurs at
a larger flap deflection than during take-off. The margin between curves is also not linear with flap deflection
since the difference between take-off and landing condition flap angles is larger than between take-off and
clean condition but the opposite is true for the margins between the curves in Figure 28. One will notice
that no leading edge high lift devices were considered. For this decision the effects of the different devices
are considered. Trailing edge devices significantly alter the lift, by their lowering, and the creation of a new
chord line, that leads to a higher virtual angle of attack. Leading edge devices delay the stall angle of attack,
which affect lift at a lower level and is mostly applicable for the manipulation of the stall condition. Since
the maximum lift coefficient reached a desirable value with the current flaps design and the high-lift airfoil
selection, no slats were needed for lift contribution and most importantly, looking at Figure 28, one notices
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a stall angle shift that did not prove drastic or abrupt upon flap deployment. Hence slats were also deemed
unnecessary for stall condition improvement.

Clearance After sizing and placing the high lift devices along the planform, certain considerations take place,
regarding their integration with the surrounding systems. Section 6.2.3, portrays the high lift devices set up
as sized in Section 6.2.5. In the wing, however, also are mounted engines, and external wing tanks. This
layout generates further clearance check. Should there need to be a split of the flap in two parts by the
external wing tanks for example, the clearance causes a decrease in ∆CLmax, which will consequently call
for compensation in the form or slats or other devices, for which there is still space. From documentation of
the Hercules C-130 aircraft 12, and the Boeing 777 aircraft 13, it is determined that the flaps on the planform
can remain hinged and functioning behind both the engines and the external wing tanks either in the current
form, or in the form of flaperons for additional roll rate. The reader should note that those vehicles are not
of equivalent wing planform dimensions or mission as RELIGHT but their structural layout suggests that
podded tank placement does not require a gap in high-lift devices behind them and this is that conclusion of
this section.

6.2.6 Drag Characteristics
Then, with all lift characteristics done, the drag characteristics of RELIGHT are evaluated. The drag polar
consists of two terms, the zero-lift drag CD0 and the lift-induced drag and is calculated by using Equation 30,
which also includes the AR and the oswald efficiency factor e.

CD = CD0 +
C2
L

π AR e
(30)

Zero-Lift Drag The zero-lift drag of the aircraft consists of a number of terms and is evaluated by using the
component drag build up method. For this the following equation is established [35]:

CD0 =
1

Sref

∑
c

Cfc · FFc · IFc · Swetc + CDmisc (31)

In Equation 31 the first sum includes for different components c the skin friction coefficient Cfc , the form
factor c, the Interference Factor IF and the wetted area Swet. Components that are evaluated using the
component build up method from Raymer (1999) are the main wing, the tail wings and the fuselage [36]. As
for the engine nacelle, its wetted area was estimated with the method from Torenbeek (1973) [37], but the
other factors were also taken from Raymer. Evidently, the drag increment of the fuselage pods is of main
interest. The pods have a cylindrical shape with cones on the ends, assumed to have the surface area of a
hemisphere. Its componental factors are:

Cf pod =
0.455

log10(Re)2.58
(1 + 0.144M0.65

cruise) FFpod = 1 +
0.35

λ
λ =

lpod +Diampod

Dpod
(32)

IFpod = 1.3 Swetpod = πDiampodlpod + πDiam2
pod + 2hpylonlpylon (33)

After similar calculations for the other main components, the total sum is then divided by the reference wing
area Sref , and a term for miscellaneous drag components is added. Some miscellaneous terms are added as
seen in Equation 34: the drag due to fuselage tail upsweep CDupsweep , the wave drag CDwave and drag due to
excrescence and leakage CDleakage[35][36].

CDmisc = CDupsweep + CDwave + CDleakage,excresence (34)

Both wave drag and leakage/excrescence increments were calculated using the methods from ADSEE II
[35][36]. The wave drag calculation resulted inMcruise not being larger thanMdd, the drag divergence Mach
number. Consequently, this lowers the drag. The leakage and excrescence factor was taken as a 1.02 · CD0 ,

12https://www.lockheedmartin.com/content/dam/lockheed-martin/aero/documents/C-130J/C130
13https://www.flightglobal.com/boeing-777-aircraft-profile/76641.article

https://www.lockheedmartin.com/content/dam/lockheed-martin/aero/documents/C-130J/C130
https://www.flightglobal.com/boeing-777-aircraft-profile/76641.article
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but could be as high as 1.05. Concerning the upsweep, after some research, it was found to be quite different
for different sources. In the end the following approach was taken [38]14:

CDupsweep = 0.075 (h/l).75lt = 0.075
0.75

Dfus
2

lfus
(35)

Figure 29: Paramaters used for the upsweep drag [38]

Finally, estimations were done fore landing and take-off configurations, to see how these increase the drag.
When the landing gear is deployed, quite some drag is added. This is calculated as follows [35][36]:

CDgear =
nwheels (D/q)front Srefgear + (D/q)strut Srefstrut

S
(36)

To clarify Equation 36,D/q is the drag area, Sref is the reference frontal area, i.e. a box is drawn around the
gear. S is simply the main wing area.
The second drag addition in take-off and landing comes from flap deployment and it is estimated as follows:

CDflap = 0.0144 (Sflap/Sref )(δflap − 10) (37)

The results of the component build up method for CD0 are summarized in Table 20. Note how first CD0 is
shown and then the percentage of the total zero lift drag. Also note how in take-off and landing the deployed
gear and especially flaps take up a considerable portion. Figure 30 shows the zero-lift drag component build
up during cruise.

Table 20: Component build up of CD0

Component CD0 % of total Miscellaneous CD0 % of total
Wing 0.00523 22.80 Upsweep 0.00350 15.26
Horizontal tail 0.00201 8.76 Wave drag 0.00054 0.0377
Vertical tail 0.00114 4.98 Additional CD0 % of total
Engine nacelle 0.00271 11.79 Landing gear 0.00354 13.40
Fuselage 0.00624 27.20 Flaps at take-off 0.05625 67.223
Pod fuel tanks 0.00112 4.88 Flaps at landing 0.28124 91.11

14http://aerodesign.stanford.edu/aircraftdesign/drag/upsweepdrag.html

http://aerodesign.stanford.edu/aircraftdesign/drag/upsweepdrag.html
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Figure 30: RELIGHT’s zero-lift drag component build up for cruise

Lift-induced Drag The Oswald efficiency factor, being a vital factor to the lift induced drag calculation, has
different approaches to obtaining it. Namely, the DATCOM method [39], that is shown in Equation 38, and
the two other equations, retrieved from TU Delft Aerospace Engineering material [35], Equation 39, and
Equation 39. Equation 38, depends on the CLα slope, the AR and the ratio labeled R, which physically rep-
resents the leading edge suction acquired over the one theoretically possible [39]. The latter can be obtained
graphically from empirical data of Reynolds numbers. Unfortunately, for this specific aircraft design, the
Reynolds number is too high compared to the available range so the DATCOM method, although the most
accurate, cannot be used here.

e =
1.1 · (CLα/A)

R · (CLα/A) + (1−R) · π
(38)

Hence, the estimation proceeds with Equation 39 and Equation 40, shown below. They are dependent upon
AR and sweep angle of the leading edge. Equation 40 concerns swept wings and this specifically refers
to sweep angles larger than 30 degrees. Therefore, the designed wing is applicable to Equation 39. One
therefore, obtains an estimate for the factor in clean configuration. After that, the effect of flap deflection is
considered, with adding∆e from Equation 41 to Equation 39. As a result, the factor is also obtained for both
the take-off configuration with deflection angle 20 degrees, and landing configuration with deflection angle
of 60 degrees, and all are listed in Table 21.

e = 1.78 · (1− 0.045 ·A0.68)− 0.64 (39)

e = 4.61 · (1− 0.045 ·A0.68) · (cos(ΛLE))0.15 − 3.1 (40)

∆e = 0.0046 · δf (41)

Table 21: Oswald factor per configuration
e

Clean 0.811
Take-off 0.812
Landing 0.815

Drag Polar Finally, the drag polar is obtained as being:

CD = 0.0238 + 0.0491 (CL − CL,Dmin)2 (42)

Equation 42 takes into account a translation in the drag curve that occurs due to the wing lift coefficient at
minimum dragCL,Dmin. This effect is caused by camber, i.e. the larger the airfoil camber the largerCL,Dmin.
The airfoil that was selected has a camber of 2.1%, however theCL,Dmin calculation for this is very extensive
[40]. Therefore known CL,Dmin data for an airfoil with 3.2is taken and translated to the selected airfoil [41].
This results in CL,Dmin = 0.1273. Figure 31a and Figure 31b show, for the entire aircraft, the drag polar and
lift-to-drag ratios at each lift coefficient, respectively. Note however that the lift-to-drag ratio is not maximal
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at the design lift coefficient (CLdes = 0.4567). Instead, L/Dmax = 17.51. This occurs at CL = 0.71, which
would either result in a lower cruise speed or a higher altitude. Therefore it is chosen to remain at the design
lift coefficient and hence L/Dcruise = 15.6371.

(a) Drag polar of RELIGHT (b) RELIGHT’s lift to drag ratio versus CL

6.2.7 Aerodynamic Verification & Validation
To verify both the lift and drag calculations, several input variables are increased and the effect is estimated.
If the result is as expected, a Pass is given. Otherwise, in case of a Fail, the code is revised. The verification is
summarized in Table 22. Note how the expected results represent the lift, drag, airfoil and HLD parameters.

Table 22: Verification of the wing sizing calculations
Function Action Expected result Pass/Fail
Wing design

increaseMTOW L/D decreases, CD0 increases Pass
increase S L/D increases, CD0 decreases Pass
increase sweep t/c increases, Swf/S decreases Pass
increase AR L/D increases, CD0 increases Pass
increase Dfus L/D decreases, CD0 increases Pass

To validate the lift and drag characteristics, a look is taken at reference aircraft. First of all, the L/Dmax

for the Bombardier CRJ200-ER is about 17.5 [42]. The design range of the CRJ200 is only 491 km more
than RELIGHT’s and has slightly less passengers than the CRJ700 (50 instead of 78), but is shape-wise very
similar to the CRJ700. Therefore this validates RELIGHTSL/Dmax of 17.51. Concerning the drag polar, for
RELIGHT, CD0 is about 0.024 and the k-value (1/πARe) is about 0.05. Taking a look at statistics, ranging
from the A320 to the B737, usually the zero-lift drag coefficient is in the range from 0.02 to 0.03, which
validated RELIGHT’s value [43]. As for k, it seems to be somewhat larger than the reference (which is about
0.045 at most), however RELIGHT’s AR is even larger than the A388 (AR = 7.5) [43], and hence the value
is validated.

6.2.8 Aerodynamic Sensitivity Analysis
To test how an increase in certain inputs influences the outputs of the lift and drag calculations, a sensitivity
analysis is carried out. The main parameters for which the sensitivity is tested in every technical department
are changes in MTOW, Thrust. As a the cg location is only determined after the wing is sized, it does not
have a direct influence, only through the snowball effect. The whole point of the sensitivity analysis is to
neglect this effect and search for direct influence only. As extra parameters, a change in AR and Mcruise

are investigated, as they have a significant impact on lift and drag characteristics. Also, these values are
estimated, even though the estimation might be well-substantiated. The sensitivity will be reflected through
parameters that follow from the wing requirements. As requirements SRA-SYS-WAero-01 and SRA-SYS-
WAero-02 already dictate the airfoil selection, which is done in Section 6.2.4, they are not mentioned here.
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However, following from the remaining requirements, compliance is tested for: the Mach drag divergence
number (Mdd), the wing span and the landing gear drag partition. ForMdd it will be checked ifMcruise does
not surpassed, as drag is increase massively. As can be seen in Table 23, no inputs are marked red and hence
all alterations comply with the requirements. Also, some alterations have no effect at all.

Table 23: Sensitivity analysis results for the aerodynamic calculations

Parameter value MTOW
+10%

MTOW
- 10%

Thrust
+10%

Thrust
-10%

AR
+10%

AR
-10%

Mcruise

+10%
Mcruise

-10%
b 22.316 - - - - + 4.88 -5.13 - -
Mdd 0.803 -0.78 +0.78% - - - - + 7.41% -8.06%
CD0,gear% 12.938 % -0.18% +0.16% -0.001% +0.027% -0.35% +0.38% -0.10% - 0.25%

6.2.9 Requirements Compliance
Earlier, in Section 6.2.1 the top level requirements were listed with the critical ones highlighted in green. Hav-
ing approximated the design lift coefficient using the wing loading, the transformation to the equivalent airfoil
value is made, as well as the correction for compressibility using Equation 23. The result is then the primary
factor for the airfoil selection. Section 6.2.5 then gives a step-by-step thought process behind the airfoil selec-
tion and the resulting∆CLmax value obtained for the different configuration. The obtained lift curves showed
in Figure 28, portray the success in achieving aCLmax of 2.25, which fulfills SRA-SYS-WAero-01. Similarly,
the same plot gives the CLmax for the other two configurations, and so it is also visible that the value of 1.8
in clean configuration is achieved, which deems SRA-SYS-WAero-02 fulfilled. Furthermore, estimating the
wingspan and obtaining the cruise speed requirement from the envelope, also gets requirements SRA-SYS-
WAero-03, and SRA-SYS-WAero-04 met. After this sizing process Section 6.2.6 takes place, obtaining the
drag characteristics and thus finalizing the aerodynamic analysis which, in turn makes available the outputs of
CLdes ,CLmax ,Cd0 ,CLa , and L/D. The last requirement that is complied with, is SRA-SYS-LG-06, between
the primary requirements in the beginning of this section. From the drag characteristics, and specifically from
Table 20, the additional segment mentions a landing gear drag contribution of 13.4%, coming at just under
15%. Hence, all top-level requirements that guided the wing planform sizing procedure and the aerodynamic
analysis are met.

6.2.10 Component Weight Estimation
Having completed the development of the wing planform subsystem, the sizing is placed in queue, using the
Class II weight estimation algorithm. Referring to Table 12, the aerodynamics department has obtained an
overall wing group mass of 2349.5kg, occupying 8.4% of the maximum take-off weight. The result sources
from both the detailed sizing of this section, taking into account sweep, flaps, hinges, and ailerons, but also
from the structural analysis of the design.

6.2.11 Aerodynamic Recommendations
First of all, although the chosen L/D ratio for cruise is near the one predicted in the Class I weight estima-
tion, the maximum L/D ratio possible is much larger. This implies that the wing has been oversized. This
thought also arises from the high-lift device sizing, where large flaps and slats were not required. If the L/D
ratio is increased to the maximum, the angle of attack increases to as much as α = 4.06 deg. Also the lift
coefficient increases by almost 100% changing either the cruise speed or altitude and other characteristics
with it. Therefore it is recommended that a more advanced analysis on lift and drag is done. However still,
a benefit is that the payload-range diagram shows a larger margin for the design range, which lowers the fuel
burn per passenger kilometer, which is important for both environmental and economical sustainability.

As mentioned before, no large high-lift devices are needed. About 40% for the wing had to be occupied by
trailing-edge devices, whereas most aircraft today make use of flaps and slats along a larger part of the span.
For that reason, the most simple flaps available were chosen, to not overdesign the wing and to drive the cost
down. However, by only selecting plain flaps, the stall angle is lowered and the drag is increased substantially
(see Table 20). Therefore, investigation into leading edge slats should be done to increase to the desired stall
angle. Also, flaps should be designed to not increase the drag during landing by a significant amount.

The under-wing fuel pod tanks feature a cylinder-shaped design with hemispheres on both ends. Even though
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the drag portion is only 5.27%, this could be lowered. It should be investigated whether use of drag lower-
ing and/or anti-shock bodies (Küchemann bodies) would be advantageous. Also, the interference drag with
the wing should be assessed. Furthermore , the pod tanks’ contribution to both lift and lift-induced drag is
recommended to be investigated. Also, more data could be found on podded fuel tank aircraft to verify the
estimation.

Few high wing aircraft feature winglets, which would suggest that it has little advantages. However the lift-
induced drag decrease should be investigated. Also, the effects of twist on the lift distribution as well as
making use of different airfoils, could be beneficial and should be researched

6.3 Propulsion System Design
The propulsion system contains the fuel tanks, fuel system and engines. The main purpose of this system
is to deliver the required thrust force during the different flight phases. The engine design is given in Sec-
tion 6.3.3. Then the hydrogen tanks are configured in Section 6.3.4 and, finally, the fuel distribution is given
in Section 6.3.5.

6.3.1 Guiding System Considerations
The aim of the propulsion system design is to generate a component configuration that delivers the required
thrust whilst minimizing weight, emissions and fuel cost.

In Section 5.3 it was decided to go for a 100% liquid hydrogen aircraft. This means the hydrogen will need
to be stored as a cryogenic liquid (20K). This will change the propulsion/power systems design considerably
as liquid hydrogen has different properties to the conventional kerosene jet fuel. Liquid hydrogen is highly
flammable, needs to be stored at very low temperatures (thus a heat exchanger is required before combustion)
and is highly volatile. The specific energy is roughly three times as high, while the mass density as roughly
a tenth of kerosene, resulting in a hydrogen mass required which is a third of kerosene, but at the same time
having more than three times the volume.

6.3.2 Preliminary Requirements
The initial set of requirements for the propulsion system was established during the earlier stages of the
project. They are presented in the table below. It can be seen that these are the top level requirements guiding
the system behavior. he driving requirements are highlighted in green.

Table 24: Propulsion System requirements
Requirement
Identifier Requirement Compliance

Propulsion System
SRA-SYS-PROP-01 The propulsion system shall provide enough thrust to achieve

steady, level flight at cruise altitude.

3

SRA-SYS-PROP-02 The propulsion system shall provide enough thrust to achieve
take-off for a runway length of 1500 m.

3

SRA-SYS-ENY-02 The energy system shall be able to be replenished up to capacity
between flights.

3

SRA-SYS-ENY-03 The energy system shall provide the required energy for propul-
sion.

3

SRA-SYS-ENY-04 The energy system shall at least have one redundant distribution
subsystem.

3

SRA-SYS-PROP-03 The propulsion system shall allow for controlling the amount of
impulse delivered.

3

SRA-SYS-ENY-01 The energy system shall control the flow of energy throughout the
operation of the aircraft.

3



6.3 Propulsion System Design 62

6.3.3 Engine
A high wing configuration was chosen which allows for high bypass turbofans, increasing the propulsive ef-
ficiency. In design, the hydrogen turbofan shows large similarities to its conventional counterpart, with inlet,
compressors, combustion chambers, turbines and core versus bypass flows. Significant differences exist in the
lower Turbine Entry Temperature (TET), the addition of a heat ex-changer, and the specific fuel consumption.

Previously the team has decided to opt for a full hydrogen turbofan design to propel the aircraft [4]. This has
several implications that factor into the considerations required to achieve the subsystem’s aims. First of all
the thrust can be achieved in a multitude of ways, strongly influenced by the bypass ratio that determines how
the work extracted by the turbine is distributed between the core jet and the fan. More core thrust implies
lower fuel efficiency at a more compact design and lower frontal intake area. This influences the total size of
the engine and therefore the weight. Minimizing weight is important as this parameter will influence all other
subsystems and their size. This can lead to a snowball effect that may result in building an overly large system.
This results in failing to achieve the other aims, by requiring more thrust and therefore a higher fuel flow rate.
Since the aircraft concept is going with a high wing design, considerations involving engine clearance and
therefore size constraints were not taken into consideration.

Keeping emissions as low as possible is one of the key aspects to consider, as this is one of the driving
requirements for the aircraft design in general. Propulsion plays a key role in this aspect, as the combustion
chamber is where such emissions would be generated. Emissions strongly depend on the type of fuel used
and the amount of fuel consumed. The amount of fuel consumed clearly has a strong influence on the cost
of operation, therefore emissions and fuel cost are closely linked. With the team’s decision to go for a fuel
hydrogen configuration, emissions are reduced significantly, however this only holds true if the hydrogen
consumed is produced without emissions. As this will not always be the case it is still advisable to reduce
the consumption of hydrogen in the engine to as low as possible, helping reduce the fuel expenses also.
Therefore the aim to minimize emissions and operational costs can be expressed by trying to maximize the
fuel efficiency of the resultant engine design. This efficiency can be expressed as specific fuel consumption,
which has the units of g/kN .
Specific fuel consumption is strongly influenced by several design parameters. A high bypass ratio increases
the efficiency through generating a larger proportion of the total thrust by the fan, which is more efficient.
However this means that the fan requires more energy from the turbine as well as generally increasing the size
of the engine and therefore weight of the subsystem. A high combustion temperature will require a higher
fuel consumption, on the other hand it makes more energy available to be extracted by the turbine. The total
mass flow going through the engine has a major influence on the thrust produced as well as the total fuel
consumption. Generally speaking it is therefore desirable to produce as much thrust as possible with the
fan, through a high bypass ratio, ensuring that the combustion temperature is high enough to provide enough
energy to power it, whilst keeping the total mass flow as low as possible.

Engine Requirements The engine design is based on a set of requirements that need to be satisfied to ensure
successful mission execution. The required thrust at take-off, based on the Class II parameters and the updated
power loading diagram, a thrust of 121000N is needed. This means for a two-engine configuration each
engine needs to produce a thrust of 60.5kN . If this requirement is met, then the aircraft would be able to
satisfy the top level requirement of having a take-off distance lower than 1500m at a runway altitude of 1500m.
In case on one engine failing, the thrust generated by one engine should be enough to continue the mission
and perform landing. Table 25 showcases the more precisely specified engine requirements as derived from
the top level requirements.
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Table 25: Propulsion System Requirements
Requirement
Identifier Requirement Compliance

Concept Requirements
SRA-PSR-1 The system shall be a turbofan engine. 3
SRA-PSR-2 The system shall use cryogenic hydrogen as fuel source. 3

Driving Requirements
PSDR-1 The system shall deliver 65 kN of thrust at 1500 m altitude. 3
PSDR-2 The bypass ratio shall not be greater than 12. 15 3
PSDR-3 The emissions produced by the system shall be at least 25% lower

than the engines used by the CRJ700.
3

PSDR-3.1 The system shall produce not less than 50% of total net thrust
through the fan.

3

PSDR-3.1.1 The system shall have a bypass ratio of at least 10. 3
PSDR-3.2 The system shall burn as little fuel as possible. 3

Table 26: Engine component requirements
Requirement
Identifier Requirement Compliance

Component Requirements
PSCR-1 The inlet efficiency shall not be lower than 0.97 3
PSCR- 2.1 The fan efficiency shall not be lower than 0.85 3
PSCR- 2.2 The fan compression ratio shall be 1.4 3
PSCR- 3.1 The low pressure compressor (LPC) efficiency shall not be lower

than 0.9
3

PSCR- 3.2 The low pressure compression ratio shall be 2 3
PSCR- 4.1 The high pressure compressor (HPC) efficiency shall not be lower

than 0.87
3

PSCR- 4.2 The high pressure compression ratio shall be 10 3
PSCR- 5.1 The combustor efficiency shall not be lower than 0.99 3
PSCR- 5.2 The combustor pressure loss shall not be higher than 4% 3
PSCR- 6 The mechanical efficiency shall not be lower than 0.99 3
PSCR- 7 The gear box efficiency shall not be lower than 0.95 3
PSCR- 8 The low pressure turbine (LPT) efficiency shall not be lower than

0.89
3

PSCR- 9 The high pressure turbine (HPT) efficiency shall not be lower than
0.89

3

PSCR- 10 The efficiency of the nozzel shall not be lower than 0.98 3

Engine Modeling Procedure and Sizing The engine was modeled analytically using conventional thermo-
dynamic relations to find the total temperature and pressure at various stations through the turbofan. The
model allows for alteration of engine configuration, conveniently allowing real time updated values at all sta-
tions when changing a parameter.

This approach ensured that engine performance could quickly be assessed at different stages during the mis-
sion profile. The two main stages considered were at 1500m, just after take-off (just abbreviated as take-off)
and top of the climb (abbreviated as simply cruise condition). Table 27 shows typical inputs. The tempera-
ture, pressure and speed follow from the investigated speed and altitude. For the cruise condition the mach
number was exchanged for the speed, where the other value would be calculated from the respective input.
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Table 27: Inputs for take-off at 1500m altitude
Inputs for Take-off (1500 m altitude)

Flight inputs
T 278.4 K
P 84556 Pa
V 69.3 m/s
Design Inputs
BPR 10 -
T04 (Combustion Temperature) 1200 K
Inlet Diameter 2.285 m

The design inputs were varied greatly in themodeling process as they confound the amount of thrust produced,
as well as the specific fuel consumption. The inlet diameter determines the total mass flow through the engines
and both thrust and size could be altered this way. The burning temperature had a large impact on SFC, and
initially it seemed that ensuring the turbines were able to extract sufficient energy was the only constraint
set on the minimum temperature. More on this will be presented later. The mass flow into the engine was
determined with the following equation:

ṁ = ρV A (43)

After setting up all relevant inputs, the stations were modeled with the according equations. First the intensive
state variables were assessed at the inlet for this following equation was used:

p0,inlet = p0

(
1 + ηeff

γ − 1

2
M2

) γ
γ−1

(44)

In order to accommodate for disparities between theoretical thermodynamic cycles and real cycles, efficien-
cies were introduced to account for losses. These efficiencies were chosen based on conventional values and
set as requirements to ensure that the engine design would be achievable with conventional components.

After this the compressor stages were computed. Since the pressure ratios were set by the requirements (1.4
for the fan, 2 for the low pressure compressor and 10 for the high pressure compressor), only the temperature
needed to be calculated, as the pressures after the stages follow straight forwardly from the pressure ratios.
The temperature was calculated with the following equation.

T2
T1

= 1 +
1

ηis

(p2
p1

)(
γ−1
γ

)
− 1

 (45)

Knowing the temperature rise over the compressors, the work required for every stage can be calculated with
the following equation:

Ẇ = (ṁcore{+ṁfuel}) · cp,a/g · (T0,end − T0,start) (46)

In order to determine the fuel mass flow the following equation can be used:

ṁair · cpg ·∆Tcc = ηcc · ṁhydr · LHVhydr (47)

With this ṁhydr can be determined based on the lower heating value of hydrogen, the difference in tempera-
ture between the combustion temperature and the inlet temperature as well as the combustion efficiency. Here
the specific heat capacity for hot combustion gases was determined based on a weighted average of hydrogen
and air with respect to their approximate proportions in the mixture.

Dividing the work for the individual stages by the mechanical efficiency determines the work for the turbine.
Together with the predetermined combustion temperature the work can be plugged into the work equation
again to find the temperature after the turbine stages. As indicated with the curly brackets, the fuel mass flow
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needs to be added to the core mass flow. The change of specific heat capacity at constant pressure needs to
be taken into account as well.

After this the temperature and pressure ratios can be calculated using the expansion equation given below:

T2
T1

= 1− ηis

1−
(
p2
p1

)(
γ−1
γ

) (48)

In order to calculate thrust it needs to be checked whether the nozzle flow is choked or not. If it is, the required
area of the nozzle needs to be determined to be able to calculate the force of the excess pressure in order to be
able to add it to the thrust term. This needs to be done for both the core stream as well as the bypass stream.
The formula for the critical pressure ratio is given below. For the bypass the specific heat capacity of air and
for the core stream the specific heat capacity of hot combustion gasses needs to be used respectively.

εcr = p1/p2 =

 1(
1−

(
1
ηj

)
·
(
γg−1
γg+1

)) γg
γg−1

 (49)

The pressure in an not completely expanded jet stream can be found by dividing the pressure after the turbine
by this ratio. The temperature can be found similarly by dividing the temperature after the turbine by (γ+1)

2 .
Using this temperature the exhaust velocity can be calculated.

Ajet =
ṁRTjet
pjetvjet

(50)

Thrust = (ṁcore + ṁfuel) (vjet − v0) +Ajet (pjet − p0) (51)

For complete expansion the pressure in the nozzle is equal to the static pressure of the surrounding air. Using
the following formulas the thrust can be calculated for complete expansion:

T0,LPT − Tjet = T0,LPT · ηis,noz

[
1−

(
p0

p0,LPT

)(γg−1)/γg
]

(52)

vjet =
√

2cp,g (T0,LPT − Tjet) (53)

Thrust = (ṁcore + ṁfuel)n · (vjet − v0) (54)

Values were adjusted until the desired thrust level was reached. The specific fuel consumption was calculated
by dividing the fuelmass flow by the total thrust achieved. This was taken as themainmeasure of performance.

Further Considerations Initially it was found that a very low specific fuel consumption could be achieved
at very low combustion temperatures (1200K), these seemed unreasonable and the equations were verified,
however nomistakewas found. It could be argued that as long as the temperature drop across the turbine stages
is sufficient to produce the required work, the specific fuel consumption could be decreased by decreasing
the burner temperature, which decreases the thrust of the core, increasing the contribution of fan thrust to
total thrust. This seems problematic as it is physically infeasible to take out all kinetic energy out of the core
stream. Later it was reasoned that as long as the exhaust pressure ratio did not fall below unity the temperature
could be reduced. However this still resulted in unrealistically low values for the specific fuel consumption.
Ultimately this conundrum made it necessary to use an external tool to validate the analysis.

Engine Design and Parameters The model that was created covers all the intermediate stations that a tur-
bofan has, starting with the free stream conditions and finishing with the exhaust conditions. The parameters
at the different stations along the engines are presented in Table 28, with their respective locations shown in
Figure 32, for a take-off at an airport located at 1500m altitude as this was decided for the highest airport the
aircraft shall be able to operate from.
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Table 28: Values of different parameters along the en-
gine (take-off)
Station Total Temperature (K) Total Pressure (Pa)
0 280.79 87124.53
1 314.12 121865.35
2 390.57 243730.7
3 808.38 2437307.1
4 1200 2339814.81
5 864.22 849671.3
6 508.1 160179.1
7 402.61 84556 (static)
Work needed to be delivered to: Unit
Fan 10022693,1 W
LPC 2089464 W
HPC 11420588,7 W

Figure 32: Location of different
stations along the engine

Verification In order to verify the right use of equations as well as the correctness of the equations in the
modeling process, a comparable theoretical turbofan engine was used. For this engine all parameters were
available including the total temperature and pressure at every station, the total thrust, mass flows, pressure
ratios, efficiencies, work extracted and generated. This engine was modeled with the equations used to size
and the resultant values were compared to given values to ensure the correctness of the implementation of
the equations. Since the equations take their inputs from subsequent steps in the thermodynamic analysis, the
correct application of the equations themselves were also verified using this approach.

Validation In order to validate whether the engine model provides realistic results, a simulation tool was used
to check the engine in the desired settings, to see how the simulations results correspond to the analytically
determined values.

The simulation tool used was the EngineSim Version 1.8a developed by the Glenn Research Center of the Na-
tional Aeronautics and Space Administration16. The use of this tool showed that the modeling process used
does not accurately assess the pressure drop over the turbine, as this was the only disparity found when vali-
dating the results. According to the simulation the combustion temperature must be at least around 1500K,
whilst in the model used it was found that 1200K would be sufficient. The temperature drop across the turbine
however stayed the same, implying that the modeling process did not accurately assess the pressure drop. The
result of this was a lower amount of energy required to have a functioning core stream after the turbine. After
this finding, the combustion temperature was increased.

The first iteration of the simulation software showed that 1431K was the minimum necessary temperature to
produce thrust. At this temperature the engine produced 98.7kN of thrust for the same input values. This
resulted in a core flow of 47kg/s and a fuel flow of 0.3kg/s. For the same combustion temperature the model
calculations resulted in a core mass flow of 27kg/s and a fuel mass flow around 0.165kg/s, approximately
half of the simulation. However the model calculations only resulted in 65kN of thrust.
This clearly shows that there are large discrepancies between the model and the simulation.

Subsequently the inlet diameter was reduced to 1.79m in the simulation to achieve 61kN of thrust. This
resulted in a core mass flow of 29kg/s and a fuel flow of 0.18kg/s. A lot closer result when compared to the
model. However when reducing the model intake area, the thrust decreased significantly. This could be due
to discrepancies in the methods used to determine actual mass flow through the engine.
What has to be taken into consideration is that the engine configuration modeled, places the fan and low
pressure compressor on the same spool, whilst keeping the high pressure compressor on a separate spool.
These are powered by a low pressure turbine and a high pressure turbine respectively. In the simulation only

16https://www.grc.nasa.gov/WWW/K-12/airplane/ngnsim.html

https://www.grc.nasa.gov/WWW/K-12/airplane/ngnsim.html
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overall pressure ratio and efficiency should be input for the compressors and only the efficiency for the turbine.
It was not possible to simulate multiple spools, this could also be a cause of the difference in results between
the simulation and the model.

Results & Final Design This section presents the results obtain from the analysis of the model. In Table 29
themost important output parameters of the engine are given. It can be seen that the thrust the engine produces
satisfies the take-off thrust requirement. The hydrogen fuel flow rates are 0.1036kg/s and 0.1623kg/s per
engine for the take-off and cruise, respectively.

Table 29: Thrust values of a single engine at different mission stages

Core Thrust (N) Fan Thrust (N) Total Thrust (N) Specific
Fuel Consumption (g/kN/s)

Take-off 12154.66 48596.55 60751.20 1.706
Cruise 13435.90 31190.16 44626.06 3.637

Compliance with Requirements After the design is complete, the engine needs to be checked whether it
complies with the requirements formulated in the begining. Having a max cruise thrust of 89.2 kN and
a drag of 18.87 kN it can be said that SRA-SYS-PROP-01 is satisfied. This is also satisfied in case one
engine fails and all the cruise thrust is produced by only one engine. To fulfill SRA-SYS-PROP-02 the thrust
required for the take-off condition is calculated, this stems into requirement PSDR-1, which according to
Table 29 is met. The max cruise thrust is almost five times the drag experienced during cruise, the throttle
can be used to reduce this thrust, thus satisfying the requirement that the propulsion system shall allow for
impulse control (SRA-SYS-PROP-03). The requirements presented in Table 25 can easily be verified, except
for PSDR-3, which is hard to quantify, meaning further analysis is needed in the future. Finally, the component
requirements in Table 26 need to be satisfied by the supplier of the engine parts. This can be checked by tests
and analysis of the parts to ensure the engine is going to work as intended.

Recommendations for further Engine Improvements The engine sizing analysis has so far not included a
thorough combustion analysis or stoichiometric calculations. This would be the first thing that would need to
be analyzed to ensure that no combustion instabilities occur. This would go hand in hand with flow analysis.
After that several engine improvements can be considered. Considering the use of cryogenic hydrogen re-
cuperation would bring a major increase in efficiency. Additionally the ideal combustion temperature could
be investigated further, should it turn out that increasing combustor temperature results in a large decrease in
core mass flow and therefore in fuel consumption, active cooling could be applied to achieve higher burner
and turbine temperatures whilst continuing to use non-exotic materials. Recuperation could also applied to
make the best use of wasted heat to increase efficiency. Finally through a thorough study it could be assessed
whether a decrease in engine efficiency but an increase in overall power would benefit the entire aircraft sys-
tem due to potential weight savings. The complexity of including all these factors in the analysis is too time
consuming but is highly recommended for future iterations.

6.3.4 Hydrogen Tanks
The tail tank will serve as storage tank. From here, pumps send the hydrogen to the feed tanks, which are
the external wing tanks below the wing. Structural design of the tanks can be found in Section 6.5.3. An
important issue which needs to be addressed is the boil-off of the liquid hydrogen. No cooling system is
installed as this increases complexity. Instead, insulation is used around the tank. Thermodynamic analysis
must be performed in order to calculate the required insulation thickness. Tank dimensions can be found in
Section 6.1.5.

Boil-off Issues Hydrogen is stored as a cryogenic liquid at 20K, but due to a heat flux with the outside, it
heats up and boils off as a gas. This gas is relieved when necessary, and pressure should be kept below 1.45
bars, low enough to limit structural tank weight, but high enough to provide over-pressure and keep air out
(which introduces combustion danger if mixed with hydrogen). The additional boil-off volume in a full tank
is 7.2% (that is, the required mission hydrogen volume multiplied by 1.072) [29]. This extra 7.2% is assumed
to be directly filled with gaseous hydrogen after fueling (due to refueling discrepancies, remaining gases and
possible pre-cooling or purge gases). Depending on the insulation thickness and thermodynamic properties,
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the tank has a certain boil-off rate [kg/s]. It is decided that enough insulation should be provided to limit
the boil-off to 1% over a maximum span of 10 hours. This includes 6 hours of the aircraft being grounded
with full tanks (due to technical defects, airport delays or other factors) and 4 hours of flight. The reason
that boil-off is only taken at 1%, is that this boil-off needs to be either relieved, or burnt off by the Auxiliary
Power Unit (APU). Relieving of boil-off gas poses a big hazard during grounded conditions, and burning it
through the APU during grounded conditions should be minimized as a running APUmust be avoided during
unexpected technical repairs (A. Rao, personal communication, 10/06/2020).

Thermodynamic Principles The hydrogen heats up because of a heat flux with the hotter outside environ-
ment. The surround temperature T∞ on ground is assumed to be 37 degrees Celsius (310K). In the air, the
podded tanks are exposed to temperatures of -68 degrees Celsius (205K). The tail tank is placed after the
bulkhead so it also experiences a decrease in temperature, and a temperature of 220K is assumed here. First,
the outside surface temperature of the insulation Ts must be found [29]. The insulation receives convection
and radiation heat flow from the outside (Qconvection andQradiation ), and has a conduction heat flowQconduction
going out of the wall, and into the hydrogen. The heat flows and their calculation are given in Equation 55
and Equation 56 [29]. The in-going heat-flow and out-going heat-flow need to be equal. This depends on the
surface temperature Ts, the value is raised in an iterative process until the heat flows are equal.

Qin = Qconvection +Qradiation = h (T∞ − Ts) + εσ
(
T 4
∞ − T 4

s

)
(55)

Qout = Qconduction = K (Ts − TLH2) /L (56)

ε is the emissivity coefficient of the insulation and σ is the Stefan-Boltzmann constant (5 · 10−8W/m2/K4).
h is the convection coefficient, given by Equation 57 and K is the insulation thermal conductivity. The con-
vection coefficient is for a cylinder in static air. This is the case when grounded, and for the tail tank sitting
inside the pressurized fuselage. However, the external wing tanks are exposed to airflow during flight. This
effect has not been researched and is included the recommendations. The insulation thickness will very likely
increase. Insulation is very light-weight and the added thickness is likely in the order of centimeters so the
current discrepancy is judged as allowable.

h = NUDKg/D (57)

In Equation 57, D is the tank diameter, NUD is the Nusselt number and Kg is the thermal conductivity of
the air, assumed to be 0.024W/m/K. For a cylinder, the Nusselt number can be computed via Equation 58
[29]. All tanks are assumed to be cylindrical, although this is not the case for the tail tank, which is an oblique
truncated cone. PR is the Prandtl number ( υα ), equal to 0.71,Rad is the Rayleigh number given in Equation 59
[29]. υ is the air viscosity and α is the air diffusivity, given by Equation 60 and Equation 61 respectively. β
is the inverse of T∞ [29].

NUD =

[
0.60 + 0.387R

1/6
ad /

[
1 + (0.559/PR)9/16

]8/27]2
(58)

Rad = gβ (T∞ − Ts)D3/(vα) (59)

υ = −2.08 · 10−6 + 2.78 · 10−8T∞ + 1.08 · 10−10T2
∞ (60)

α = −3.12 · 10−6 + 3.54 · 10−8T∞ + 1.68 · 10−10T2
∞ (61)

Qin and Qout should be equal to each other, this way the surface temperature Ts can be computed. This is
done iteratively. This way, the heat flow can be obtained, and thus, a boil-off balance is set up via Equation 62.
TLH is the temperature of the liquid hydrogen (20K), A is the surface area of the tank (trivial computation),
L is the thickness of the insulation, K is the insulation thermal conductivity, and hfg is the latent vaporization
heat of hydrogen (446592J/kg). M is the boil-off rate in kg/s [29]. M is easily extracted from Equation 62.
Multiplying this by the mission duration the total boil-off is obtained, which must be less than 1% of the total
fuel mass.

KA (Ts − TLH) /L = Mhfg (62)
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Insulation Thickness calculation The goal of losing less than 1% in boil-off must be met by adding enough
insulation. A Python program was developed combining all thermodynamic formulae. The first step cal-
culates the boil-off for zero thickness, then, the thickness is increased by 1 millimeter each step until the
boil-off is less than one percent. The program takes into account the difference between external wing tank
and tail tank dimensions, and ground temperature vs flight temperature (although the tail tank is assumed to
be a cylinder, and the in-flight convection coefficient for the external wing tank is calculated as if the tanks
were isolated from airflow). The insulation material selected is rigid closed cell polymethacrylimide, with a
density of 35.3kg/m3 and thermal conductivity K of 0.0096W/m/K [29]. The thicknesses computed are
3.5cm for the external wing tank, and 2.8cm for the aft fuselage tank.

Verification and Validation on Insulation Thickness Once the iterative process of finding the right surface
temperature is completed, the heat flow balance was checked by hand. Then, the program must indicate the
insulation thickness where boil-off drops below 1%. Calculations were done by hand with the equations, to
check if the boil-off indeed stayed below 1%. The found thicknesses lie in the range of a couple of centimeters.
This is the same range as the insulation thicknesses reported for space cryogenic tanks [44].

External wing tanks placement The external wing tanks need to be placed on the wing. As the engines are
also wing-mounted, the lateral location of the tanks need to be determined as such to limit the interference
between the two. The aircraft is cruising at Mach of 0.75. To minimize the drag at transonic and maybe sonic
speed the aircraft may experience the area rule can be used, which is a technique that minimizes the drag [45].
The cross sectional area of the aircraft needs to follow a gradual transition. This means that if the tanks are
placed on the same longitudinal position as the engines there will be a large increase in cross sectional area,
which has a negative effect. To combat that the external wing tanks are placed on the back of the wing with
some part of them sticking out of the trailing edge. That way the area transition after the wing’s longitudinal
position is smoothened instead of having the the cross-sectional area drop abruptly after the wing. The last
thing left to do is to determine the lateral position of the tanks. As they are extending past the trailing edge,
possible connection can disturb the flaps or the ailerons. This means the only place the tank pylon can be
situated is at the space between the flaps and aileron. This results in a position of 66.6% of the half span or
7.44m from the centerline.

6.3.5 Fuel Distribution
The fuel distribution system of the hydrogen aircraft will show both similarities and differences comparedwith
conventional kerosene aircraft. The extra challenges faced in designing a cryogenic hydrogen fuel system are
storage of liquid hydrogen, difference in storage vs required injection temperature, boil-off and the extremely
low cryogenic temperature itself. In Figure 33 the fuel system schematic can be seen. The fuel system design
is largely based on a concept study by different European contributors coordinated by Airbus Deutschland
GmbH [27]. The system shall store its fuel in the liquid hydrogen storage tank (passive tail tank) and from
here it shall pump the fuel into the wing feed tanks (active external wing tanks). The wing tanks do also serve
as storage tanks and are full after refueling. It is assumed the pumps will fit within the wing-box. The external
wing tanks serve as feed tanks. The feed tanks pass the fuel to the engine. A total of seven subdivisions can
be identified within the fuel system in Figure 33, being:

• Refueling: Allows for refueling of the tanks via a refueling inlet.

• Dumping: In case of emergency the liquid hydrogen can be drained from all tanks. A two-valves-in-
parallel configuration is used for redundancy in case one valve malfunctions. This can also be used to
drain the tank if a filled aircraft remains unexpectedly grounded. This is done by ground equipment.

• Transfer: The transfer system includes the main storage tanks which flow into the feed tanks. The fuel
is extracted by a jet pump and then it is pumped to the feed tanks by a low pressure transfer pump.

• Engine: The engines are fed from the feed tank. A jet pump retrieves the fuel and a low pressure pump
pushes the fuel to the engines high pressure pump, mounted to the shaft. Then the cryogenic hydrogen
is sent through a heat exchanger (or heater) and finally it is combusted. A return line is placed to prevent
cavities and keep the flow rates low [27].
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• APU: The APU can work on the boil-off gases provided by the relief system [27]. If this is not available,
it can work on liquid hydrogen, provided by the passive storage tank (which turns active for the APU).
The APU provides electric power to the Electrical Power System (EPS) and the compressed air to start
the main engines. In the case of the hydrogen aircraft it also can burn boil-off hydrogen.

• Relief: As no cooling is used, the hydrogen tanks will gradually heat up and boil off will occur. This
gases can either be redirected to the APU, or simply be vented.

• Purge: The purge system cleans the fuel system of hydrogen at shutdown or air at startup, as oxygen
and hydrogen together give rise to safety concerns involving flammability and explosion.

Figure 33: Fuel system diagram

Hydrogen Pipes The liquid hydrogen is transported in the aircraft by the means of fuel pipes. These pipes
have to resist the cryogenic temperatures and seep through of hydrogen. composite pipes can be used with
radiation shielding in order to reduce the axial and radial thermal energy transfer [27]. A Carbon Fibre Rein-
forced Polymer (CFRP) using XU 3508 is selected, with metallic coating to prevent hydrogen seep through,
this use of CFRP over steel pipes introduces a weight saving of 60% [46]17. Additionally the pipes should be
cooled at startup as reported by [27], which should be done by circulation of a cold inert gas, prior to fueling.
This can be the purging gas if it is applied from the outside. The pipes itself must allow for expansion and

17http://www.jeccomposites.com/knowledge/international-composites-news/carbon-fibre-reinforced-polymer-cryogenic-liquid-hydrogen

http://www.jeccomposites.com/knowledge/international-composites-news/carbon-fibre-reinforced-polymer-cryogenic-liquid-hydrogen
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contraction due to the encountered temperature differences, this can be done by providing bends in the shape
of an Ω.

Pumps Three types of pump are used as seen in Figure 33.

• Jet pump: it assures that the liquid is extracted from the tank, into the other pumps [27].

• Low pressure pump: this pump makes sure that enough fuel is sent into the high pressure pump. It is
electrically driven [27].

• High pressure pump: This pump is mechanically driven via a gear on the engine shaft and pumps high
pressure liquid hydrogen into the heat exchanger [27].

The number of pumps is doubled to provide redundancy.

Valves The valves should shut off and regulate the fuel flow. Two separate valves can be included to improve
reliability, one for shut off and one for flow regulation, it is chosen to combine them together into one valve to
save weight. The valves are powered by electric actuators. This power is provided by the EPS. Also back up
power is of paramount importance and thus the EPS should provide this as well. The combined valve-actuator
system is estimated to have a mass of 6kg per piece [27].

Heat Exchanger and Heater The liquid hydrogen must be heated from 20K to a gaseous condition of 150-
250K before it can bfuelinjected in the combustion chamber. This is done by putting the LH through a heat
ex-changer tube wrapped around the jet pipe exhaust as proposed in studies by SNECMA (an industry partner
in [27]). The lower exhaust temperature has negligible effects on thrust decrease. The fuel lines should be
carefully constructed in this region, as leakage near a hot area (e.g. combustion chamber) can lead to leak
explosion [47]. Also for the APU a heat ex-changer is installed. At startup, the engine exhaust will not be
warm enough to provide heat to the heat ex-changer, which in turn cannot convert the liquid hydrogen to a
gas. An electric heater is installed as proposed by Khandelwal et al. [47]. This electric heater is also used in
the APU. The heaters shall be powered by the EPS.

Purge System As hydrogen is highly flammable in combination with oxygen, no air can be present in the fuel
system. At startup (or refueling), the air must be purged after which hydrogen comes in. After shutdown the
hydrogen should be purged after which air is allowed in. This can be done by an inert gas such as helium,
nitrogen or carbon dioxide. Purging gas can come from an external supply on the ground, and be cold to
pre-cool the pipes, but is also carried on-board if such system is not available during shutdown.

Final Considerations The additional weight of the hydrogen system compared to a kerosene system is roughly
estimated to be 1.5 tonnes [27]. This weight needs to be added to the OEW in the very first loop of the Class
I weight estimation (performed in Section 5.3).

Fuel System Recommendations

• The thermodynamic modeling of the external wing tanks need to be reconsidered, as they are exposed
to the free-stream flow. Also forming of ice must be investigated (as the tank is cryogenic), and de-icing
measures may be taken due to otherwise increased drag.

• boil-off gases only might not be sufficient for the APU, so the tail storage tank in the back must sacrifice
some fuel. The influence of the extra needed fuel on the mission fuel mass must be considered.

The thermodynamic modeling of the external wing tanks need to be reconsidered, as they are exposed to the
free-stream flow.

6.3.6 Propulsion System Sensitivity Analysis
Several tests can be performed to assess the behavior of the propulsion system design based on changing some
of the input parameters.

The minimum thrust that is required stems from the MTOW of the airplane. This means that a change in
the MTOW will require a direct change of thrust in order to fulfill the take-off thrust requirement. The T/W
fraction remains equal to 0.44 as it is not influenced by MTOW. Changing the MTOW by +/ − 10% will
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change the required thrust by 4.4%, or make it 109058-133293N , respectively.

Another parameter that can be altered is the combustion chamber temperature. Currently it is set to 1200K
and it allows for the work required to be extracted from the flow. During a consultation with a propulsion
expert18 it was stated that this temperature is too low. To see what what the effects of this the temperature
was increased to 1600K. This results in the engine requiring more than twice the hydrogen flow to achieve
this burning temperature. The flow now contains a lot more energy, so after the turbines the pressure is still
very high, needing a shockwave at the nozzle to allow the flow to exit. This configuration delivers 68500N
per engine, which is just 12% higher than the current design while requiring twice the amount of fuel.

In order to further investigate the effect of varying parameters, several design parameters were varied inde-
pendently by 10%. A more thorough analysis would require to extensively test the sensitivity of confounding
factors, however varying the parameters independently gives a decent estimate for their effect on the engine
performance.

Table 30: Effect of varying design parameters by 10%
Effect on Thrust Effect on SFC

Parameter ×1.1 ×0.9 ×1.1 ×0.9
T04 66346.93 (+9.2%) 48836.22 (-19.6%) 2.04 (+19.6%) 1,47 (-13.7%)
Fan Π 0 (-100%) 55627.1 (-8.4%) ∞ 1.99 (+17%)
LPC Π 59992.67 (-1.2%) 61450.31 (+1.2%) 1.62 (-5%) 1.8 (+5.5%)
HPC Π 60035.88 (-1.2%) 61410.27 (+1.1%) 1.62 (-5%) 1.79 (+5.4%)
BPR 58061.63 (-4.4%) 63587.73 (+4.7%) 1.64 (-4.1%) 1.79 (+5.1%)
In take diameter 73508.96 (+21%) 49208.48 (-19%) 1.71 (0%) 1.71 (0%)
LNG Fuel 64358.93 (+5.9%) 4.29 (+252%)

As can be seen varying the combustion temperature has a major effect on engine performance. An increase
produces more thrust, as it strongly effects the energy in the core stream after the turbine, however this also
has a significant impact on the specific fuel consumption, the largest of all parameters, since more fuel needs
to be burned to achieve the increased combustion temperature. For this reason the aim was to keep the com-
bustion temperature as low as possible.

Generally speaking increasing the compression ratios of the compressors decreases thrust by a small amount.
This is due to increased turbine work required, that leaves the core stream with less energy after the turbine,
therefore producing less jet thrust. However it also has a significant effect on the specific fuel consumption
and can therefore be a useful parameter in reducing the fuel consumption of the engine.

Varying the fan compression ratio has a significant impact on the engine performance. Increasing the com-
pression ratio requires too much turbine work for the core stream to remain intact. So not enough energy
can be extracted from the flow, making it go to zero. Decreasing the compression ratio greatly decreases
thrust and produces a large increase in specific fuel consumption. Therefore, ceteris paribus, a variation in
fan compression ratio is detrimental to performance.

The effect of varying the bypass ratio was not as profound as expected. an increase in bypass ratio decreases
thrust without significantly decreasing the specific fuel consumption, and a decrease in bypass ratio increases
thrust, due to a larger jet component, but also increases the specific fuel consumption.

Changing intake parameter has a large effect on engine performance as it determines the overall mass flow
through the engine. However it also increases system weight. It did not have any effect on the specific fuel
consumption and for this reason the intake diameter was varied and changed until the engine achieved the de-
sign thrust. More specifically the intake diameter was increased and the combustion temperature decreased
in an attempt to achieve more thrust at lower fuel flow. Further analysis might find an optimum as the high

18(A. Rao, personal communication, 10/06/2020)
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wing configuration does not place a tight constraint on engine size.

When changing the fuel source to liquid natural gas, the thrust increases and the specific fuel consumption
does by a factor of 2.5. This is due to the fact that hydrogen is more than 2.5 times more energetic than Lique-
fied Natural Gas (LNG). Using LNG is definitely possible, however less economical. Possible advantageous
could include an increased range, due to lower density of fuel and therefore more tank capacity, however more
thorough analysis would be required to make such conclusions.

6.4 Stability and Control
Stability and controllability are discussed in this section, establishing the center of gravity and sizing control
surfaces.

6.4.1 Requirements

Table 31: Control, stability and landing gear requirements
Requirement
Identifier Requirement Compliance

Control System
SRA-SYS-CNTR-01 The control system shall provide directional control in all axes.

3

SRA-SYS-CNTR-02 The control system shall provide rotational control in all axes.
3

SRA-SYS-CNTR-03 The control system shall provide static stability in all axes.
3

SRA-SYS-CNTR-04 Trim drag shall be less than 10% of the total aircraft drag.
3

SRA-SYS-CNTR-05 Max stick control force shall satisfy the requirements from CS
25.143.

3

SRA-SYS-CNTR-06 The control system shall be able to rotate the aircraft during take-
off with the most forward center of gravity.

3

SRA-SYS-CNTR-07 The control system shall allow for a roll angle of 45 degrees in
1.45 seconds at stall velocity.

3

SRA-SYS-CNTR-08 The control system shall provide lateral control in one engine in-
operative conditions.

3

Landing Gear System
SRA-SYS-LG-01 The landing gear shall withstand the weight of the aircraft.

3

SRA-SYS-LG-02 The landing gear shall provide for directional control during taxi-
ing.

3

SRA-STAKE-AP-05 The aircraft shall allow for maneuvering and taxiing on the
ground.

3

SRA-SYS-LG-03 The landing gear shall provide for deceleration during landing
and taxiing.

3

SRA-SYS-LG-04 The landing gear shall withstand for acceleration during take-off.
3 / 7

SRA-SYS-LG-05 The landing gear shall withstand the impact of touchdown.
3

SRA-SYS-LG-07 The landing gear shall be able to function on regional airport run-
ways under wet conditions.

3 /7

SRA-PROD-PERF-18 The aircraft shall not tip over in any direction at any time during
ground operations.

3

SRA-PROD-PERF-17 The aircraft shall satisfy all ground clearances.
3

Other
SRA-PROD-CG-01 The center of gravity shall stay within the specified range while

the checked-in luggage is being loaded.

3
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6.4.2 Weight and Balance
To size the horizontal tail and the longitudinal position of the wing and landing gear, the C.G. range of the
aircraft must be determined, which will be done in the coming paragraphs.

OEW Center of Gravity To to determine the C.G. range during operation, the C.G. of the empty aircraft
must be determined. This is done using the component weights from [31] and Equation 63. The process of
obtaining the component weights is automated using Python, with most component C.G. estimations being
based on reference points in the fuselage or wing. The final component masses can be found in Table 12
which is situated in Section 5.4, with their respective estimated C.G. locations.

xcg =

∑
iMi · xcgi∑

iMi
(63)

Aircraft Loading The operational C.G. range must be computed to determine the required tail size, and
landing gear position. Equation 64 is used to calculate the C.G. location and mass for each load scenario.
The resulting loading diagram is given in Figure 34. The method used to the generate the loading diagram
was taken from [48]. The diagram shows a loading sequence, in which the cargo is loaded first, after which
the passengers are loaded, and finally the fuel. Each part of the loading sequence can be performed from the
front of the aircraft, or from the back of the aircraft. The forward and aft C.G. limits have been indicated
by the bright green and pink vertical lines. Both include a 3% margin with respect to the most extreme
C.G. locations that may occur in flight. When the aircraft is operated, the C.G. must remain between these
two limits without the added 3% margin during the entire flight. During loading and unloading, the C.G.
is allowed to shift further forward or backward. The top red passenger loading therefore does not influence
the most forward C.G., while the external tank does influence the most forward C.G. limit. The passenger
and cargo loading sequence, as indicated by window, middle and aisle seats as well as cargo in Figure 34 are
shown to indicate the C.G. location during loading, which is used to determine if the aircraft will not tip back
during loading. The forward and aft limits during loading are not indicated in this figure. The aft C.G. during
loading is allowed to come near the main landing gear, which is at 70% of the Mean Aerodynamic Chord
(MAC), while forward it is allowed to reach 0% of the MAC. In the loading diagram, it can be seen that the
fuel is loaded in two parts. This is due to the aircraft having two hydrogen tanks available, as explained in
Section 6.1.5. Additionally, it can be noted that the aircraft will not be allowed to take-off when only carrying
fuel. This would shift the C.G. is aft of the pink line. The operator shall carry ballast in the front of the
aircraft to counteract the C.G. being too far aft.

xcgnew =
xcgold ·Mold +

∑
i xcgi ·Mi

Mold +
∑

iMi
(64)

Figure 34: Loading diagram
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Table 32: Input and output parameters of the loading diagram
Parameter Value [unit] Source
Input
Passenger mass 93 [kg] [26]
OEM 18275.6 [kg] Class-II weight estimation
Forward cargo mass 333 [kg] Requirement
Aft cargo mass 667 [kg] Requirement
Passenger seat location varying, spread through the cabin Cabin design
Forward cargo C.G. 6 m Estimate
Aft cargo C.G. 19 m Estimate
External tank fuel mass 916 kg Tank design and Class-I
Tail tank fuel mass 916 kg Tank design and Class-I
External tank C.G. 13.2 m Estimate
Tail tank C.G. 23.4 m Estimate
C.G. margin 3% m Estimate
Output
C.G. aft limit 43.9 % MAC Equation 64
C.G. fwd limit 30.3 % MAC Equation 64

6.4.3 Roll Control Sizing
According to CS.25 regulations, Class II aircraft shall achieve a roll angle of 45 degrees in 1.45 seconds,
i.e. a roll rate of 31.0 degrees per second [49]. As a regional jet aircraft falls under Class II, the ailerons
must be sized for this roll rate at stall velocity, as is the critical condition for rolling. This is done using the
approach mentioned in [50]. The aileron roll rate follows from Equation 65. In order to calculate the roll
rate, the aileron control derivative, roll damping coefficient and average maximum deflection angle must be
known. The former two are calculated by Equation 66 and Equation 67, respectively. The chord length along
the span, c(y), follows from Equation 68. The resulting aileron geometry, along with some input parameters
used, are summarized in Table 33.

P = −Clδa
Clp

δa

(
2V

b

)
(65)

Clδa =
2Clαal τ

Srefb

∫ b2

b1
c(y)ydy ≡

2Clαal τ

Srefb

[
1

2
Cr(b

2
2 − b21) +
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]
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3

24
− b3(Cr − Ct)
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c(y) = Cr −
Cr − Ct
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y (68)
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Table 33: Input and output parameters for aileron sizing
Parameter Value [unit] Source
Input
Clαal 6.48 [1/rad] Derived from airfoil simulation
Cd0al 0.007 [-] Derived from airfoil simulation
τ 0.5 [-] Determined graphically using ca/c [50]
Sref 47.4 [m2] Approximated by S − CrDfus

δup 25 [deg] Derived from reference aircraft
δdown 18.8 [deg] Taken 0.75 δup to reduce adverse yaw
Output
b1 7.6 [m] Optimal configuration to meet roll rate requirement
b2 10.3 [m] Optimal configuration to meet roll rate requirement
ca/c 0.25 [-] Based on reference aircraft and rear spar location
Clδa 0.28 [1/rad] Calculated with Equation 66
Clp -1.05 [-] Calculated with Equation 67
P 31.4 [rad/s] Calculated with Equation 65

Since a configuration with only outboard ailerons satisfies the roll rate requirement, less deflection is required
compared to inboard ailerons due to the bigger moment arm. Along with the design of the flaps, efficient use
is made of the space available on the wing trailing edge.

6.4.4 Vertical Tail Sizing
Vertical Tail Parameters When designing the vertical tail, the AR , taper ratio and the sweep angle have
to be determined. A conventional value of the aspect ratio Av is between 1 and 2. For the taper ratio λv, a
nominal value lies between 0.3 and 0.7. When choosing the sweep of the vertical tail it is important that is
is both larger than the wing sweep and, since it is a jet aircraft, it is smaller than 50 degrees [6]; postponing
compressibility effects and increasing the stall angle of attack. The AR, taper ratio and sweep have to be
chosen by the designers. The positive effect of sweep angle on C.G. moment arm, the positive effect of the
AR on the tail plane effectiveness, and an absence of adverse effects of the taper ratio on the effectiveness,
lead to the selection of an AR of 1.7, together with a taper ratio of 0.6 and a sweep angle of 35 degrees.

Vertical Tail Area Estimate Preliminary sizing of the vertical tail plane area is done by collecting statistical
data on reference aircraft; the selection is succeeded by averaging the parameters, in order to come up with
an accurate estimate, as suggested in Roskam [2]. Below, in Table 34, the aircraft that have been used as
reference aircraft for sizing the vertical tail are tabulated, together with their respective vertical tail volume
V̄v and ratio of rudder area to vertical tail area Sr/S̄v.

Table 34: Reference Aircraft Used to Determine Vertical Tail Volume and Rudder Area
Airplane type: F-28 Bae 146-200 Tu-154 DC-9-MD80 DC-9-50 B767 B737-200 B737-300 B727-200 Average

V̄v 0.085 0.12 0.055 0.062 0.079 0.067 0.1 0.1 0.11 0.086
Sr/S̄v 0.16 0.44 0.27 0.39 0.41 0.35 0.24 0.31 0.16 0.303

Averaging the statistical data yielded a value of 0.303 for the ratio of rudder to vertical tail area and 0.086 for
the vertical tail volume; a definition of the vertical tail volume is provided in Equation 69. These values have
subsequently been used in Equation 70 and Equation 71, in order to obtain the initial values for the vertical
tail and rudder area; which resulted in 9.014m2 and 2.731m2 for the vertical tail area Sv and rudder area Sr,
respectively, which are relatively small estimates.

V̄v = lvSv/(Sb) (69) Sv = V̄vSb/xv (70) Sr = Sr/V̄v · V̄v (71)

Airfoil selection When it comes to selecting an airfoil for the vertical tail, two geometrical properties are
of importance. First and foremost, the airfoil needs to be symmetrical, to be able to provide lateral control
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in both directions. Additionally, a blunt leading edge is desirable, since it delays leading edge vortices [51].
The formation of leading edge vortices occur at higher angles of attack; a large yaw angle can therefore have
drastic effects on the airfoil efficiency, especially if it has a sharp leading edge. For the airfoil used in the
vertical tail there were two options considered, the joukovsky 0009-jf and the NACA 0012, which both have
a blunt leading edge. Their most notable difference is, aside from a slightly different lift curve slope, their
difference in the thickness-over-chord ratio t/c. Later, when sizing the rudder, the influence of the t/c ratio
will be elaborated on, and the airfoil will subsequently be selected.

Vertical Tail Sizing for One Engine Inoperative The vertical stabilizer must be designed in such a way that
it can provide lateral control during all possible scenarios in the operational life of the aircraft. The most
critical scenario is during take-off, with One Engine Inoperative (OEI); the asymmetric thrust causes a large
yawing moment which is to be counteracted by the vertical stabilizer. In order to produce a counteracting
yawing moment, the rudder has to be deflected; furthermore, the rudder deflection should not exceed 25
degrees in absolute sense [31]. The reader is, for all equations, figures and variables used in this paragraph,
referred to Roskam books II [2] and VI [31] on empennage design and lateral control.

δr = ((1 +ND)Ntcrit) / (q̄mcSbCnδr ) q̄mc =
1

2
ρtoV

2
mc Vmc = 1.2 Vmin Ntcrit = TTOe yt (72)

With Equation 72 the deflection of the rudder is calculated for a specific value of the vertical tail area, rudder
to vertical tail chord ratio and control derivative Cnδr . It is assumed that the rudder vertical tail area ratio is
the same as the ratio of rudder-chord and chord cf/c of the vertical tail. The equations used to determine the
control derivative are Equation 73 through Equation 77. The only parameter in Equation 72 that is depen-
dent on Sv and cf/c is the control derivative Cnδr ; although this is not directly apparent, as cf/c is used to
determine the values for k′, αδcl and clδtheory .

Cnδr = −Cyδr (lvcosα+ zvsinα)/b (73)

Cyδr = (CLαv / clαv ) (k′ Kb){(αδ)CL /(αδ)cl} (Clδ / clδtheory ) clδtheory (Sv/S) (74)

CLαv = 2πAveff /[2 + {(A2
veff

β2k2) (1 + tan2Λc/2/β
2) + 4}1/2] (75)

Aveff = (Av(f)/Av)Av {1 +Kvh{(Av(hf)/Av(f))− 1}} (76)

β = (1−M2
to)

1/2 k = (clα)Mto / (2π/β) Av = (bv)
2/Sv (77)

Using the previously established rudder area estimations, the required rudder deflection is determined for the
respective vertical tail area. Through iteration, the minimum vertical tail area is determined, whilst keeping
the magnitude of the rudder deflection below 25 degrees, and, at the same time, also manually adjusting the
coefficients which have been obtained from graphs in [52]. The values that are subjected to change with ver-
tical tail area are: Kvh and the ratios of Av(f)/Av and Av(hf)/Av. Lastly, it should be noted that the NACA
0012 airfoil has been chosen for the vertical tail design for the reason of a higher t/c ratio, which decreased
the vertical tail area required. The parameter clδtheory is strongly influenced by the t/c ratio; the smaller t/c
of the joukovsky 0009-jf results in an increase in vertical tail area of almost 3%.

In Figure 35 the relationship between the vertical tail area Sv and the associated required rudder deflection to
counteract the EOI yawing moment has been depicted on the right; on the left, the relationship between the
control derivative and the required rudder deflection can be seen. As can be seen in the figure, an increase
in vertical tail area will logically result in a decrease in required rudder area; similarly, an increase in magni-
tude of the control derivative will too result in a decrease in required deflection of the rudder. Furthermore,
from Equation 73 and Equation 74 it becomes apparent that an increase in vertical tail area increases the
effectiveness of the rudder.
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Figure 35: δ [deg] plotted against Sv [m2] (l) and δ [deg] against Cnδr [-] (r)

After the design was finalized, it was noted that the vertical tail area was too large. Therefore, as suggested
in Roskam [2], the rudder will get a double hinge line. This means it has variable camber, which allows for
further deflection of the rudder, up to 40 degrees. It should be noted that the author mentions it will require
further research and possibly wind tunnel testing. It is however, assumed that it is possible to make use of
the double hinge line rudder, and that is has been, as the author suggests, validated. Below, in Table 35,
all relevant dimensions of the vertical tail are tabulated, which have been obtained based on the OEI rudder
design.

Table 35: Vertical tail dimensions
Vertical
tail area
Sv/S [-]

Vertical
tail span
bv/b [-]

Vertical tail
AR
Av [-]

Vertical tail
taper ratio
λv [-]

Rudder
area

Sr/Sv [-]

Vertical
tail volume
V̄v [-]

Distance
aerodynamic
center to nose
A/C acv [m]

Distance
aerodynamic
center to A/C
C.G. lv [m]

0.224 0.207 1.7 0.6 0.303 0.117 26.20 11.71

Recommendations and Requirements Compliance The ratio of the vertical tail to wing area equals 0.325;
the vertical tail has a significant size compared to the wing area. The reason for this is the high take-off thrust,
required for taking off at an altitude of 1500m. The thrust will, in case of an engine malfunction, cause a
large yawing moment, hence the relatively large required vertical tail area.

An improvement in rudder performance can be made by, instead of taking a simple flap, doing further aero-
dynamic research on the the rudder with a double hinge line. It is also recommended to do further research
on the effect of increasing or decreasing cf/c. Furthermore, when modeling the control derivative Cnδr , a
lot of parameters are read off from graphics presented in Roskam. Modeling these coefficients with software
would not only speed up the process, but would also make it more accurate.

The requirements that influence the vertical tail and rudder design are requirement SRA-SYS-CNTR-01,
SRA-SYS-CNTR-02, SRA-SYS-CNTR-03 and SRA-SYS-CNTR-08. Of these requirements, SRA-SYS-CNTR-
08, is of most interest for the vertical tail of the empennage. The required Sv to counteract the moment caused
by an inoperative engine has been determined in this section; to this end the vertical tail was designed. The de-
sign therefore complies with the set requirements. Furthermore, regarding the other requirements, the rudder
will allow for pitch and yaw control and stability.

Sensitivity Analysis In order to prove the solidity of the design, a sensitivity analysis is performed. The effect
of a change on theMTOW, thrust and cf/c ratio has been evaluated and tabulated in Table 36. Although at first
glance the effect of an increased MTOW might seem counter intuitive, however, the MTOW determines the
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minimum control speed; a higher MTOWmakes it so the minimum control speed Vmc increases, resulting in
a decreased required vertical tail area. The effect of thrust is straight forward, a higher thrust causes a higher
yawing moment resulting in a larger tail. Lastly, it should be noted that for both an increase and decrease
in ratio of Cf/c the required vertical tail area increases, although the former has a stronger influence. This
therefore shows that the value for Sr/Sv obtained from statics has proven to be a good estimate.

Table 36: Sensitivity analysis of the vertical tail design
Parameter value MTOW +10% MTOW - 10% Thrust +10% Thrust -10% cf/c + 0.1 cf/c - 0.1
Sv/S 13.23 [m2] -8.0 % + 9.6 % + 8.6 % -9.82 % + 10.2 % + 1.4 %
Sr 4.50 [m2] -8.0 % + 9.6 % + 8.6 % -9.82 % + 10.2 % + 1.4 %
V̄v 0.117 [-] -9.8 % + 10.7 % + 9.7 % - 9.85 % + 11.4 % + 1.6 %

The columns in red show for which differences in the design it is required to redesign the vertical tail. Require-
ments that will no longer be met due to this required increase in vertical tail area are: SRA-SYS-CNTR-08,
SRA-SYS-CNTR-01, SRA-SYS-CNTR-02 and SRA-SYS-CNTR-03. The effects of decreasing cf/c by 0.1
should be studied further.

6.4.5 Horizontal Tail
The horizontal tail must comply with several requirements. Each of the following paragraphs will make sure
that the requirements that apply to the horizontal tail are met. The final input and output parameters are given
in Table 37.

Stability The requirement of static longitudinal stability of the aircraft, SRA-SYS-CNTR-03, will be satisfied
by placing the neutral point aft of the C.G. The most aft C.G. location is a function of the aerodynamic center
xac, the lift slope of the horizontal tail CLαh , the tailless aircraft lift slope CLαA−h , downwash

dε
dα , tail arm

lh, Mean Aerodynamic Chord c̄, tail speed ratio Vh
V∞

, tail to wing ratio Sh
S and the stability margin S.M..

The function is given in Equation 78. Since the aerodynamic center shifts forward as the mach number of
the aircraft increases, and the nose down moment caused by the flaps is not present, the most critical flight
condition for stability is during cruise. The location of the aerodynamic center has been determined using the
method from [48]. This includes calculating the aerodynamic center shift due to several aircraft components;
fuselage, nacelles, wing. The horizontal tail lift slope is estimated using the DATCOMmethod [48], as shown
in Equation 79. In this equation, β is the Prandtl-Glauert correction.

xcg = xac −
CLαh
CLαA−H

(
1− dε

dα

)
lh

MAC

(
V h

V

)2 Sh

S
− S.M. (78)

CLα =
2πAR

2 +
√

4 + (ARβη )2 + tan2Λ0.5c
β2

(79)

The tailless aircraft lift coefficient was given by Equation 80, with CLαw being estimated using Equation 79.
bf is the width of the fuselage, while Snet is the area of the wing not inside of the fuselage. The downwash
of the wing is not of a large effect on the tail, as a T-tail configuration is used. Though, it is still taken into
account. The speedratio between the free stream and the tail due to the wing wake is taken to be 1, due to the
T-tail configuration[48]. The stability margin is taken to be 5% of the mean aerodynamic chord, as suggested
in [48]. The tail arm length and tail area are to be optimized.

CLαA−h = CLαw(1 + 2.15
bf
b

)
Snet
S

+
π

2

b2f
S

(80)

Control During the entire flight, the aircraft must remain controllable, according to SRA-SYS-CNTR-01 and
SRA-SYS-CNTR-02. The control limit is given by Equation 81 [53]. Once again, it is a function of the
location of the aerodynamic center, tail arm, speed ratio of the tail and the ratio of the horizontal stabilizer
with respect to the wing. In this equation, the moment coefficient around the aerodynamic center cmac is
required. Furthermore, the lift coefficient of the tail and of the tailless aircraft are used. The most critical
condition for control is during approach, as the flaps contribute a lot to the moment coefficient around the
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aerodynamic center. The moment coefficient was determined once again by matter of summing up moment
coefficients caused by several aircraft components, as suggested in [53]. Note that all of the parameters
required in Equation 81 were recalculated for the lower mach number. Finally, the CLHmax is dictated by the
tail type. In this design, a adjustable tail is chosen, as it is cheaper than a full moving tail, while still having
the advantages of achieving a high lift coefficient of 0.8. Additionally, it is widespread in aircraft of similar
size and function.

xcg = xac +
Cmac
CLA−H

+
CLHmax
CLA−H

lh
MAC

(
V h

V

)2 Sh

S
(81)

Scissor Plot and Wing Placement The equations that were used in Section 6.4.5 have been combined into
a single figure, as a function of ShS , to form the scissor plot. In this plot, the C.G. with respect to the mean
aerodynamic chord is shown on the x-axis, while the ratio between the horizontal tail area and wing area is
given on the y-axis. The C.G. of the aircraft must be to the right of the control limit, and to the left of the
stability limit.
As this plot changes for each wing position, an iterative program was created to find the wing position with
the lowest ShS possible. For each wing position, the C.G. was recalculated, as well as the control and stability
limits. The iteration found the tail area to be lowest at the wing root placed at 10.m, measured from the
nose. The tail size it yields, with a 5% margin for both control and stability, is 0.155. The figure can be
seen in Figure 36. Note that this horizontal tail size is very low when compared to other aircraft. In further
subsections it will change.

Figure 36: Scissor plot determining tail size

Rotation Another requirement for the horizontal stabilizer, is that it shall be able to provide enough downforce
to rotate the aircraft when taking off, as specified in SRA-SYS-CNTR-06. All calculations were done with
values during take-off in mind. The most critical case is when the C.G. is furthest forward, as this creates a
large nose-down moment around the landing gear. To aid the rotation of the aircraft, the distance between
the wing and landing gear should be maximal, as the lift of the wing creates an upward moment around
the landing gear. This implies that the wing must be placed as far forward as possible. Again, for each wing
position, the minimum horizontal tail size was calculated iteratively, using Equation 85, which receives inputs
from Equation 82, Equation 83 and Equation 84. The results for the stability and control, and the rotation
requirement were combined. For each wing placement, the maximum of the two tail sizes was taken, to
fulfill both requirements. Note that the landing gear location is calculated in Equation 6.4.6. The result of the
minimum tail size according to rotation is that the C.G. would be extremely far aft relative to the wing. This
would cause enormous trim drag, or even make it impossible to fly. It was therefore chosen to include the
rotation requirement as a green line in the final scissor plot in Figure 37. The sizing according to trim drag is
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discussed further in the next paragraph.

Mweight = Waircraft · (xmainLG − xcg) (82) Mlift =
1

2
ρ · V 2

TO · S · CL0 · (xmainLG − xac) (83)

Maerodynamiccenter = Cmac ·
1

2
ρ · V 2

TO · S ·MAC

(84)
Sh =

(Mweight −Mlift −Mac)
1
2ρ · V

2
TO · CLHmax · (xactail − xmainLG)

(85)

Trim The final criteria to which the horizontal tail must be sized to, is the trim drag, as specified in SRA-SYS-
CNTR-04. The trim drag consists of the induced drag, caused by the lift of the tail. It increases with a larger
tail lift coefficient. The equation is given in Equation 86. To trim the aircraft, the moment coefficient Cm
must be zero. This can be satisfied by changing the incidence angle of the horizontal stabilizer, thus changing
CLh . The required tail lift coefficient can be calculated using Equation 87, with the drag calculation following
that in Equation 86.

Dtrim =
1

2

ρV 2ShCLh
πARhe

(86) CLh =
CmacS ·MAC

Shlh
+ CLA−hS(xcg − xac) (87)

If the tail size and C.G. location is taken from Figure 6.4.5, the lift coefficient of the tail becomes too large.
Thus the tail requires a more forward C.G.. This implies that the wing must be placed more aft, while the tail
size according to the rotation requirement must increase. A point was chosen, in which the tail size would
not be more than 20% larger than the reference aircraft (CRJ700), while the trim drag during cruise remains
below 10% of the total aircraft drag. The scissor plot according to this selection is shown in Figure 37. A
planform drawing is shown in Figure 38.

Figure 37: Scissor plot including rotation requirement

Figure 38: horizontal tail planform [m]
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Table 37: Input and output parameters for sizing the horizontal stabilizer
Parameter Value [unit] Source
Stability
xac 4.7 [%] Calculated [48]
CLαH 4.36 [-] DATCOM
CLαA−H 5.86 [-/rad] Calculated[48]
dε
dα 0.08[-] Estimated [48]
lh 15.2 [m] Geometric estimation
MAC (wing) 3.05 [m] Wing sizing
Vh
V 1 [-] [48]
β 0.66 [-] Prandtl-Glauert
CLαw 5.46 [-/rad] DATCOM
bf 3.486 [m] Cabin layout
b 22.3 [m] Wing sizing
Snet
S 0.76 [-] Geometric estimation

S.M. 5 [%] [48]
Control
xac -3.5 [%] Calculated [48]
Cmac -1.45 [-] Calculated [53]
CLA−H 2.36 [-] Wing sizing
Rotation
Waircraft 256266 [N] Mzfw · g
xmainLG 15.44 [m] Section 6.4.6
xcg 14.56 [m] Section 6.4.2

Parameter Value [unit] Source
Rotation
ρ 1.225 [kg/m3] ISA SL
VTO 59 [m/s]
S 62.248 [m2] Wing sizing
CL0 0.96 [-] Approximation
xac -0.035 [-] Calculated [53]
Cmac -0.61 [-] Calculated [53]
ARh 4 [-] Decided upon
CLh Varying Calculation
e 0.85[-] [48]
CLHmax -0.8 [-] adjustable tail[53]
Results Notes
xrootchord 10.7 [m]
xlemac 13.14 [m]
Sh 23.58 [m2]
Sh
S 0.3788 [-]
xactail 28.9 [m]
Dtrim 2272 [N] Approach/TO, max
Dtrim 45 [N] Cruise, max
bh 9.7 [m]
MACh 2.52 [m]
0.5c 25 [deg.]

Recommendations As the horizontal tail meets each appropriate requirement given in Table 31, no specific
recommendations will be given to achieve the requirements. Though, a few recommendations following the
results of the tail sizing can be made. First of all, the horizontal tail size is relatively large when compared
to other aircraft. The main factor that influences this result is the rotation requirement, and the forward
C.G. location. The recommendation is to investigate in what way other aircraft achieve rotation at their most
forward C.G., to possibly further reduce the horizontal tail size. Moving the gear further forward could also
be investigated. The C.G. range of RELIGHT is similar to other aircraft, while the horizontal tail size is
relatively large. Furthermore, the dynamic stability of the aircraft must be researched.

Table 38: Sensitivity analysis horizontal tail
Parameter value MTOW+10%MTOW-10% xcg+10% xcg-10% CLH+10% CLH -10% Cmac+10% Cmac-10%
Sh
S 0.3788 +8.6% -10 % -6.1% +5.6% -9.1% +11% +11% -6.1%
Dtrim 45 [N] -4% +13 % +202% -70% +13% -8.9% -33% +51%

Sensitivity Analysis In Table 38 the results of the sensitivity analysis of the horizontal tail is given. In the
sensitivity analysis, the wing root was kept at the same location, while only the shown input parameters were
adapted. The largest direct influence is the tail lift coefficient, CLH . If it can be increased, the tail area can be
reduced drastically. Note that the decrease in take-off weight also decreases the horizontal tail size relative
to the wing area. This is due to the large influence the weight has on the rotation requirement. If the MTOW
or Cmac is increased, SRA-SYS-CNTR-06 will not be met without a larger horizontal tail. This also holds
for a C.G. shift forward, or a reduction in maximum tail lift coefficient. Note that the increase or decrease in
trim drag is percentually very large, while the absolute differences are relatively insignificant. This ensures
the compliance with SRA-SYS-CNTR-04.

6.4.6 Landing Gear Sizing
In this section, all parameters, unless specified otherwise, have either been directly obtained from, or have
been calculated using methods presented in Roskam part IV [52], which treats the design of landing gear.
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Lastly, it is important to note that several times in this sections units are given in United States customary
units; this facilitates reproducibility of the sizing procedure.

Determining Number of Struts and Wheels per Strut Due to the high wing configuration, wing-mounted
landing gear is no option, instead the retractable landing gear is mounted on the fuselage. The number of
main landing gear wheels is determined based on the WTO in newtons. Using Equation 88, which is valid
for regional jets, the obtained value forNmw is to be rounded to the nearest multiple of 4, with a minimum of
4, and the number of nose wheels equals 2 for al CS25 aircraft [6]. The same source suggests that if the total
number of wheels is below or equal to 12, the number of main landing gear struts is equal to 2. The aircraft
will have 1 nose gear strut with 2 wheels, and 2 main gear struts, both with 2 wheels.

Nmw = WTO/120, 000 (88)

Longitudinal and Vertical Position of the Nose andMain Landing Gear The location of the main landing
gearXLG with respect to the nose of the aircraft is determined based on the clearance angle θ and the angle β,
which are both defined in Figure 39; the angle β is the angle the line through the most aft C.G. and the contact
point of the main landing gear with the ground at lift-off makes with the line normal to the lift-off ground
line. The clearance angle equals 15 degrees, which is a nominal value for aircraft [6]. It is required that the
angle β is strictly larger than θ; by iterating the height of the landing gear ZCG and setting the constraints on
both angles, the exact longitudinal and vertical location of the landing gear are determined.

Figure 39: Pitch angle limit [48]

XLG = XCGaft + ZCG · tanβ (89)

In a similar fashion, the location of the nose landing gear can be determined. However, it is required, for
adequate steering, that the load on the nose gear is not less than 0.08 times the weight at take-off [52], nor
larger than 0.15 times the take-off weight [6]; this holds for the most forward and most aft C.G. location the
aircraft has whilst still being operable. If, for example, the aircraft has just landed after burning all fuel, the
C.G. location has, as can be seen in Figure 34, moved forward. This causes the nose gear to be loaded more
excessively; the loading on the nose gear should not be too excessive to cause partial or complete failure.
Likewise, when the aircraft flies with only cargo and is filled with fuel, the aircraft C.G. is more aft, which
is allowable as long as the nose gear is sufficiently loaded for steering. The set location of the main landing
gear allows for a small design space in which the nose gear can be placed; consequently, the nose gear is
placed such that it has the smallest normal force acting on it as possible, whilst being in compliance with
aforementioned requirements. Table 39 provides all relevant distances and locations of the main and nose
landing gear.

Lateral Position of theMain LandingGear The lateral position of the main landing gear YLG is constrained
by the turn over angle, as it shall not exceed 55 degrees [48]. The definition of the turn over angle Ψ can be
seen in Figure 40.



6.4 Stability and Control 84

Figure 40: Sizing lateral position of the main landing gear [48]

α = arctan

(
YCG
d

)
c = bNsinα Ψ = arctan

(
ZCG
c

)
(90)

Through iteration the smallest lateral distance of the main landing gear is determined. Furthermore, it is
assumed that this location, that is to say the theoretical minimal lateral distance, is located between the main
landing gear tires. As the aircraft has only one main gear strut, the nose gear lies on the symmetry plane of
the aircraft.

Landing Gear Location Overview Table 39 provides an overview of the landing gear placement. In the
right-most column the relative loading of the main and nose gear is given, which indeed shows that the aircraft
does indeed exerts a sufficiently large normal force on the nose gear strut to be able to steer the aircraft.

Table 39: Landing gear location

Landing
gear

Longitudinal
position w.r.t.
A/C nose [m]

Vertical position
from ground
w.r.t. Zcg [m]

Lateral position YLG w.r.t.
A/C symmetry plane [m]

Loading relative
toWTO [-]

Main 15.4311 3.203 2.295 0.9118
Nose 3.84 3.203 - 0.0882

Tire Pressure An important aspect of the design of the landing gear is a careful selection of the right tires
and a careful assessment on the allowable wheel load per landing gear strut. To avoid surface damage of the
runway due to landing, the load exerted by each tire should not be too high. Therefore the LCN (Load Clas-
sification Number) method, established by the ICAO, is used. The lower the LCN, the less impact the aircraft
will have on the runway [6][52]. In order to assess the LCN, the Equivalent Single Wheel Load (ESWL) is to
be determined. For dual wheel layouts, the ESWL is determined using Equation 92 and Equation 91, where
Pm and Pn, the load on the main and nose landing gear respectively, is the load per strut; both the load on the
nose and main landing gear are in Newtons.

Using Equation 91, Equation 92 and Equation 93, together with relevant figures obtained from Torenbeek
[54], the LCN and required tire pressure can be determined. Although having a low as possible LCN is
favorable in terms of landing possibilities on different airports, it does have adverse effects on the wheel size;
a higher value of the LCN allows for a higher tire pressure, thus resulting in smaller and lighter tires.

ESWLmw = Pm/1.33/g (91) ESWLnw = Pn/1.33/g (92) p = 430ln(LCN)− 680 (93)

It is determined that, based on the equivalent single wheel loading, the tires will operate at an LCN of 40, at
a pressure of 906.22kPa, which is 8.5% lower than the CRJ700 tire pressure19.

19The CRJ700 tires operate at 1060kPa
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Tire Sizing and Selection Procedure When sizing for the main gear tires, the maximum static load, at the
weight/C.G. location which results in the highest load per tire, is the most critical loading scenario. Nose
wheel tires are, on the contrary, designed for the maximum dynamic loads. The maximum dynamic load
experienced by the nose gear tire is determined from Equation 94, with ax/g, the braking coefficient for dry
concrete, taken for that of simple brakes. Lastly, in order to proceed to selecting the right tires, the tire speed
is to be calculated, using Equation 95; the highest value is taken as the maximum tire speed.

Pndynt = WTO{lm + ax/g(hcg)}/nt(lm + ln) (94) Vtire/max = 1.2 VsL Vtire/max = 1.1 VsTO (95)

The tire selection is confined to tires made by Dunlop, who have also supplied the CRJ700 aircraft tires. For
the tires, a selection is made from the Goodyear tire catalogue20.

Some of the tires have a ’H’ before the first dimension, denoting a 5% bead taper; beads are layers of steel
wires embedded in the rubber, providing a firm fit for the wheel [52]. Tires are often inflated to a lower pres-
sure than the rated inflation pressure specified in the tire manufacturer catalogue; if this is the case, pressures
are linearly reduced with the loads [55]. The CRJ700 reference aircraft is equipped with Dunlop H36x12.0-
18 tires on the main wheels, and 20.5x6.75-10 nose tires21, which respectively have a 1220 and 1241 PSI
rated inflation pressure. However, the main tires only operate at roughly 85% of this pressure22. Note that
tire dimensions are given in Outer diameter x Width - Inner diameter in inches.

When selecting the tires for RELIGHT, several parameters are looked at. First, whether the tires can
sustain the applied loads; second, whether they are made to allow for the maximum calculated tire speed;
furthermore, their required inflation pressure should not be too much above the calculated tire pressure, as
the load it can bear will also decrease. With these requirements in mind, a similar selection procedure has
been performed as is suggested in [52]. The selected tires are tabulated in Table 40 below. The tires will
operate, as calculated with Equation 93, at 906.22kPa.

Table 40: Selection of viable Dunlop tires for the main gear of the aircraft
Size

Dxb−d
(in)

Ply
Rating

Rated
Speed
(MPH)

Rated
Load
(lbs)

Rated
Inflation
(PSI)

Part
Number

Main gear tire 34x9.25-16 18 210 17800 190 348F83-2
Nose gear tire 17.5x5.75-8 12 210 5000 180 178K23-5

Wheel brakes are implemented in the wheels to allow for slowing down the aircraft, help steering, running
up of the engines, and holding it in place during loading or unloading. It should be noted that a detailed design
of the brakes is left for future design.

Shock absorber design At the moment of touchdown, the total total kinetic energy of the aircraft has to be
absorbed. The tires absorb some of this kinetic energy, whilst the remainder is to be absorbed by a built
in shock absorption mechanism; to this end, oleo-pneumatic shock absorbers are used, as they have a high
energy absorption efficiency [52]. Equation 96 is used to determine the total kinetic energy, with which, after
having selected the correct tires, the shock absorber stroke length of the main and nose landing gear, and the
diameter can be calculated using Equation 97, Equation 98 and Equation 99, respectively. Table 41 provides
the results of the shock absorber design; it lists the stroke length including the required diameter of the oleo-
pneumatic absorber. At last, the effect of fuselage mounted gear should be mentioned: Since the load on the
main gear will not be an axial load, but more of an oblique load, the structure of the main landing gear will
have to be stronger to absorb the oblique load. However, following from the equations below, the stock stroke
will not become longer, as the multiplication factor this would introduce is found both in the denominator and
in the numerator.

Et = 0.5(WL)(wt)
2/g = WLNg(ηtirest − ηsss) with WL = nsPm (96)

20https://www.goodyearaviation.com/resources/pdf/tire-specifications-6-2018.pdf
21https://www.dunlopaircrafttyres.co.uk/aircraft/bombardier-crj-700-900-tires/
22https://tc.gc.ca/media/documents/ca-opssvs/dec_list.pdf

https://www.goodyearaviation.com/resources/pdf/tire-specifications-6-2018.pdf
https://www.dunlopaircrafttyres.co.uk/aircraft/bombardier-crj-700-900-tires/
https://tc.gc.ca/media/documents/ca-opssvs/dec_list.pdf
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ss = {(0.5(WL/g)(w2
t )/(nsPmNg))− ηtirest}/ηs + 1 with st = Do − 2(loaded radius) (97)

ssnose = {(0.5(Pn/g)(w2
t )/(ntPndyntNg))−ηtirestnose}/ηs+1 with stnose = (Do−2(loadedradius))nose

(98)

ds = 0.041 + 0.0025 (Pm)1/2 (99)

Table 41: Relevant Shock Absorber Dimensions
Shock absorber Stroke length [m] Diameter [m]

Main gear 0.341 0.146
Nose gear 0.324 0.077

Recommendations and Requirement Compliance The location of the nose landing gear is, when compared
to other aircraft, quite far aft. An explanation for this is that it is due to the nature of the C.G. excursion, as
can be seen in Figure 34. As the passengers take up a large part of the payload weight, the loading diagram
strongly tilts to the left, that is to say: it causes a large C.G. shift forward. On the contrary, the extreme loading
case, when seen relative to the OEW C.G. location, does not move the c.g. that far aft. Therefore, the main
landing gear is located relatively close to the C.G. of the aircraft. As explained in Equation 6.4.6, the nose
landing gear is constrained by steering requirements; it therefore can not be located too far away from the
main landing gear, hence the aft location.

The recommendation for the design of the landing gear is to further study the structural design, as well
as conducting studies on the effect of adding multiple plies on the tires. Also, a detailed look into landing
gear breaks is advised. Moreover, new technologies should be considered to improve the shock absorptive
efficiency of the landing gear.

All landing gear requirements mentioned in Table 31 have been met, except for requirements SRA-SYS-LG-
04 and SRA-SYS-LG-07, which have partially been met. Regarding the latter, the effects of using normal
tires, instead of anti-skid, with respect to the required landing distance has not been studied; it is therefore
recommended take this into account in further considerations. Regarding the take-off acceleration: if the
landing gears are capable of absorbing the landing shock, whilst also being able to brake after landing, it will
also provide structural integrity to cope with take-off accelerations. For all other requirements has compli-
ance been proven; the landing gear is capable of absorbing shocks, providing steering, as well as providing
deceleration during taxiing.

Sensitivity Analysis In this paragraph a short overview of the performed sensitivity analysis is given, of
which the results are found in Table 42. Interestingly, as can also be deduced from aforementioned equations,
an increase of MTOW has no effect on the shock absorber stroke; only the diameter becomes larger. The
position of the landing gear did, expected, not change, as it is merely dependent on the C.G. excursion. By
shifting the entire C.G. excursion by ± 1 meter, the landing gear location does change. The location of
the nose landing gear is very sensitive to the C.G. location; largely due to the fact that it is constrained by
steering requirements. Lastly, the required shock absorber stroke length ss is only influenced by the differing
touchdown rate. If RELIGHT was to have a higher touchdown rate, the shock absorbs should be significantly
longer; however, a value of 10 is a nominal value for transporters [52], and it is therefore unlikely the aircraft
will experience a higher touchdown rate.

Table 42: Sensitivity analysis landing gear
Parameter value MTOW +10% MTOW - 10% XXG + 1m XXG - 1 m wt + 1 fps wt - 1 fps
Main XLG 15.43 [m] + 0 % + 0 % + 0.94 m - 0.931 m + 0 % + 0 %
Nose XLG 3.84 [m] + 0 % + 0 % + 1.80 m - 1.78 m + 0 % + 0 %
Main YLG 2.295 [m] + 0 % + 0 % - 0.173 m + 0.172 m + 0 % + 0 %
ZLG 3.203 [m] + 0 % + 0 % - 0.24 m + 0.238 m + 0 % + 0 %
Main ss 13.42 [in] + 0 % + 0 % + 0% + 0 % + 25.7 % - 23.2 %
Main ds 5.736 [in] + 4.3 % - 4.86 % - 0.012 % - 0.00155 % + 0 % + 0 %
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The cells in red in above table indicate the infeasibility of the design, should an increase in MTOW or touch-
down rate occur. The requirement SRA-SYS-LG-05 will then no longer be satisfied. Furthermore, the design
should be checked with requirement SRS-SYS-LG-01, to determine whether the landing gear can still provide
carriage.

6.4.7 Verification and Validation
The verification procedures of the Stability and Control section are specified in Table 43. The specific veri-
fication and validation procedures will also be elaborated below the table.

Table 43: Verification of the stability and control calculations
Function Action Expected result Pass/Fail
OEW calculation

increase mass
of forward situated
component

OEW increases
CG location moves forward Pass

move component
further aft CG location moves aft Pass

hand calculation of
adding single component

Common result of CG
and OEW between program
and hand calculation

Pass

hand calculation of
sum of each component match of OEW results Pass

Loading Diagram
visual inspection
of diagram

Increase in mass
as loading increases Pass

visual inspection of diagram
Component masses
and MTOM mass equal
with program

Pass

Roll Control
unit check integral in Equation 66 [1/rad] Pass
unit check integral in Equation 67 [-] Pass
decrease τ Clδa and P decrease, Clp unchanged Pass
double δa Clδa and Clp unchanged, P doubled Pass
decrease aileron span width Clδa and P decrease, Clp unchanged Pass

Sr & Sv design
increase Sv Cnδr increases, δr decreases Pass
increase Sh Sv, Cndeltar increase, δr decreases Pass
adjust values obtained from tables Correct change in Sv Pass
decrease lv increase in Sv Pass
lower Sr/Sv larger required Sv Pass
lower Av require larger Sv Pass
increase yt increased δr, increased required Sv Pass
hand calculation and unit check equal results and correct units Pass

Horizontal tail
Verify formula’s
in code Formula’s agree with [48] Pass

Calculate each
step by hand
following [48], [53]

Values agree
within small margin Pass

Compare scissor plot
to [53] plot

Similar shape
similar values Pass
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Compare input and intermediate
variables with known
variables of other aircraft

same order of magnitude
similar values Pass

LG location
increase aft
C.G. position

XLG moves aft,
XLGnose forward

Pass

increase ZCG
XLG moves aft, β, θ stay constant
YLG increases, XLGnose moves forward Pass

Increase θ β increases, YLG increases, XLG

moves aft, XLGnose moves forward, Pass

LG loading
Increase MTOW
value

Pmw, Pnw, ESWLmw and ESWLnw,
Pndynt increase

Pass

Move LG apart Increased Pmw and Pndynt ,
Pnw decreases Pass

Shock absorber

Increase Pmw
ss, ds increase,
ssnose , dsnose decrease

Pass

Landing gear code
hand calculation
and unit check

equal results
and correct units Pass

Weight and Balance As the loading diagram method is adapted from [48], the validation procedure is not
extensive. The results obtained will be the most forward and aft C.G. locations during flight. If the aircraft is
loaded in a different order, the C.G. does not change, and stays within limits.

Roll Control Sizing The aileron sizing is validated by comparing the aileron with existing class II, as a these
aircraft have similar rol rate requirements. To take the CRJ700 as example, it has outboard ailerons only, just
like RELIGHT. Furthermore, the ailerons spans about 2.25m each, whereas it is 2.7m for RELIGHT. As this,
together with the data from other reference aircraft, fall within the expected range, the roll control sizing is
validated.

Vertical Tail A good way of validating the obtained results, is by comparison with other aircraft. Table 44
shows the consider aircraft with their respective tail volumes. The data was obtained from [2]. Compared
to several aircraft of different sizes shows it is in the correct order of magnitude. The reason the vertical
tail volume is on the high side is due to the high trust in combination with a relatively short aircraft; this
significantly decreases lv, which in turn reduces the effectiveness of the vertical tail. When comparing the
vertical tail area over the wing area Sv/S, it can be seen that RELIGHT has a nominal value, right in between
the other aircraft. This suggest it is not only proportionally accurate, but also correctly sized.

Table 44: Validation of the vertical tail volume
Aircraft B727-200 B737-200 B737-300 A300-B4 A310 F-28-4000 Bae 146-200 RELIGHT
V̄v 0.110 0.100 0.100 0.094 0.098 0.085 0.12 0.117
Sv/S 0.248 0.238 0.214 0.174 0.207 0.185 0.269 0.223

Horizontal Tail To validate the results of the horizontal tail calculations, a comparison was made between
this aircraft, and the CRJ700. The horizontal stabilizer of the CRJ700 is 15.91 m2, while Sh

S is 0.225 [56].
In comparison to RELIGHT, the horizontal stabilizer is relatively small. The larger RELIGHT stabilizer is
likely due to the aft tail tank filled with hydrogen at take-off, causing a large C.G. shift during flight. The
requirement that then increases the horizontal tail size is the rotation requirement. A further look should be
taken if the RELIGHT aircraft can rotate with a smaller horizontal tail in further design.

Landing Gear In Table 43, the unit tests to verify the landing gear code and calculations are tabulated.
Below, in Figure 41, the shock absorber stroke of several aircraft are given. It can be seen that heavier aircraft
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with an equal touchdown rate (10 fps), have a slightly larger shock stroke. Although this is not dependent on
the MTOW, as proven in the sensitivity analysis of the LG design, it is dependent on the type of wheels that
have been selected, which could cause minor differences in shock stroke length. As previously discussed, a
higher touchdown rate will increase the required shock stroke length.

Figure 41: Shock absorber stroke [52]

In order to validate the locations of the landing gear, it is compared is compared to the CRJ700. Of course,
the exact location is heavily dependent on the C.G. range. However, methods presented in [48] have carefully
been followed. Furthermore, the main landing gear are behind the C.G. location; the lateral position is below
the wing, ’sticking out’ of the fuselage, which is the same for the CRJ700. When it comes to the nose gear
location, there is a striking difference. RELIGHT’S nose landing gear is a lot more forward. This is due to the
C.G. range, as the main landing gear are relatively close to the C.G., which results in a more forward location
of the nose gear. Hence, the results are validated.

6.4.8 Component Weight Estimation
The following formula’s were used to calculate the weight of the components that were discussed in this
section. Note that Zh in Equation 101 is the vertical placement of the horizontal stabilizer along the vertical
stabilizer. This was approximated at 95% of the vertical stabilizers’ span. The resulting weights are reported
in Table 45.

Mvertical = Kv · Sh ·
3.81 · S0.2

h · Vdive
1000 · cos(Λ0.5c)0.5 − 0.287

(100)

Kv = 1 +
0.15 · Sh · Zh

Sv · bv
(101)

Mhorizontal = 1.1 · Sh ·
3.81 · S0.2

h · Vdive
1000 · cos(Λ0.5c)0.5 − 0.287

(102)

MmainLG = 1.08 ·
(
40 + 0.16 ·MTOW 0.75 + 0.019 ·MTOW + 0.000015 ·MTOW 1.5

)
(103)

MnoseLG = 1.08 ·
(
20 + 0.10 ·MTOW 0.75 + 0.000002 ·MTOW 1.5

)
(104)

Table 45

Vertical tail [kg] Horizontal tail [kg] Main landing gear [kg] Nose landing gear [kg]

329.2 440.6 1017.2 217.3

6.5 Materials and Structural Design
In this section the design of the main structures of the aircraft, as well as material choices for said structures,
are discussed. The section starts with the wing box, followed by the fuselage structure and concluding with
the tanks, that due to the fuel choice, require special attention.
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6.5.1 Wing Box Design

Table 46: Wing system requirements
Requirement
Identifier Requirement Compliance

Wing System
SRA-SYS-WAero-01 The wing shall be capable of bearing all loads at nult

3

SRA-SYS-WAero-03 The wing shall be able to withstand the loads created by aerody-
namic forces without yielding or buckling

3/7

SRA-SYS-FG-01 The fuselage shall withstand the pressure difference between the
cabin and environment at service ceiling.

3

SRA-SYS-FG-04 The fuselage shall not fail/yield or buckle during operations.
3/7

The main structural purpose of a wing box is to carry the bending, shear and torsional loads that act on the
wing during the mission. The wing box must be designed for the most critical load cases, which is when the
load factor is at its ultimate level nult = 3.8. The first step in the wing box design process was to identify all
the loads that act on the wing. These can be seen in the free-body diagram below:

Figure 42: Wing box FBD

Loads and Loading Diagrams The lift distribution used for the calculation is elliptical, which is an accurate
approximation for wings with taper in the 0.3-0.4 range [add reference]. Integrated over the wing span, the
lift distribution amounts to half the MTOW times the ultimate load factor. The distribution of the weight
varies linearly along the span. Finally, the distance of the engine from the wing root is approximated to be
one third of the length of the wing while the wing-mounted tank is placed 7.74m away from the root. The
fact that only one peak is present is due to the fact that there only one load-carrying spar is present.
The reaction forces at the root could then be found, allowing for the creation of 5 loading diagrams, describing
the bending moment around the x and z axes, the torque and the shear forces in the x and z directions.
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(a) Bending moment about x axis (blue) & Shear force in z
direction (orange)

(b) Bending moment about z axis (blue) & Shear in x direc-
tion (orange)

Figure 44: Wing torque

Stress Calculations and Design At this point the sizing of the wing box could start. The first iteration of the
design was a simple square 4-panel rectangular box with no stringers attached, which was then improved to
a wing box whose cross-section shape matches that of the airfoil. Finally, stringers were added to help with
bending stresses. While refining the wing box design, a number of assumptions were made in order to make
calculations possible:

• The structure is assumed to be thin-walled

• The shape of the cross section, while still closely resembling and fitting inside that of the airfoil, has
been made symmetrical

• The stresses were calculated using the principle of structural idealization: the mass of the skin is
grouped to that of the nearest stringer.

Also, the ways in which the wing box could fail had to be identified:

• Bending yield failure: normal stresses exceed σyield

• Shear failure: the Tresca failure criterion for shear has been used, meaning that the maximum shear
stress in the cross section shall not exceed σyield

2

Rather than computing the needed moment of inertia needed for the cross section, a more versatile approach
has been devised. Code has been written that calculates the internal loading and cross section dimensions at
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any point along the wing span. Then, the user may add any amount of stringers with variable cross section
area. Also, the thickness may be modified Finally, the program calculates the bending and shear stresses
acting on the cross section based on these parameters. The bending stress (Equation 105) is entirely due to
the internal bending moment while the shear stress (Equation 106) is a combination of shear due to internal
shear force and shear due to the applied torque.

σ =
Mx

Ixx
z +

Mz

Izz
x (105) τ =

V Q

Ixxt
+

T

2Aenclosedt
(106)

In other words, the corresponding stresses for a given combination of skin thickness, number of stringers and
stringers cross section could be determined. This allowed the team to experiment with various combinations
in order to find the optimal one. Obviously, these combinations differ for every possible material taken into
consideration.

Material Choice Different materials were considered for the manufacturing of the wing box, which param-
eters can be seen in Table 47.

Table 47: Properties of candidates for material selection

Material Al 2024-T351 T304 Steel Epoxy / Carbon fiber
reinforced composite Aramid fibers

Yield Strength (Mpa) 324 (100 actual) 215 945 2800
Young Modulus (Mpa) 73100 200000 69900 62000
Density g/cm3 2.78 8.0 1.40 1.44
Specific Cost e/kg 8.77 1.75 20.0 33.64

The main factor in deciding the material for the wing box was cost rather than performance. The aircraft is
likely to meet the emissions requirements just by implementing hydrogen propulsion, which is also expected
to drive up the cost. In order to offset this, materials who prioritize cost must be selected. However, the weight
penalty that would result from implementing a steel wing box was deemed excessive. Thus, aluminum 2024-
T351 was selected as a compromise that would allow sufficient performance while keeping the weight low.

Once the material was selected, the optimal combination of stringers, stringer area and skin thickness could be
found by iterative design. For a wing box with 34 equally spaced stringers with an area of 0.0015m2 each and
a skin thickness of 6.5mm, the resulting stresses along the wingspan are shown in Figure 45. The stresses
in the figure represent the maximum value in the cross section at a certain point in the span. For bending
stresses, the maximum magnitude occurs at the furthest distance from the cross-section neutral line while the
maximum value for the shear stress occurs at the neutral line. The maximum magnitudes for bending and
shear stress are 93.81MPa and 27.18MPa respectively, and they satisfy the yield failure and Tresca failure
criteria for the chosen material, Aluminum 2024-T351.

Table 48: Wing box parameters
Material # Stringers Stringer area Skin thickness Max Ixx
Aluminum 2024-T351 34 0.0015m2 6.5 mm 0.00558m4
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Figure 45: Top (orange) and bottom (blue) bending stresses + shear stress (green) relative to spanwise location

Sensitivity Analysis The sensitivity analysis was carried out on the design of the wing structure by varying
the weights of the components that have the highest amount of uncertainty. Since the engine weight, external
wing tank weight, and MTOW weight are all computed using the Class II weight estimation the numbers
contain a significant uncertainty to them. We therefore vary these parameters with by +/- 10% and see how
that affects the design of the structure. The wing span is also varied +/- 10% in case any adjustments need to
be made. Due to the relative weight of the engine and podded tanks with that of the lift which is equivalent
to the MTOW, a +/- 10% in these components have a minimal change to the stresses induced in the aircraft
structure, and therefore are not reported. On the other hand +/- 10% changes in the MTOW and the wingspan,
have significant implications on the structure of the aircraft. The changes are reported in table Table 49.

Table 49: Effect of changes in MTOW and wingspan on the wing box
Parameter MTOW +10% MTOW -10% b +10% b -10%
Max bending stress +7.302 MPa (+8.70%) -11.788 MPa (-14.05%) +3.112 MPa (+3.71%) -13.05 MPa (-15.56%)
Max shear stress +3.085 MPa (+8.79%) -4.74 MPa (-13.50%) +0.38 MPa (+1.08%) -3.32 MPa (-9.46%)

The design is most sensitive to a decrease in MTOW and wingspan. But when looking at the structural
design these changes in stresses don’t result in very large variations in the overall design so the variation in
the uncertain parameters won’t have disastrous results.

Verification and Validation Verification is carried out to ensure that the code created to size the wing box
is turning out reasonable results. The functions used in the code were unit tested and their implementation
was also checked and compared to hand calculations. For validating, a different analytical approach was used
to quickly assess the stresses at the root, courtesy of Ir. Jos Sinke. The lift of the wing will equate have the
MTOW. Next the loading points is assumed to be at a 1/3 of the wing span from the root, this is at 3.7m. The
bending moment is 1.85m x MTOW. Following this the load factor used in the code is used. The moment is
divided by the wing thickness at the root used in the code, to obtain the skin load. Finally, the stresses are
found by dividing the skin loads by the cross section of the upper/lower skins, thereby resulting in stresses.
The values obtained where within 10% of those that code provided.

Recommendations Drag has not been taken into account while calculating the internal loads acting on the
wing box. Taking drag into account might actually make the structure lighter, since it would relieve some
of the lateral shear force and moment that is generated by the thrust. Modes of failure that still need to be
further investigated are those of buckling, fatigue, creep, deflection, and fracture. Currently, the wing box has
been designed around the loads at the wing root. Further away from the root these loads become increasingly
smaller, meaning that some weight could be saved by changing the thickness and/or number of stringers along
the span. Also, using multiple load-carrying spars could lower the intensity of the peaks in the moment and
shear loading diagrams, although this will make the design more complex as well.
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In order to ensure that skin buckling does not occur either enough skin thickness is required or stringers have
to be placed close enough to each other. The buckling stress can be found using Equation 107:

σcr =
π2kcE

12 (1− v2)

(
t

b

)2

(107)

Ribs have not yet investigated and need to be further investigated. Ribs have to be investigated in the structure
since they fulfill several roles, theymaintain the shape of the desired aerodynamic cross section, and contribute
to preventing column buckling of stiffeners and plate buckling of skin panels. The placement of ribs has to
be investigated to ensure that the stringers do not fail due to column buckling. The key is to strike a balance
if the ribs are spaced too far apart and the force in the stringers is too high the structure will buckle, on the
other hand if the ribs are spaced too close to each other it will add unnecessary structural weight. First the
force that the stringers experience has to be computed from Equation 108:

Fstringers =
Astringer

Askin +Astringer
· Ftotal (108)

With Equation 109 the distance between ribs can be computed.

Fcr =
π2EI

L2
(109)

The buckling do to shear also has to be accounted for as well and this can be done using Equation 110.

τcr =
π2ksE

12 (1− v2)

(
t

b

)2

(110)

6.5.2 Fuselage Design
The fuselage of the aircraft is affected by loads due to lift on the wing and on the horizontal tailplane, weight
distribution, rudder force and pressurization. For the sake of simplicity the weight of the aircraft is assumed
to be uniformly distributed along the length of the aircraft. This assumption leads to designing structures
stronger than needed as the increased weight around the area of the wing would decrease the internal mo-
ments and shears caused by the wing lift, which is the cause of peak stresses. The lift is applied at the wing
aerodynamic center and the torque due to the rudder force is treated as a pure torque. Also, the fuselage is
initially assumed to be a cylindrical thin-walled tube. These loads are translated into the bending moment
about the y-axis and the shear force in the z direction in Section 6.5.2.

Material Choice and Stresses The material selection process was performed along that of the wing box
and it led to the same result. For the time being a fuselage entirely made of Aluminum 2024-T351 has been
chosen for the same reason it was chosen for the wing box, namely that it is the best compromise between cost
and performance. The calculations for stress are also identical since the type of internal loading is identical
(normal stress due to bending and pressurization (constant) and shear stress due to shear force and torsion).
Again, the optimal combination of number of stringers, stringer area and skin thickness has been determined
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and is shown in Table 50. The major difference is that due to the simplicity of the fuselage cross-section with
respect to that of the wing box, the thickness of the fuselage varies along the span to save weight.

Table 50: Fuselage parameters
For x<8m and x>16 For x between 8 and 16m

Material Aluminum 2024 T351 Aluminum 2024 T351
Skin thickness 1.5mm 3mm
Stringer area 0.0001 m2 0.0001 m2

Number of stringers 55 55

Sensitivity Analysis The sensitivity analysis for the fuselage is carried out to determine how sensitive the
fuselage design is to its most uncertain parameters. For this analysis the MTOW is varied +/- 10% due to its
uncertainty, since it is computed using the Class II estimation. Varying other load components is not very
useful since their impact on the stress will be very small.

Table 51: Effect of changes in MTOW on the fuselage
Parameter MTOW +10% MTOW -10%
Max bending stress +7.11 MPa (+8.25%) -7.11 MPa (-8.25%)
Max shear stress +2.81 MPa (+9.96%) -2.81 MPa (-9.96%)

The stress change due to the MTOW is minimal, and leads to a very small variation in the structural design,
therefore the overall design is not over sensitive to the uncertain parameter.

Verification and Validation All calculations for the internal loading diagrams and bending/shear stresses
were checked by hand. The model used to determine the stresses in the fuselage has been validated against
that used in [57] and it has been found that it is consistent.

Recommendations The interaction of the fuselage and wing group as well as that of fuselage and empen-
nage have not been considered in detail from the structural point of view. It is very likely that the points of
junction between the different structural group will be critical from the loading and stresses perspective, so it
is important to look into reinforcements at those points.

In order to save weight, the different panels for the fuselage skin could be designed differently based on the
local stresses. The number of stringers and/or the local thickness could be changed to save weight. It is also
possible to use different materials. While this could lead to significant weight savings, the interactions at the
boundaries and joining methods could raise some complications.

6.5.3 Hydrogen Tanks
The cryogenic temperature of liquid hydrogen, its permeability, low energy density and the presence of boil-
off gases result in a radically different structural tank design compared to conventional kerosene tanks. First,
this section explains the design methodology used. Then, a trade-off is done between three different materials.
Finally, a material is selected and possible consequences of that choice are discussed.

Design Procedure Two different tank types are used in the aircraft: a cylindrical tank for the external wing
tanks, and a truncated oblique cone for the tail tank. However, to simplify the preliminary structural calcu-
lations, the latter will also be modeled as a cylinder. The stresses occurring are the circumferential and lon-
gitudinal stresses due to pressure build-up, and thermal stresses due to the extreme temperature differences
(20K for full cryogenic liquid hydrogen tanks and 310K for empty ground conditions). Circumferential and
longitudinal stresses can be calculated by Equation 111 and Equation 112 respectively. p is the pressure,
which is 1.45 bars [29], R is the radius of the tank, t the thickness and FoS is a safety factor, set equal to 2.
Thermal stress can be computed via Equation 113, with E being the Young’s modulus, α the coefficient of
thermal expansion and Tdes the design temperature where thermal stress is zero. T is the actual temperature.
Also the fuel load is considered: the weight of the hydrogen in the tank, multiplied by an ultimate load factor
nult of 3.8, divided by the upper view cross section (found by multiplying thickness t and perimeter P), gives
the resulting stress. This is given in Equation 114.



6.5 Materials and Structural Design 96

σcirc =
FoS · p ·R

t
(111)

σlong =
FoS · p ·R

2t
(112)

σth = FoS · E · α · (T − Tdes) (113)

σf =
Mf · g · nult

t · P
(114)

Different loading cases will exist for different scenarios. Four loading cases are analyzed:

• cold pressurized tank: the fuel is in the tank, tank is cooled down and gases are present. Includes fuel
load.

• hot pressurized tank: The tank is ’hot’ but purge gases/initial refueling gases are present. Fuel load is
not present.

• hot unpressurized tank: the tank is empty and hot. Fuel load is not present.

• cold unpressurized tank: fuel is in the tank but relief system just vented all gases. Fuel load is present.

For the first two loading cases, which are pressurized, a thickness can be computed based on yield stress.
This thicknesses are given by Equation 115 and Equation 116, which superimpose longitudinal stress and
thermal stress, and circumferential and thermal stress and fuel load respectively (fuel load stress is assumed
to be pointing in the vertical direction of the tank). The absolute value of the denominator should be taken.
The thickest option overall is chosen (over the two load cases and over the two long./circ. stress case, one is
selected). If a unidirectional CFRP is investigated, it is assumed filament winding is used with an angle of 55
degrees. This is the optimum angle according to Geng et al. [58]. Then, the yield stress in the longitudinal
thickness formula must be multiplied by cos(55o), in the circumferential thickness calculation by sin(550).
Then the thicknesses need to be summed up. This is given in Equation 117 and Equation 118. This is not the
case for a metal or quasi-isotropic crossply CFRP, the thickest thickness provides enough strength in the other
direction as well. The last two loading cases do not involve pressurization, and thus no thickness is calculated
here, but the thermal stress must not exceed the yield stress of the material. The thermal stress here will
depend on the design temperature. This temperature is taken at 155K, half of the maximum temperature, to
limit thermal stresses for both cold and hot tank conditions, thus lowering fatigue.

t =
pR

2abs(σyield/FoS − σth)
(115)

t =
pR+ nultMfg/P

abs(σyield/FoS − σth)
(116)

t =
pR

2abs(σyieldcos(55o)/FoS − σth)
(117)

t =
pR+ nultMfg/P

abs(σyieldsin(55o)/FoS − σth)
(118)

Material Trade-off Three materials are considered: aluminium, titanium and CFRP. All are known to be
light weight aerospace materials. Special alloys/CFRP types should be selected for cryogenic conditions. For
aluminium, the Al 2014 T6 alloy is selected, as the 2014 series is known for its performance at cryogenic
temperatures as reported by Kendall [59]. Properties of Al2014T6 are taken from [60] 23. For titanium, the
Ti-5Al-2.5Sn alloy is selected, because of it being one of the best Ti alloys for cryogenic applications as stated
by [59]. Its mechanical properties are taken from [61] 24. As a CFRP, the Hexply 8552 with Hexcel IM7 is
selected [62] 25. This CFRP was previously used in different cryogenic space applications[63]. The company
(Hexcel) reports it to be suitable for filament winding [62]. This will be done at an angle of 55 degrees.

Table 52: Material Properties
Al 2014 Ti-5Al-2.5Sn Hexply 8552

E [GPa] 72.4 110 164
α [µm/m/K] 23 9.4 -0.64
σy [MPa] 414 827 2723
ρ [kg/m3] 2800 4480 1780

23http://asm.matweb.com/search/SpecificMaterial.asp?bassnum=MA2014T6
24http://asm.matweb.com/search/SpecificMaterial.asp?bassnum=MTA520
25https://www.hexcel.com/user_area/content_media/raw/IM7_HexTow_DataSheet.pdf

http://asm.matweb.com/search/SpecificMaterial.asp?bassnum=MA2014T6
http://asm.matweb.com/search/SpecificMaterial.asp?bassnum=MTA520
https://www.hexcel.com/user_area/content_media/raw/IM7_HexTow_DataSheet.pdf
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For each material, the minimum thickness is calculated according to the load cases, and a check is performed
if the thermal stress does not exceed the yield stress (which is divided by a Factor of Safety of two). The
design temperature Tdes for CFRP is set at 300K instead of 155K. This is because CFRP expands when
cooled down, so tensile stress occurs. If the design temperature is 155K, the CFRP will shrink and endure
compressive stresses, which should be avoided for this type of material. For the trade-off, the total tank
volume is set at 28m3. Half of it is in the tail tank, the other half is in the pod tanks. The pod length is
assumed to be 5m, and the tail tank radius is assumed to be the median of 1.35 and 0.75m, which is 1.05m.
Those values can be different from the final design values of the aircraft, but this calculation is only used for
a trade-off and thus is valid. Total tank mass and thicknesses are computed, and are the trade-off parameters.
Baffles are included to prevent sloshing and are assumed to double the tank weight. They also stiffen the
tank. The baffles reduce the magnitude of the forces and increase the damping therefore increasing the speed
at which the forces die out, which would otherwise lead to stability issues.

Trade-off Result and Consequences The results shown in Table 53 indicate that CFRP is the best solution
for the tanks from a weight perspective, the weight difference is extremely significant. Another advantage
of using CFRP is that is does not experience hydrogen embrittlement unlike metals. The thicknesses of the
CFRP are below one millimeter. Manufacturing such thickness in CFRP filament winding is possible 26.

Table 53: Trade-off results
Al 2014 Ti-5Al-2.5Sn Hexply 8552

text. [mm] 2.2 0.42 0.2
ttail [mm] 3.3 0.63 0.24
mext. (one) [kg] 351.6 176.9 112
mtail[kg] 557.7 207.1 76.8
mtotal [kg] 1260.9 560.9 300.7
σth exceeded pass pass

A drawback of using CFRP’s is the fact that they are permeable the hydrogen molecules. This is not the case
for metals. A non-permeable liner should be applied at the inside of the tank. A polyamide liner can be applied
for CFRP vessels, which is installed via a blowmolding technique developed by KautexMaschinenbau [64]27.

Implementation of Hydrogen Tank To recap, the tail tank is an oblique truncated cone (but modeled as a
cylinder) which is integrated in the tail cone of the aircraft. It features a liner, a CFRP pressure shell, baffles
and insulation. The tail tank itself is supported by the fuselage structural parts. The external wing tanks also
have a CFRP shell, baffles, and insulation. It will need an additional fairing and nose cones. This has not
been developed yet in detail. The fairing will also add extra mass. A preliminary calculation, assuming a
pod length of 5m, puts the fairing weight per pod at 40kg per millimeter of aluminum, and 25kg for CFRP
(Hexply 8552). As this has not been properly researched yet, the tank weight of the CFRP is still taken at
300kg. This does not match exactly to the 280 kg given in the class II weight estimation due to a late slight
change in input parameters.

Verification and Validation Stresses calculated by the code were printed and manually checked. This was
done in unit tests for the thermal stress, load stress and pressure stress separately. One should also be able
to notice weight savings for CFRP, which is the case. To validate the procedure, the results can be compared
to the ones obtained by Colozza [29]. Colozza reports that tank mass (insulation, boil-off and structural) for
a tank the size of the tail tank is about 200kg. This is the case for titanium. Colozza did not mention the
material used.

Sensitivity analysis The structural design of the hydrogen tankswill mostly depend on changes in the required
volume. The volume was both increased and decreased by 20% in Table 54.

26(J. Sinke, personal communication, 17/06/2020)
27https://www.kautex-group.com/en/about-us/company/hydrogen-liner.html



6.6 Final Design 98

Table 54: Sensitivity analysis hydrogen tank structure
Volume Al 2014 Ti-5Al-2.5Sn Hexply 8552
17[m3] 1490 [kg] 650[kg] 340 [kg]
11.3[m3] 1027[kg] 468[kg] 260[kg]

Recommendations The baffle placement and weight need to be examined in more detail. The fairing and
cones for external wing tanks need to be researched, as do their masses. More research can be done in filament
winding, load cases and CFRP behavior. The exact details of how to support the tail tank and external wing
tank must also be considered. For now it is assumed that the aft fuselage structure also serves as aft tail
support. The external wing tank is attached to the wing via a fairing and pylon. The weight of this fairing
must be accurately determined for control and stability reasons, as well as for the wing structure. Also bird
strikes and ground collision cases must be researched and designed for.

6.6 Final Design
The individual subsystems described in the previous subsections are integrated to form the final design. The
external wing tanks and the engines are mounted onto the wings, which in turn are connected to the fuselage.
The horizontal tail is jointed with the vertical and the whole assembly is assembled with the fuselage. Lastly,
the landing gear is integrated on the lower side of the fuselage. The final design can be seen in Figure 46.

Figure 46: Three view drawing of RELIGHT
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7 Final Design Characteristics
This chapter describes main features of the resulting end product that are unrelated to the main subsystem de-
sign results. First in Section 7.1 stake holder requirements, that the aircraft needs to fulfill to be certified and
capable of performing its mission profiles, are discussed as well as the level to which they have been achieved.
This section is followed by the mass breakdown and resource allocation in Section 7.2, that summarizes the
final masses as calculated for various subsystems, as well as determining fuel weights, range, take off length,
emissions and more and scores them using a performance index. After concluding that the chapter delves into
various other subsystems and the plan for their implementation, before concluding with the RAMS character-
istics in Section 7.4, that discusses reliability, availability, maintainability and safety aspects of RELIGHT’s
final configuration.

7.1 Requirements
Table 55: General final design requirements

Requirement Identi-
fier

Requirement Compliance

SRA-STAKE-AP-04 The aircraft shall be able to use existing facilities at regional air-
ports (availability information found in [65]).

3

SRA-STAKE-PIL-02 The aircraft shall require similar pilot training as the reference
aircraft, the Bombardier CRJ700 series.

3/7

SRA-STAKE-AUT-01
The aircraft program shall comply with CS-25 regulations.

3/7

SRA-STAKE-AUT-02
The aircraft program shall comply with regulations issued by
EASA.

3/7

SRA-PROD-PERF-04 The aircraft shall be able to withstand adverse weather conditions.
3

SRA-PROD-PERF-09 The aircraft shall have an operational lifetime of 28000 cycles or
20 years.

3

SRA-PROD-PERF-15 The aircraft shall allow for a turnaround time (on ground) of a
maximum of 30 minutes.

3

In Table 55 several more requirements are shown which have not yet been discussed. The SRA-STAKE-
AP-04 requirement concerning the use of existing facilities at regional airports has been met, as the aircraft
remains in the EASA class B gate category. The class B gate category specifies that the wingspan of the
aircraft must remain below 24m. Furthermore, the width of the main landing gear must remain below 6m.
Both requirements are met, thus the aircraft will be able to fit in class B gates. The requirement is relevant, as
the aircraft is able to park at any gate the CRJ700 does, thus remaining flexible and able to service any airport
the CRJ700 does. Furthermore, the aircraft has been developed with the regional facilities in mind. The
choice of a high-wing aircraft helps with boarding, while the large engines will provide enough thrust to be
able to take-off from short runways. At this time, the pilot training requirement SRA-STAKE-PIL-02 cannot
be investigated in depth, as this requires an in-depth study into cockpit design. Though, the development of
the aircraft until this point has not violated the requirement. The same holds for SRA-STAKE-AUT-01 and
SRA-STAKE-AUT-02. The main regulations have been taken into account, making the design compliant up
to this point. However, an in-depth study is required to make sure that every regulation will be met. This also
returns in the SRA-PROD-PERF-04 requirement. The gust velocities during flight have been determined in
Section 5.5, which the aircraft will be designed for. This causes the design to be compliant with this require-
ment. SRA-PROD-PERF-09 and SRA-PROD-PERF-15 have been taken into account during the design of
RELIGHT, while they also need further investigation during future design. These requirements can be met
with proper design decisions in the future.

7.2 Resource Allocation / Budget Breakdown
As the project develops, the design is faced with less uncertainties; this results in an increase in resource
spending, which can significantly alter the design and drive up costs. To keep this from happening a con-
tingency plan has been created, together with a mass budget. The contingencies constrain the design of the
system, requiring design choices to be made accordingly; therefore the system has be below, or equal to, the
specified value said system will be designed for, when the contingency is included.
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In Figure 47 both a mass breakdown of the OEW of the aircraft and a mass breakdown of the mass of the
whole aircraft relative to the MTOW are given, both at the current design state.

Figure 47: Pie chart mass breakdown of the entire system
relative to MTOW (top) and of the OEW (bottom)

Table 56: Mass budget final design
System/Group Mass [kg]
MTOW 28083
Fuel 1847.7
Payload 7975
OEW 18275.6
Structural weight 9105.5
Wing 2349.5
Empennage 769.8
Fuselage 3948.2
Nacelles 803.6
Landing gear 1234.4
Propulsion system 2743.4
Engines 2328.1.6
Power controls 136.3
Hydrogen tanks 279
Electrical system 1342.8
Instruments and controls 995.6
Instruments 382.1
Flight controls 613.5
Other 4088.2

To ensure that the final design parameters will be within the bounds specified at the start of the design process,
a contingency plan was created. During different design stages parameters are designed for values lower than
what was allocated from the technical budget. Table 57 below was first constructed during the conceptual
phase of the project [3]; it is now updated to take into account the current design state of the project with its
respective contingencies. For some of the parameters the contingency values remain the same as previously
determined, while some of them are set to zero. This is the case for the take-off length and passengers as
their final value is already known so they are not expected to change in the future. For the emissions a quite
extensive analysis was performed meaning they are already known with great certainty thus reducing the
contingency for this parameter.

Table 57: Contingency Factor Table [%]
MTOW Range Take-off Length Emissions Cost Passengers

Conceptual 46 50 20 75 85 40
Preliminary 20 40 15 30 65 40
Detailed Design 10 15 10 20 20 0
Manufacturing 5 5 2 5 10 0
Flight Test 2 0 0 5 0 0
Production 0 0 0 0 0 0
Current design 10 10 0 5 20 0

Relative Importance 25 10 10 25 20 10

In order to quantify the technical performance, the Performance Index PI , as given in Equation 7.2 is used.
PI is a measure of the relative difference in design, including its contingency, at the current state, and the
design goal. It is a measure of uncertainty, which, logically, will decrease as the design progresses. This
relative distance will decrease till the design fully converges, as is depicted in Figure 48; the performance
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index is depicted during the different design phases. Currently, during the detailed design, it can be seen that
the PI has overshoot the goal. This can be justified by the fact that many of the systems are now known with
a greater degree of certainty than it was expected, meaning their parameters will have minor changes during
the remaining design phases. This will result in the same target values being reached.

Figure 48: Design phase performance parameter

PI =
∑

contingency · relative importance
(119)

7.3 Aircraft Systems
In this section, an overview of a few operation critical systems will be given. These systems are all vital
for the operation for the aircraft, while not being investigated into detail at this time. First, the pneumatic
system will shortly be discussed in Section 7.3.2. The next systems that will be described are the electric
system in Section 7.3.3, the hydraulic system in Section 7.3.4, while the data handling system is covered in
Section 7.3.5. Finally the environmental control system is discussed in Section 7.3.6.

7.3.1 Aircraft System Requirements

Table 58: Aircraft system requirements
Requirement Identi-
fier

Requirement Compliance

SRA-STAKE-PIL-01 The aircraft shall have similar handling characteristics to existing
airliners.

3

SRA-STAKE-PIL-03 The aircraft shall feature similar or more automation systems as
the reference aircraft, the Bombardier CRJ700 series.

3/7

SRA-STAKE-PSG-01 The aircraft shall feature a cabin altitude lower than 2500m.
3

SRA-STAKE-ATC-01 The aircraft shall be capable of communicating with ground sta-
tions.

3

SRA-STAKE-ATC-02 The aircraft shall be capable of communicating with other air-
craft.

3

SRA-STAKE-ATC-03 The aircraft shall be capable of relaying data to ground stations.
3

SRA-PROD-PERF-02 The aircraft shall be navigable using existing technologies and
infrastructure during cruise.

3

SRA-PROD-PERF-03 The aircraft shall be able to communicate using existing technolo-
gies and infrastructure during cruise.

3

SRA-SYS-EPS-01 The EPS shall provide TBD power to aircraft instrumentation.
3/7

SRA-SYS-EPS-02 The EPS shall at least have one redundant energy source.
3

SRA-SYS-COM-01 The navigation system shall be able to collect data from primary
flight instruments.

3

SRA-SYS-COM-02 The navigation system shall provide navigational data to the pi-
lots.

3

SRA-SYS-COM-03 There shall be one level of redundancy for critical flight instru-
ments.

3
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The handling characteristics of RELIGHT have not been investigated in depth. However, due to the applica-
tion of fly-by-wire systems as will be discussed in Section 7.3.5, and the layout of control surfaces being very
similar to existing aircraft, the layout of the controls will be very similar in the cockpit, while the operation
will not be much different. The automation systems in the aircraft have not been investigated, causing the
compliance with requirement SRA-STAKE-PIL-03 to be unknown. The environmental system discussed in
Section 7.3.6 will ensure compliance with SRA-STAKE-PSG-01. The communication will be handled by a
to be designed communication system. This is present in all modern aircraft, and has not been investigated
at this stage of the design. Though, it can be said with certainty that the requirements SRA-STAKE-ATC-01,
-02, -03, SRA-PROD-PERF-02 and -03 will be met with the -to be designed- communication and navigation
systems.

7.3.2 Pneumatic System
One of the main aircraft systems is the pneumatic system. In most passenger airliners, the pneumatic system
is used for the pressurization of the cabin, anti-ice systems on the aircraft, and to start the engines. Usually,
high pressure and temperature air is taken from the turbine in the aircraft’s’ engine or APU. In this aircraft,
some changes will be made concerning the pneumatic system. To save weight and complexity, the pneumatic
system will not be installed on the engines, will not be installed in the APU, and will not be used in anti-ice
systems. Instead, only the cabin will be pressurized using an environmental control system as described in
Section 7.3.6.

All of the power extraction will be done by electric generator/starter motors, from both engines and the APU.
It is estimated that the amount of power extraction required is up to 35% lower than when using a pneumatic
system [66]28. The reduction in fuel burn could be up to 3% due to the reduction in power extraction and
reduction in weight. The reduced complexity will allow for easier, lower cost, and less frequent maintenance,
while reliability will become higher [66]. Furthermore, the production costs will also be lower.

7.3.3 Electrical System
Figure 49 shows an overview of the electrical system of the aircraft. As an highly advanced airliner, the main
power system is the electrical system. The system has two central power controllers, one forward and one
aft. These will be similar in size, while providing power to different systems. Furthermore, the controllers
themselves will be redundant, minimizing the chance of failure of either of the systems. The forward con-
troller is mainly to power the forward part of the aircraft; the instruments and systems in the cockpit. It will
provide an unknown amount of power to the instrumentation, as specified in SRA-SYS-EPS-01. Further in-
vestigation into the power requirement is necessary. The aft system will power more aft systems, such as
the fuel system. Both will be linked to a relatively large battery, to be able to provide high peak-power. Both
engines, the APU and the RamAir Turbine (RAT) will feature two generator/starter motor systems. They will
be able to provide electricity to both power systems for redundancy, while requiring power during start of the
respective system. This satisfies requirement SRA-SYS-EPS-02. Furthermore, the power controllers will be
able to send power to the other power controller during peak demand. It is not possible to fully use this as a
back-up in the event of a power controller failure. This is due to the faulty power controller not being able to
control the flow of electricity, thus not being able to provide power to critical systems in the aircraft. If the
situation would occur that one or two of the generators would not function, this link would be able to provide
electricity to the other power controller. To be able to provide power to critical flight systems in the event
of a complete power controller failure, there are two backup systems in place; one backup from the forward
power controller, and one from the aft power controller. Both power each others’ safety critical systems dur-
ing contingencies with the systems’ primary power controller. This backup system is shown as yellow arrows.

The result of two smaller power systems is a reduction in weight and complexity. The total amount of wiring
will be much lower, as in most aircraft a single power system powers the entire aircraft, with the systems in
the front of the aircraft. Another difference in comparison to the mainstay of airliners, is that the hydraulic
pumps will also be driven electrically, and not by the aircraft’s engines or APU. This will cause a much
smaller hydraulic system, which can be much more local, with a lower complexity. This will reduce weight,

28http://www.boeing.com/commercial/aeromagazine/articles/qtr_4_07/AERO_Q407_article2.pdf

http://www.boeing.com/commercial/aeromagazine/articles/qtr_4_07/AERO_Q407_article2.pdf
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maintenance time and cost.

Another large change is that the engines of the aircraft will be started up using the generator/starter motors,
while in most aircraft, they are rotated for engine start using the pneumatic system. The use of the generators
as starter motors again reduces weight and complexity, and makes the engine start more reliable.

Figure 49: Electrical system schematic

7.3.4 Hydraulic System
The hydraulic system will consist of four systems: red, green, blue and yellow (backup). A schematic
overview can be seen in Figure 50. The yellow system will be able to power the primary flight controls
(rudder, elevators, ailerons) as a back-up during contingencies with the primary systems. The blue system
will effectively be the system for the tail, providing power to the rudder and elevators. Next, the green system
will control the main landing gear, outboard spoilers, flaps and thrust reversers. This system will require very
little power during the cruise phase. The red system will power the inboard spoilers, ailerons during regular
operation, and the nosewheel retraction and steering mechanisms. Note that the landing gears will not be
powered by the backup system, as the gear can be lowered by gravity if the hydraulic systems are inoperative.

Each hydraulic system has two hydraulic pumps: one connected to the forward electrical system, and one
connected to the aft electrical system. During operation of a lot of systems, such as during taxi, approach
and after landing, the combination of pumps will ensure that enough hydraulic power is available. If any of
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the pumps becomes inoperative, the hydraulic capability of that system will decrease. Proper warning sig-
nals from the aircraft during this contingency shall warn the pilots, causing a different operation procedure,
ensuring that the aircraft remains controllable, and all required systems are able to operate, albeit at lower
power. Note that the hydraulic systems in this aircraft will be much more local than the hydraulic systems in
widespread aircraft. The advantage is a much smaller hydraulic system overall. The local systems reduce the
amount of hydraulic lines, reducing pressure loss, reducing required power and lowering the total amount of
hydraulic fluid. The more local systems are a direct cause of the switch to fully electric hydraulic pumps. An-
other advantage is that the electrically powered hydraulic pumps can be very easily throttled when compared
to their mechanic counterparts.

Figure 50: Hydraulic system schematic

7.3.5 Data Handling System
Similarly to the previous schematics, a visual representation has been made of the data handling and data
transferring processes within aircraft electronics. Figure 51, portrays that with the appropriate accuracy and
helps the reader understand the gathering of all data and how it is manipulated to the aircraft operator’s bene-
fit. On the top left all the data input is listed. The network is split between the data transfer within the system
(top) and the interaction with the human component (bottom), separated by the dashed line. All sensor read-
ings that are imported in the form of data sets are included in the list, such as heading, airspeed, altitude and
more. After sorted, the data is transferred at high rate to the queue awaiting to enter the processing unit. The
watchdog timer interferes at this point and checks for malfunctions and for available space before allowing
new data to enter the processing device. In parallel the memory and mass storage components handle the
pre-existing data and inform on available space. After interaction with the logic unit, and decision making
on the location desired for each output, the data is sent out of the CPU, also at a high rate.

The output of interest to the operator, is either in digital form, in the displays visible to the pilot, or in mechanic
form, in the throttle feedback. For each form, the pilot interacts with the output and generates different inputs
dependent on the outcome, which can be viewed as two different feedback loops in the lower part of the
schematic. Notably, the pilot-display loop is assisted by the Fly-By-Wire systems. Those are a part of modern
recent aircraft control, and convert the pilots inputs into electrical inputs, that then trigger the actuators to the
desired output. This is a significant novelty since the pilot system interaction data transfer rate is naturally
minuscule compared to the one within the system components. Hence, now this system integration not only
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increases it but now the outcome is also much more accurate and quickly correctable, fact that allows the
flight control of even unstable vehicles like the X-29 aircraft or a majority of helicopters. It will also further
ensure compliance with handling characteristic requirements, such as SRA-STAKE-PIL-01.

Figure 51: Data handling schematic within the aircraft electronic systems

7.3.6 Environmental Control System
Lastly, the network under analysis is that of environmental control. That is, the group also has interest in
accurately designing the exchange of air with the ambient of the aircraft during operation phase. Figure 52
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gives the overview of such exchange from the intake until release back out. Air is initially received from the
ram air intake, part of which is compressed and heated or cooled while the rest of it remains uncompressed in
order to assist heat exchange. The mixer then gets both the newly taken air and air flowing out of the cabin and
blends them before filtering for partly renewing the cabin air. After going through the filter, the air enters the
cabin and cargo area, with connecting ducts to obtain equilibrium. Overall, the green boxes of the diagram
in Figure 52 represent flow controlling devices such as ducts, valves and pumps. The target areas for the
environmentally controlled air are the cabin and cargo area, displayed in dark pink, and finally, the light blue
boxes all represent machinery, that electrically or passively operate, to make the process successful.

Figure 52: Environmental control system schematic

7.3.7 APU
To power all systems in the aircraft when the engines are switched off, an APU will be installed in the rear of
the aircraft. As RELIGHT will require a similar amount of power for its’ systems as the CRJ700, the same
APU is used as a baseline. The Honeywell RE220 is reliable, tested, and adaptable to hydrogen. The RE220
provides 45kW of electrical power, with bleed systems installed. Removing the bleed systems and installing
more capable generators will allow the electrical output to increase up to 224kW , allowing for enough power
throughout the aircraft 29.

7.3.8 Hardware- and Software Block diagrams
In Figure 53 a pictorial representation is given of both the hardware block diagram and the software block
diagram, as well as the interaction between each other. In green the software blocks are visible, those namely
being between four main categories; Avionics, Electrical Power System, Environmental Control System, and
Data Acquisition software. The two latter, have already been discussed in Figure 52, and Figure 51 respec-
tively. The Environmental Control System software lists and gives a division of the tasks that are to be carried
out by the hardware components of Figure 52. On the other hand the branch of Data Acquisition is ultimately
a summary of the data handling procedure presented in detail in Figure 51. Furthermore, the link of the
software part of the systems to the hardware part is the Electrical Power System software and Flight Control
System link. The control positional data is the information given from the hardware to the software, which is
directly processed and a new command is given from software to hardware.

The hardware tree of Figure 53 is the one placed at the top part, in light blue. Most information for its ar-
rangement is drawn from the team’s N2 systems interface definition created in the midterm report [4] by
the systems engineering department. The main system blocks, (labeled with S. for system and a number)
are closely interconnected, with the latter ones (higher label number) branching from the earlier ones (lower

29https://aerospace.honeywell.com/en/learn/products/auxiliary-power-units/re220-apu

https://aerospace.honeywell.com/en/learn/products/auxiliary-power-units/re220-apu
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label number) through a decision series. For example, starting from the Flight Control System, input values
for the control surfaces are fed, which in turn, triggers the Hydraulics System. Consequently, the decision or
command to deflect causes the action of the control surfaces. The overall importance of the H/W - S/W dia-
gram is large as it does not just portray the interaction between different hardware and software components,
as did the systems interface chart [4], but gives a flow of the actions step by step, somewhat like a manual to
someone who would want to end up in one of the system actions shown.

Figure 53: H/W - S/W

7.4 RAMS characteristics
This section discusses reliability, availability, maintainability and safety aspects of the final design, as well
as relate these to the requirements.

7.4.1 Requirements

Table 59: Sustainability requirements
Requirement Identi-
fier

Requirement Compliance

SRA-STAKE-AL-08 The aircraft shall have a similar operational reliability with re-
spect to the reference aircraft, the Bombardier CRJ700 series.

3

SRA-STAKE-AL-09 Maintenance operations shall be similar to those performed for
aircraft of the same category.

3/ 7

As the preliminary design approaches the final decisions, the Reliability, Maintainability, Availability and
Safety (RAMS) characteristics take place. They are carried out by a certification officer in the form of in-
spections and give a "green light" to the manufacturer to begin along with the assembly plan drafted by the
team. These were also discussed in the midterm report [4], and now, since the preliminary design is explored,
the need for a deeper look into those characteristics is called for.

7.4.2 Reliability
In general, the reliability of an aircraft is the probability that it will perform in a satisfactory manner for a
given period of time when used under specified operating conditions [67]. The reliability of the concept air-
craft shall be similar to aircraft in operations. Naturally, the reliability of all components and systems used
in the aircraft have to be up to par with today’s standards. he main difference with existing aircraft is the
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hydrogen propulsion system. The other components are already widely used in the aerospace industry so it
is assumed that the reliability of these aircraft components is the same as the industry average. This includes
the turbofan engine, which requires little modification to make it run on hydrogen.

A more detailed look in the propulsion system reliability is needed. Starting with the hydrogen storage anal-
ysis, it can be said that hydrogen is very flammable and its storage is quite challenging. Although it has only
be done experimentally on aircraft, hydrogen tanks can be seen in ground-based industries such as hydrogen
cars and energy storage. As these applications are not bounded by the weight of the storage system as much
as the aircraft is meaning that possibly a compromise with the reliability systems needs to be made to make
the tanks suitable for aircraft.

Additionally, the aircraft has three fuel tanks, one in the back and two external wing tanks in the wings. Cross-
feed between the tanks is possible, so when fuel gets used the remaining can be distributed among the tanks,
to ensure there is fuel in all the tanks in case one fails. Thus there is a redundancy in the system meaning
the reliability is also increased as the chance for all the three tanks failing during the same flight mission is
greatly reduced.

The fuel transfer system uses multiple pumps in parallel to allow for redundancy. Also allows for feeding
the engines from different fuel tanks in case there is a problem in one of them. These measures decrease the
likelihood of leaving an engine without access to fuel, thus increasing the reliability of the propulsion system.
It can be concluded that RELIGHT will likely meet SRA-STAKE-AL-8, although further investigation in the
future is necessary to keep ensuring compliance.

7.4.3 Availability
The availability characteristic concerns replacements frequency, staff presence and maintenance budgets
which call for assurance. Specifically concerning the hydrogen refueling, it should once again be mentioned
that the assumption of hydrogen availability in regional airports will have happened by the time the aircraft
becomes operational. That is, it has been assumed that in the years to come, an acceptable amount of regional
airports will include storage of hydrogen in cryogenic state, to assist aircraft in terms of refueling.

The midterm report has already explored inherent, achieved and operational availability [4]. Those, collec-
tively rely on Mean Time Between Maintenance (MTBM), Mean Time To Repair (MTTR), and Mean Time
To Maintain (MTTM). Since only in preliminary phase, the design will need to advance to manufacturing,
certification, and on to the flight testing to obtain a - still - vague picture of the aforementioned values. More
specifically, the hydrogen concept entails a significant amount of novelty, which mostly proves vital for the
general view, but provides large uncertainty in need for replacement or inspection of aircraft subsystems. Just
like formaintainability, after the flight test phase that will followmanufacturing and assembly, theMean Times
above will be of certainty, and availability will be a well-calculated characteristic, but it cannot be possible to
be accurate about it at the preliminary design phase. Furthermore, accessibility to certain regional airports
needs to be analyzed, before finally creating a networking plan, of the regional airports, in which the level of
availability is stated, as well as distance to major cities and depots for the possibility of replacements shipping.

7.4.4 Maintainability
As it has been previously mentioned, maintainability is the ability of the aircraft structure to perform all
its operations at minimum maintenance, that being scheduled and unscheduled [4]. Having made detailed
sizing for the different subsystems, maintenance planning is more specialized for the group’s resulting design.
Notably, the integration of external wing tanks assists maintainability, since they are mechanically removable
with ease by design for refueling. Upon removal, quick inspection and unscheduled maintenance is also done
with ease due to the simplistic and aerodynamic shape. Similarly, the aircraft design entails a high wing
configuration for which maintainability is also at desirable levels. Should there occur small non-hazardous
structural faults on the wing, even in the root of it, the configuration makes it accessible to maintenance
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without scheduling as well.

Figure 54: Maintenance breakdown [4]

To optimize the maintainability for this aircraft further, the team revisits the maintenance breakdown, por-
trayed in Figure 54. Preventive is compared to correctivemaintenance since both have positive aspects to offer.
Among preventive maintenance events, all are scheduled, which calls for predicted time cost. In association
with reliability and the aspects mentioned inSection 7.4.2, this cost will be factoring against maintainability,
but still factors in favor of a more reliable and safe structure, a desirable outcome. On the matter of inspection,
not much is changed in relation to conventional aircraft. Inspection processes are specifically created with
methods to accommodate most aircraft. However, periodic maintenance will show changes for the current
design.

Following the above considerations of maintainability and the breakdown of maintenance specified for the
new design under preliminary phase, planning for the specific characteristics shall be under way. That is,
a form of scheduled maintenance will be drafted by the Quality Control officer, specific for this particular
aircraft, will be sent for approval of the certification officer, and then will be filled and mailed to the directors
of repair hangars, before arrival for the previous procedures. The same line of events will be followed for
inspections and condition monitoring, while now it will be filled and mailed by the certification party to the
airline.

7.4.5 Safety
The safety aspect of the aircraft is of upmost importance. During every mission human lives are at stake, so
it needs to be ensured that the risk is low, meaning safety needs to be high, because even a single emergen-
cy/crash can shatter the reputation of the aircraft.

The biggest concern regarding safety in the aircraft is connected with the hydrogen storage and transfer. Hy-
drogen is stored in the tanks in cryogenic temperatures. If the tank insulation is damaged the temperature will
start to rise, meaning the liquid hydrogen will start to evaporate which will increase the pressure in the tank.
This can lead to an explosion. To prevent this, a pressure relieve valve is present, which discharges hydrogen
into the atmosphere once a pressure of 1.45bar is reached within the tank.

The fuel transfer system has multiple safety valves which can be used to restrict flow to pipes when there is a
problem. Additional safety concerns come from the combustion chamber of the engines. Steady combustion
needs to be ensured, which can be a problem when heated air is mixed with cold liquid hydrogen. To combat
that, a heat exchanger is placed in the system to warm up the hydrogen and reduce the temperature difference
between the combustion ingredients.

Another place safety concerns may arise is the manufacturing process. Manufacturers should follow the spe-
cific guidelines like material quality and clearances. This can be checked by performing tests and inspection
of samples from batches.
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8 Aircraft Performance Analysis
With the completion of the design of the subsystems and overall design characteristics, a closer look can be
taken at the performance of the aircraft. First, the take-off, climb cruise, turning and landing performance is
discussed in Section 8.1. These performance parameters are a measure of RELIGHT’s in-flight maneuver-
ability and capabilities. Next, a closer look it taken at the noise pollution in Section 8.2. Section 8.3 quantifies
the emissions polluted during operation. Furthermore, a cost analysis is performed in Section 8.4, in which
also the return on investment is derived. Finally, all sustainability aspects that have not yet been mentioned,
are discussed in Section 8.5.

8.1 Take-off, Climb, Cruise, Turning and Landing Performance
8.1.1 Requirements

Table 60: Take-off, landing, cruise and turning requirements
Requirement
Identifier Requirement Compliance

SRA-STAKE-AL-01 The maximum range at maximum payload shall be between 1500
km and 2500 km.

3

SRA-STAKE-AP-01 The aircraft shall be able to take-off from a 1500 m runway at
MTOW at both sea level and 1500 m altitude

3/ 7

SRA-STAKE-AP-02 The aircraft shall be able to land on a 1500 m runway at MLW.
3

SRA-STAKE-AP-07 The aircraft shall be capable of operating from the same class of
runways as the reference aircraft, the Bombardier CRJ700 series.

3

SRA-PROD-CG-02 The cruise altitude of the aircraft shall be below 12000 m.
3

SRA-PROD-PERF-01 The cruise Mach number of the aircraft shall fall between Mach
0.65 - 0.90.

3

SRA-PROD-PERF-07 The aircraft shall cover max range distance at max payload in
under 3.5 hours.

3

SRA-PROD-PERF-13 The aircraft shall have a minimum rate of climb at sea level of 10
m/s.

3

SRA-PROD-PERF-14 The aircraft shall be able to perform a rate one turn at sea level,
with a bank angle lower than 25 degrees.

3

8.1.2 Airfield Performance
To check the compliance with the runway requirements, the take-off and landing airfield performance must
be quantified. The take-off airfield performance is expressed in terms of ground run distance (xgrto), lift-off
speed (Vlof ), transition distance (xtr) and climb-out distance (xcl). The screen height is set equal to 50 ft, as
specified by CS-25 regulations [49]. The take-off distance required is then obtained by adding the ground run
distance and the airborne distance, as specified in Equation 120. Landing airfield performance is expressed in
similar quantities, such as approach distance (xap), flair distance (xfl), rotation distance (xrot) and braking
distance (xbr). The Required Field Length (RFL) then follows straightforwardly from the total ground run
distance during landing as can be seen in Equation 121.The reader must note that the presented results are
valid for a condition with no ground effect, a non-inclined runway and no wind. Hence, if the runway is
non-inclined, the actual performance will slightly increase compared to what is presented below due to the
ground effect.

Since the aircraft must be able to take-off from and land at an elevated runway at 1500m of altitude, airfield
performance is both quantified for sea level conditions and conditions on a hot day at 1500m of altitude
(ρ = 0.974). The results are summarized in Table 61. The climb-out distance turned out to be zero, which
implies that the aircraft already reaches screen height during the transition phase.



8.1 Take-off, Climb, Cruise, Turning and Landing Performance 111

Figure 55: Take-off airfield performance
free body diagram [68]
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Figure 56: Landing airfield performance
specification [68]
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During the airfield performance analysis, it became clear that the take-off requirement at 1500m altitude was
the driving factor for determining the required thrust. In sea level conditions, the aircraft already complies
with the requirement SRA-STAKE-AP-01 at a thrust-to-weight ratio of 0.31, whereas the equivalent sea level
thrust-to-weight ratio for the condition at 1500m is 0.44. From this, the conclusion can be drawn that the
thrust required is very sensitive to this requirement. In the case the aircraft is only operated at sea level
conditions, the propulsion system will be over designed.This also explains the relatively low values obtained
for the airfield performance quantities at sea level conditions.

Table 61: Airfield performance at sea level and at 1500m altitude for a reverse thrust of 50% at sea level and
100 % at 1500m; all distances reported in [m] and all velocities in [m/s]

xgrto Vlof xtr xcl xto Rla xap xfl Vap xrot xbr xgrla xla

sea level 737.4 59.5 293.2 0 1030.6 5532.4 289.5 146.1 73.7 147.3 901.4 1048.7 1484.4
1500m 1160.1 66.7 368.8 0 1528.9 6958.1 364.2 108.8 82.6 165.2 842.1 1007.3 1480.3

8.1.3 Climb Performance
In order to climb, the available engine power must be converted into potential energy. However, as part of
the engine power is wasted on drag, one must make sure that the available power is greater than the required
power for counteracting drag. The performance diagrams, that visualize the engine excess power, are shown
in Figure 57 for both sea level climb and climb at 1500m altitude. For this, Equation 122 is used. The thrust
at altitude is approximated by converting the sea level thrust with Equation 123, whereas the thrust is assumed
independent of airspeed [68].

D = CD0
1

2
ρV 2S +

2W 2

πAeρV 2S
Pa = T · V Preq = D · V (122)

T = T0

( ρ
ρ0

)3/4
(123)
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Figure 57: Performance diagrams; left: Thrust against V, right: Power against V

It becomes clear that, in both conditions, the power available is greater than the power required. The achiev-
able steady rate of climb then follows from Equation 124. The maximum rate of climb is achieved where
the difference between the power available (Pa) and power required (Pr) is the greatest. Since this condition
changes with altitude, the maximum achievable rate of climb is shown in Figure 58 as a function of altitude.
The corresponding airspeed at which the maximum rate of climb is achieved is also shown in this figure.
From this, the maximum climb angle at each altitude is computed using Equation 125

ROCs =
Pa − Pr
W

(124) γclmax = sin−1
( ROCsmax
VROCs=ROCsmax

)
(125)

Figure 58: Maximum achievable steady rate of climb as function of altitude (left) and corresponding maxi-
mum climb angle (right)

8.1.4 Cruise Performance
An important parameter for cruise performance is V/F , where V is the velocity andF is the fuel flow, defined
as cTT ; the thrust specific fuel consumption multiplied by the thrust. The parameter V/F , called the specific
range, will, when maximized, result in the maximum range. The specific range can be determined as follows:
Looking at Figure 59, and drawing a line from the origin crossing the intersection of the drag curve and the
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cruise speed. The angle this line makes with the horizontal is the angle β; a smaller β results in a larger range
[69]. The theoretical maximum V/F is achieved when the line is tangent to the graph, where the aircraft will
fly at the optimal velocity, with the respective CD and CL. However, the optimal velocity is higher than the
limit velocity; hence Equation 126 is used, where the both CL and CD have increased [69].

Vi =

√
Wi

S

2

ρ

1

CL
CL =

√
CD0πAe CD = 2CD0 (126)

Rmaxalt =
2

ctCD

√
1

S

2

ρ
CL(

√
W1 −

√
W2) (127) Rmaxv =

V

cT

CL
CD

ln

(
W1

W2

)
(128)

V2 =

√
W2
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2

ρ2

1
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=

√
W1

S

2

ρ1

1

CL
= V1 (129) ρ2 =

W2

W1
ρ1 (130)

During cruise, in order to fly at a constant velocity, the aircraft is required to gradually climb as it loses weight
through burning fuel. From Equation 130 the density at the end of cruise (when W = W2) is determined.
Whereas the drag is proportional to the weight, the velocity is proportional to the square root of the weight.
This will cause the drag curve in Figure 59 to move down and to the left; it moves more downward than
left [69]. The grey dashed line for the drag curve at an altitude of 12379m has a lower slope for the drag
curve at the higher altitude, which has been obtained from the new density calculated with Equation 129
and Equation 130, which equates to a larger specific range. It should be noted that this cruise behavior is
generally not allowed by the ATC. Furthermore, due to the regulations on emissions, the aircraft is required
to stay below 10000m. On top of that, requirement SRA-PROD-CG-02 prohibits flying above 12000m.
Therefore the altitude at which RELIGHT flies, is taken to be constant for cruise analysis. If the altitude is
fixed, the maximum range is determined using Equation 127. The altitude being fixed, causes the velocity to
change over the cruise flight. From Equation 126 it becomes clear that the velocity decreases with decreasing
aircraft weight. The subscript i denotes the weight at a given point during cruise.

Figure 59: Altitude effect on cruise when flying at constant speed

Endurance, the maximum time the aircraft can spend in the air, is obtained by flying at the minimum D/V
condition [69]. This is at the lowest point on the drag curve in Figure 59. The green line indicates at which drag
and velocity condition the pilot is supposed to fly, when climbing during cruise, to maximize the endurance.
The higher the aircraft flies, the lower the speed will be for the minimum D/V condition. Endurance is
calculated using Equation 131
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Below, in Table 62, the maximum range, ferry range and maximum endurance are provided.

E =
1

cT

CL
CD

ln
(W1

W2

)
(131)

Table 62: Maximum range, ferry range and maximum endurance
Maximum range [km] Maximum ferry range [km] Maximum endurance [hh : mm : ss]

2159.3 4318.73 03 : 26 : 30

The range turns out higher than it was initially designed for. The most prominent reason for this, is the low
SFC obtained during the sizing procedure of the engines (Section 6.3. This causes the fuel flow to be lower
than expected (since F = T · cT ), therefore increasing the cruise distance with the same amount of fuel.

8.1.5 Turning Performance
Turning performance is expressed in terms of the steepest turn, minimum turn radius and minimum time to
turn. The reader must note that the presented results only apply to steady level turns without the presence of
wind gusts. This implies that the load factor stays constant throughout the turn. The load factor is defined as
stated in Equation 132.

n ≡ L

W
=

L

Lcosφ
=

1

cosφ
(132)

Load Factor Analysis Turning performance is dictated by the maximum attainable load factor. Since this
condition varies with airspeed and altitude, the turning performance will mainly be visualized graphically
for three different altitudes: sea level, 1500m and cruise altitude. The range of airspeed for which turning
performance is quantified at each of these altitudes, depends on stall limits and the balance between power
available (Pa) and power required (Pr). In order to perform a steady level turn, the load factor must be greater
than one. As this changes the Pa − Pr balance, the load factor lines must be included in the performance
diagrams. On the left side of Figure 60, these lines are shown for load factors up until the maximum load
factor nmax at sea level. Similar diagrams are made for 1500m altitude and cruise condition, of which the
latter is shown in Figure 61. Then, at each load factor, the operable airspeed range is computed. Theminimum
airspeed is always determined by the stall limits, as the starting points (from the left) of the drag lines are
below the thrust available. The upper airspeed constraint is due to the power required exceeding the power
available. From this, the so-called nmax − V diagram is derived as shown on the right side of Figure 60 and
Figure 61.

Figure 60: Left: performance diagram for varying load factor at sea level; right: maximum load factor as
function of airspeed at sea level
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Figure 61: Left: performance diagram for varying load factor at cruise; right: maximum load factor as
function of airspeed at cruise

Minimum Turn Radius and Minimum Time to Turn With the nmax − V diagram being constructed for
each flight condition, the minimum turn radius and minimum time to turn can be computed as function of
airspeed by using Equation 133. For each airspeed in the operable flight regime for turning, the corresponding
maximum load factor should be taken as found from the nmax − V diagrams. The results are depicted in
Figure 62 in which the blue, green and red lines represent sea level, 1500m and cruise conditions, respectively.
Furthermore, the rate 1 turn performance for a bank angle of 25 degrees is shown to enable assessment of
requirement SRA-PROD-PERF-14.

R =
V 2

g
√
n2 − 1

T2π =
2πV

R
(133)

Figure 62: Minimum turn radius, minimum time to turn and corresponding bank angle for sea level, 1500 m
and cruise conditions

Steepest Turn The steepest turn is characterized by the maximum attainable load factor, in this case 2.54.
The corresponding maximum bank angle is 66.8 degrees. The range of airspeed that can be achieved at this
load factor, without exceeding the maximum load factor, is derived from the horizontal line segments in the
nmax − V diagrams. The resulting steepest turn radius and turn time are computed with Equation 133 and
plotted in Figure 63 for sea level, 1500m and cruise conditions.
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Figure 63: Steepest turn characteristics; top: turn radius; bottom: turn time

8.1.6 Verification and Validation
The airfield, climb, cruise, turning and landing performance calculations have been verified through a number
of unit tests, as specified in Table 63.

Table 63: Performed unit tests to facilitate verification of the flight performance functions
Function Action Expected result Pass/Fail
Performance
diagrams decrease ρ T, D, Pa and Preq decrease, VT=D increases Pass

increase W D and Preq increase, T and Pa unchanged, VT=D decrease Pass
decrease T T, Pa and VT=D decrease, D and Pr unchanged Pass
double n D increased by factor 2, Vmin increased by factor

√
2 Pass

Max steady
ROC decrease ρ max steady ROC decreases, VROC=max decreases Pass

decrease T max steady ROC decreases, VROC=max increases Pass
decrease W max steady ROC increases, VROC=max decreases Pass

Take-off
distances increase W xgrto , xairto and xto increases Pass

increase Tto xgrto and xto decrease, xairto unchanged Pass
increase µ xgrto and xto increase, xairto unchanged Pass
decrease γcl xgrto unchanged, xairto and xto increase Pass

Landing
distances increase W xairla , xgrla and xla increases Pass

increase T to xairla unchanged, xgrla and xla decrease Pass
decrease µbr xairla unchanged, xgrla and xlaincrease Pass
increase γap xairla and xla decrease, xgrla unchanged Pass

nmax − V
diagrams increase altitude required airspeed increases,

velocity range at nmax decreases
Pass

lower T increasing number of T=D intersections at lower
load factors, more upper airspeed constraints Pass

n = 0 D = 0, only stall airspeed constraints Pass

Turn radius and
turn time increase altitude

minimum and steepest turn radius, speed at minimum
turn radius and minimum and steepest turn time
increase (graphs shift upward and to the right)

Pass

n = 1 minimum and steepest turn radius, minimum and
steepest turn time and corresponding bank angle are zero Pass
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Maximum cruise
range decrease W Rangemax decreases, V1, V2 and ηt decrease Pass

increase ρ Rangemax, V1,2, ηt increase Pass
increase T nothing changes Pass
increase SFC cT Rangemax decreases, V1,2 unchanged Pass

Maximum
endurance decrease ρ no effect Pass

increase T endurance decreases Pass
increase SFC cT endurance decreases Pass
increase W no effect Pass
increase CD0 endurance decreases Pass
increase CL endurance increases Pass

All functions Hand calculations
and unit checks Similar results Pass

The maximum rate of climb calculations are validated by comparing the climb angle, associated with the
maximum rate of climb, with existing aircraft over a range of altitudes from sea level until cruise altitude.
From Figure 58, it was found that the climb angle ranged from 16.5 degrees at sea level to 6.2 degrees at
cruise altitude. This falls within the expected range of maximum climb angles, hence the calculations are
validated.

The turning performance is validated by comparing the turning characteristics with the ones from the Cessna
Citation, as data could be found for this specific aircraft. Looking at Table 88, some interesting remarks
can be made. First of all, the range of airspeed at which the maximum load factor can be achieved is high,
compared to reference aircraft. Normally, this condition is obtained where the thrust intersects the minimum
drag condition. However, as can be seen in the performance diagrams, the minimum drag does not exceed the
available thrust for all possible load factors. This is due to a combination of high available thrust and a low
value for CD0, which is derived in Section 6.2. This has the following implications on turning performance:

1. The minimum turn radius is relatively short since only stall speed is limiting at low values of airspeed
and not the power available.

2. The minimum time to turn is relatively short due to the same reasoning as point 1. In addition, the
minimum time to turn at maximum load factor is even decreased further due to the high airspeed that
can be attained (right limit of the horizontal line segment in Figure 62).

This explains why both the minimum turn radius and minimum time to turn were lower than expected, also
when compared to the Cessna Citation and compared to the turn radius of category D aircraft[70]. Further-
more, the Cessna Citation data is used as input and yielded similar turning performance. Hence, the turning
performance module is validated.

Table 64: Turning performance comparison at 7000m altitude

nmax Vnmax Rmin VRmin Tmin VTmin

Cessna Citation 2.34 150 675 110 40 115
RELIGHT 2.54 90-210 924 145 40 145

Validation of the cruise performance can partially be done by looking at the CRJ700 payload range diagram.
It is observed that the ratio of maximum range to ferry range of RELIGHT is similar to that of the CRJ700.
Generally, with hydrogen aircraft the maximum payload capabilities are not that great as there is, due to the
presence of fuel tanks in the fuselage, a limited storage space for payload [71]. As it is very difficult to find
a proper reference aircraft, with equal range, passengers and fuel system, the obtained values are validated
against the results of the payload range estimation presented in Section 3. The payload range estimation has
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been verified and validated, therefore serving as an appropriate validation model to analyze the design. With
the validation of the range performance, endurance is automatically validated; endurance is calculated using
the same equations, but optimized for different parameters.

8.1.7 Sensitivity Analysis
A sensitivity analysis is performed to check the compliance with the flight performance requirements due to
the variations in the MTOW, take-off thrust and zero drag coefficient. As the red-colored cells in Table 65
indicate, the take-off and landing requirement at 1500m altitude would be exceeded if MTOW increases by
10% or the take-off thrust decreases by 10%. On the other hand, the compliance with the take-off requirement
would improve if opposite changes occur. The other parameters of interest, like maximum rate of climb and
minimum turn radius and turn time would not be endangered for the introduced uncertainties. Therefore, it
is recommended to reconsider the take-off and landing configuration of the aircraft to reduce the sensitivity
of total take-off and landing distance with MTOW and take-off thrust.

Table 65: Sensitivity analysis for critical flight performance parameters
Parameter value MTOW +10% MTOW - 10% Thrust +10% Thrust -10% CD0 +10% CD0 -10%
xto at 1500m [m] 1528.9 +21.2% -19.0% -9.2% +11.4% +0.013% -0.52%
xla at 1500m [m] 1480.3 +11.2/% -10.9% -3.5% +3.8% -0.25% +0.047%
maximum sea level
ROC [m/s] 61.5 -9.6% +11.7% +15.9% -15.1% -4.9% +5.7%

minimum sea level
turn radius [m] 356 +10.1% -9.9% - - - -

minimum sea level
time to turn [s] 24.8 +4.8% -5.2% - - - -

Maximum
range [km] 2159.3 +4.88% -4.42% - - -6.31% +8.2%

Endurance [s] 12390 - - - - -4.67% + 5.41%

For calculating the endurance, a slight inconsistency with reality should be noted. The mass fractions have
been taken from the Class I weight estimation. Although in reality the maximum endurance does change with
a change in MTOW, it does not in the model as it is based on statistics.

8.1.8 Compliance with Requirements
Airfield Performance As shown in Table 61, the total take-off distance required at sea level and 1500m is
1030.6 and 1528.9m, respectively. The latter theoretically violates the requirements SRA-STAKE-AP-01 and
SRA-SYS-PROP-02. However, as previously stated, this might not be the case in case the ground effect is
taken into account, as this will cause a significant reduction in induced drag of 25% [72]. This will result
in a decrease in take-off length of approximately 100m, which would imply compliance with the take-off
requirement. Therefore, it is recommend to investigate the influence of the ground effect on the take-off
distance required. Both runway requirements SRA-STAKE-AP-02 and SRA-STAKE-AP-07 are met, as the
landing distance are below 1500m and the sea level one is below the required sea level take-off and landing
field length for the CRJ700 of 1605 and 1540m, respectively [73]30.

Climb Performance The maximum achievable rate of climb at sea level is deduced from Figure 58. Since
this is found to be approximately 61 m/s, requirement SRA-PROD-PERF-13 is met.

Turn Performance In order to comply with requirement SRA-PROD-PERF-14, a rate one turn must be
achieved with a bank angle lower than 25 degrees. Figure 62 depicts such turning condition. All three
subplots show compliance with this requirement: the most left plot proves that this turn would not exceed
the minimum turn radius at each airspeed, the middle plot proves the same for the minimum time to turn.
Finally, the most right plot shows that the corresponding load factor will remain below the maximum load
factor, regardless of airspeed.

30https://mhirj.com/themes/bca/pdf/Bombardier_CRJ_Series_Brochure.pdf

https://mhirj.com/themes/bca/pdf/Bombardier_CRJ_Series_Brochure.pdf
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Cruise Requirement SRA-PROD-PERF-07 requires the that range is covered in less than three and a half
hours. When flying at 10000m altitude the maximum range is covered in 03:19:59, therefore complying
with the requirement. Requirement SRA-STAKE-AL-01 is also satisfied, as the maximum range is 2159km,
which is within the specified range.

8.2 Aircraft Noise
As the noise polluted by RELIGHTwill affect the environmental footprint, a detailed noise analysis is required
to quantify the contribution to sustainability. Before the noise analysis, a closer look is taken at the noise
requirements set by the ICAO.

8.2.1 Noise Requirements

Table 66: Noise requirements
Requirement Identi-
fier

Requirement Compliance

SRA-STAKE-ENV-02 The noise footprint of the aircraft shall be reduced by at least 25%
with respect to the reference aircraft, the Bombardier CRJ700.

3/ 7

SRA-PROD-PERF-10 The aircraft shall fall into the ICAO stage-5 noise level category.
3/ 7

SRA-PROD-PERF-11 The cabin noise during cruise flight shall not exceed 82 dB and
110 dB during take-off.

3/ 7

SRA_PROD_PERF-10 implies that the flyover noise, approach noise, lateral noise and cumulative noise
shall be limited to 86, 95, 91 and 264dB, respectively [74]. As the distance from the noise source to observer
affects the noise level perceived, fixed points exist at which the three noise levels are measured, as depicted in
Figure 64. Also the directional characteristics of a noise source, i.e. directivity, will affect the perceived noise
levels. The directivity is described by two angles: polar directivity angle (θ) and azimuthal directivity angle
(φ). The definition of both angles is shown in Figure 65 [75]. For simplicity sake, θ and φ are set constant
and equal to 90 and 10 degrees, respectively. Although this would introduce minor discrepancies with the
real world noise levels, the performed noise analysis will be sufficient to check the compliance with the noise
requirements at the current state of the design.

Figure 64: Certification procedure for measuring flyover,
approach and lateral noise levels [76]

Figure 65: Definition of polar directivity
angle (θ) and azimuthal directivity ∠ (φ)
[76]

8.2.2 Analysis Methodology
The noise pollution is quantified according to empirical methods specified in [77]. A distinction is made
between engine noise and airframe noise. Both noise sources are further split into their main contributors.
Engine noise consists of fan noise, combustion noise, turbine noise and jet noise. Aircraft noise can be split
into engine noise and airframe noise. Jet shock cell noise is not considered, as the fully expanded jet mach
number does not exceed one. Regarding airframe noise sources, the clean wing, horizontal tail, vertical tail,
flaps, nose landing gear and main landing gear are considered.
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For each considered noise source, the far-field mean-square acoustic pressure 〈p2〉∗ is computed, where the
superscript ∗ denotes a normalized quantity. As the computation of acoustics pressures requires many con-
stants derived from empirical data, only the most important ones have been reported. To fully understand
the source of all these constants, please consider the approach specified in [77]. Other input parameters were
derived from the designed propulsion system, as discussed in Section 6.3. After obtaining the required inputs,
the acoustic pressure is converted to a Sound Pressure Level (SPL), measured in decibels (dB) and using a
reference acoustic pressure of 2E-5Pa (threshold of human hearing). The sound spectrum is computed for
each frequency ranging from 100 to 10000Hz. The reader must note that these frequencies represent cen-
tral frequencies of the corresponding 1/3 Octave Band. In case of tonal noise sources, all pure tones that fall
within a 1/3 Octave Band are added. The tones that fall within each band (n) is computed using Equation 134.
Since noise is produced in-flight, the effect of forward velocity on acoustic power must be taken into account.
A so-called "Doppler factor" is computed for each central frequency, as stated in Equation 135.

nl = int[10−1/20η] + 1 nu = int[101/20η] n = nu − nl + 1 (134) η = (1−M∞ cos θ)
f

fb
(135)

8.2.3 Engine Noise
The engine noise is predicted using various empirical methods. Since the empirical data is gathered from
kerosene-fueled aircraft, the affects of combustion of liquid hydrogen on the noise pollution is not taken into
account.

Fan Noise Fan noise is predicted using an empirical method developed by Heidman [78] and is obtained by
summing up six contributors: inlet- and discharge broadband noise, inlet- and discharge rotor-stator inter-
action tones and inlet flow distortion tones. Broadband noise is caused by turbulence flow passing the fan
blades, rotor-stator interaction tones by lift variations on rotor or stator blades. The fan noise SPL is obtained
by converting the far field mean-square acoustic pressure computed by Equation 136 using Equation 137.
These equations are also valid for combustion noise and turbine noise. The acoustic power of all engine noise
sources, that is needed to compute the acoustic pressures, is summarized in Table 68. The sound spectrum
functions and the directivity of each noise component can be found in Table 67. The resulting sound spectrum
for a single engine is shown in Figure 66 for a distance between noise source and observer (rs) of 104.81m,
the distance used for certification of approach noise. The maximum fan noise SPL turned out to be 96.9dB.

〈p2fan〉∗ =
A∗Π∗

4π(r∗s)
2

D(θ)S(η)

(1−M∞ cos θ)4
(136) SPLfan = 10 log10〈p2fan〉∗ + 20 log10

ρ∞c
2
∞

Pref
(137)

Combustion Noise Combustion noise is predicted using an empirical method of Matta [77]. With a max-
imum SPL of 69.3dB, significantly less combustion noise is polluted compared to the other engine noise
sources.

Turbine Noise Turbine noise is predicted using an empirical method of the General Electric Company [79].
The maximum turbine noise SPL turned out to be 92.5dB.

Jet Noise Jet mixing noise, resulting from shock-free circular nozzles is predicted by a slightly different
empirical method [77]. The jet acoustic pressure and SPL are obtained by Equation 138 and Equation 139,
respectively. The spectrum shape is now contained in the parameter F, instead of S, and is a function of the
corrected Strouhal number Sc as defined in Equation 140. The analysis resulted in a maximum jet noise SPL
of 94.7dB.

〈p2jet〉∗ =
A∗jΠ

∗

4π(r∗s)
2

D(θ, V ∗j )

1−M∞
F (Sc, θ, V

∗
j , T

∗
j )

cos (θ − δ)

(V ∗j −M∞
V ∗j

)m(θ)
(138)

SPLjet = 10 log10〈p2jet〉∗ + 10 log10
ρ
2
∞c

4
∞

P 2
ref

(139) Sc =
f ∗ d∗j
ξV ∗j

(140)

Now the SPL of each engine component is derived, the total engine noise polluted can be computed using
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Equation 141. This turned out to be 99.0dB for a single engine and 101.7dB for both engines.

SPLtot = 10 log10

Ncomp∑
i=1

102PLi/10 (141)

Table 67: Spectrum function and relevant constants for various engine
noise components

Noise component Spectrum function S(η)
or F(Sc, θ, V ∗j , T ∗j )

K [−]
log10

D(θ)[−]

Fan

Inlet broadband 0.116e
−0.5[ ln(η/2.5)

ln(2.2)
]2 1.552E-4 -0.87

Inlet rotor-stator
∑nu

n=nl
S(n, i, j) 2.683E-4 -0.85

Inlet flow distortion 9
∑nu

n=nl
10−n 1.488E-4 -0.85

Discharge broadband same as inlet broadband 3.206E-4 -0.04
Discharge rotor-stator same as inlet rotor-stator 2.643E-4 -0.05
Combustor see empirical data in [77] 9.85E-7 -0.16
Turbine
Broadband see empirical data in [77]
Pure tone 0.6838 · 10−(n−1)/2 8.589E-5
Jet see empirical data in [77] 6.67E-5

Table 68: Acoustic power of various en-
gine noise components
Source Acoustic PowerΠ∗

Fan KG(i,j)(s∗)−a(k,l)M b
m(ṁ∗/A∗)·

(∆T ∗)2F (Mr,Mm)

Comb. K
ṁ∗i
A∗

(
T ∗j −T ∗i
T ∗i

)2
(p∗t,i)

2(∆T ∗des)
−4

Turbine K
(
h∗t,i−h∗s,j
h∗t,i

)a
(UT ∗)

b

Jet K(ρ∗j )
ω(V ∗j )8P

8.2.4 Airframe Noise
The polluted airframe noise is predicted using Fink’s empirical method [80]. This method only takes into
account themost dominant airframe noise sources as stated before, thereby neglecting for example the external
wing tanks mounted under the wing. The far-field mean-square pressure for the airframe components is
derived from Equation 142. Like for the jet noise component, the airframe noise spectrum is determined
by the Strouhal number at every 1/3 Octave Band central frequency, which is defined in Equation 143. In
this equation, L is the characteristics length of a particular airframe component. The acoustic power can be
described by Equation 144. The required inputs for computing both quantities are summarized in Table 69
and mostly taken from the designed wing and empennage planform. Finally, the SPL of each component is
calculated using Equation 137 and the total airframe noise is obtained by summing all the individual airframe
components using Equation 141. The airframe noise spectrum is shown in Figure 67.

〈p2air〉∗ =
A∗Π∗

4π(r∗s)
2

D(θ, φ)F (S)

(1−M∞ cos θ)4
(142) S =

fL

M∞c∞
(1−M∞ cos θ) (143) Π∗air = K(M∞)aG (144)

Table 69: Required input to compute the SPL of the airframe noise components
Spectrum function F(S) K [-] G a [-] DirectivityD(θ, φ)

Clean wing 0.613(10S)4
(

(10S)1.5 + 0.5
)−4

4.464E-5 0.37Aw
b2w

(
ρ∞M∞c∞Aw

µ∞bw

)−0.2
5 same as clean wing

Horizontal
tail same as clean wing 4.464E-5 0.37Ah

b2h

(
ρ∞M∞c∞Ah

µ∞bh

)−0.2(
bh
bw

)2
5 same as clean wing

Vertical tail same as clean wing 4.464E-5 0.37Av
b2v

(
ρ∞M∞c∞Av

µ∞bv

)−0.2(
bv
bv

)2
5 4 sin2 φ cos2 θ/2

Flaps


0.0480S, S < 2

216.49S−3, S > 20
0.1406S−3, else

 2.787E-4 Af
b2w

sin2 δf 6 3(sin δf cos θ+
cos δf sin θ cosφ)2

Nose wheels 13.59S2(12.5 + S2)−2.25 4.349E-4 n
(
d
bw

)2
6 3

2 sin2 θ

Nose struts 5.325S2(30 + S8)−1 2.753E-4
(
d
bw

)2
l
d 6 3

2 sin2 θ sin2 φ

Main wheels 0.0577S2(1 + 0.25S2)−1.5 3.414E-4 same as nose gear 6 same as nose gear
Main struts 1.280S3(1.06 + S2)−3 2.753E-4 same as nose gear 6 same as nose gear
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Figure 66: Single engine noise SPL spectrum Figure 67: Airframe noise SPL spectrum

8.2.5 Maximum Noise Levels
The above procedure can be repeated for different values of rs, the distance between noise source and observer.
Using the distances for certifying flyover, approach and lateral noise levels, allows for calculating maximum
noise levels. This is done by summing the engine noise and airframe noise using Equation 141 and checking
the maximum SPL for the central frequencies considered. The total noise spectrum is shown in Figure 68,
using the certification distance of approach noise. The resulting maximum noise levels are summarized in
Table 70.

Figure 68: Approach, flyover and lateral noise spectra
and stage-5 noise limits

Table 70: Maximum approach, flyover, lateral
and cumulative noise levels

Approach
noise

Flyover
noise

Lateral
noise

Cumulative
noise

limit 95 86 91 264 [dB]
RELIGHT 101 74 89 264 [dB]
CRJ700 93 83 89 265 [dB]

8.2.6 Noise Suppression
As stated in [77], the empirical data provided in the various methods do not include noise suppression con-
cepts, like acoustic lining, flow mixers and silencing nozzles. This could suppress jet, inlet and fan noise up
to 10dB and core and turbine noise even up to to 20dB. In addition, the noise generated by engine-airframe
and engine location interaction is not included, which could increase noise levels up to 2dB. From this, the
conclusion can be drawn that the overall noise footprint can potentially be decreased, if the design is adapted
towards these noise suppression concepts.

8.2.7 Verification and Validation
Throughout the noise analysis, the spectral output of each individual noise component is compared to the
noise spectra provided in [77]. In addition, the obtained SPLs are directly compared to one another. As
expected, engine noise dictates the total noise spectrum by showing higher SPLs compared to airframe noise.
Furthermore, fan and jet noise turned out to be the dominant engine noise components, as found in [81].
Finally, also the approach noise level was expected to be the highest, followed by lateral noise and flyover
noise. Hence, the code is verified. The code is validated by comparing the maximum approach noise levels
to the certification noise levels of reference aircraft [82]31. The maximum noise levels calculated stay within
certification noise levels found by the ICAO. Hence, the code is validated.

8.2.8 Compliance with Requirements
As becomes clear from Table 70, only the approach noise limit is exceeded. This would imply that the aircraft
would not fall into the ICAO stage-5 noise level category. However, as stated in Section 8.2.6, the applied
empirical methods do not include any noise suppression concepts, which are nowadays current industry stan-

31https://www.easa.europa.eu/domains/environment/easa-certification-noise-levels

https://www.easa.europa.eu/domains/environment/easa-certification-noise-levels
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dards. Therefore, the noise levels obtained have a great potential of improvement by the use of such concepts.
The resulting cumulative noise footprint shows only 1dB, or a 0.4%, difference w.r.t. the CRJ700. Thus
requirement SRA-STAKE-ENV-02 is not met without the use of noise suppression concepts. Finally, the
interior or cabin noise should be addressed. The CRJ700 has an interior noise level of 93dB at take-off and
a median noise level of 75-85dB during cruise [83]. The interior noise levels of RELIGHT are expected to
be comparable to the CRJ700, due to the low difference in cumulative noise footprint, although the actual
compliance with requirement SRA-PROD-PERF-11 should become clear from actual testing or a more so-
phisticated noise model. Concluding, the noise requirements show high potential of compliance with the use
of noise suppression concepts which should be analyzed with an even more detailed noise analysis.

8.3 Aircraft Operational Emissions
Evidently, the emissions aircraft produce during operation take up the largest portion of its environmental
footprint. Therefore, it is important to have an estimate for both RELIGHT and the reference aircraft, such
that comparison can be done. This should influence the main conclusion of this project as environmental sus-
tainability is the main driver. Before the analysis is Section 8.3.2 discussed first the requirement is presented
in Section 8.3.1.

8.3.1 Operational Emission Requirements
The stakeholder requirement for RELIGHT’s operational emissions is found in Table 71

Table 71: Requirements related to emissions
Requirement
Identifier Requirement Compliance

SRA-STAKE-
ENV-01.1

The operation of the aircraft shall result in an emissions reduction of at least
25% with respect to the reference aircraft, the Bombardier CRJ700 .

3

8.3.2 Operational Emissions Analysis
To estimate what the emissions of the aircraft are during operation, pollutants with large impact on the envi-
ronment are evaluated. These are, with respect to global warming, undoubtedly carbon-dioxide (CO2), water
(H2O) and nitrogen oxides (NOx). As each of these particles have a different impact on global warming,
they are represented by the Global Warming Potential (GWP). This factor depends on the amount of particles,
specific chemical properties and its light-absorption. Also, GWP is quantified to the emission of 1kg CO2,
to enhance relative comparison. Moreover, as shown in Figure 69, GWP varies with altitude. In the figure a
time span of 100 years is taken, i.e. the impact of the pollutants relative to what 1kg CO2 has over 100 years
[84].

Figure 69: GWP values per kg of pollutant varying with altitude, on a 100-year scale

As can be seen in the figure, NOx has little impact at low altitude, but increases massively near 10km. Its
impact is so large due to its interactionwith complex production and destruction rates of Ozone (O3) andCH4.
This production or destruction has different impacts on global warming per altitude [84]. Then, the emission
of water vapour is negligibly small below 10 km. Then, as altitude increases, water vapour is trapped in the
atmosphere and has direct radiative impact [85]. Therefore, it would be advantageous to fly below 10km.
However, the engine used is most efficient at 10km, and therefore this altitude is still chosen, as long as the
emissions with respect to kerosene can be reduced by at least 25%.
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Most certainly, aircraft emit a number of other pollutants as well. These include methane (CH4), dinitro-
gen oxide (N2O), unburned Hydrocarbons (UHC ′s), Black Carbon (C) and Carbon monoxide (CO). Even
though the GWP of for instance Black Carbon can be as high as 680 [86], 1kg of kerosene combustion only
emits 0.7 grams [20]. Therefore, when converted to kg of CO2-equivalent, its score is more than a factor 100
lower than CO2. This trend is also true for the other minor pollutants.

To relate the emissions of kerosene (Jet-A1) to hydrogen, and thereby the reference aircraft CRJ700 to RE-
LIGHT, a few steps are taken. Firstly, the mass of pollutants emitted per kg of fuel is taken, which is called
the Emission Index (EI). These masses are summarized in Table 72 [20].

Table 72: Emission Indices for pollutants from kerosene and hydrogen combustion
Pollutant EI Jet-A1 [-] EI H2 [-]
CO2 3.16 0
H20 1.24 1
NOx 0.02311 6.85e-7

These differences in emissions are the result of the very different combustion reactions with air [87]:

2C12H26(l) + 37{O2(g) + 3.76N2(g)} → 24CO2(g) + 26H2O + 139.12N2(g) (145)

2H2(g) + {O2(g) + 3.76N2(g)} → 2H2O + 3.76N2 (146)

The above equations are the theoretical ideal equations, called stoichiometric. In reality, kerosene does not
consist of only dodecane, but other hydrocarbons with slightly different compositions as well. Consequently
these reactions produce side products, such asNOx and soot, depending on the fuel-to-air ratio. The fuel-to-
air ratio denotes the fuel and air amounts in the combustion chamber, and (f/a) is usually expressed as the
equivalence ratio φ, where f/a is divided by the stoichiometric f/a. For kerosene combustion φ is usually
around 0.5, meaning there is more air than fuel: a ’lean’ mixture. Around this φ the least pollutants are
emitted. The pollutant masses for Jet-A1 fuel in Table 72 are the minimum for what is emitted in kerosene
combustion [20]. Obtaining the hydrogen combustion pollutant masses is a bit more extensive. First of all, the
combustion of hydrogen produces no CO2, as can be seen in Equation 146. However water vapour is emitted
and under non-ideal conditions NOx is emitted as well. The emission of NOx depends on the combustion
chamber characteristics as described by the empirical Equation 147 [88]. Where:

EINOx = A′(P3)
0.594exp(T3/350)(f/a)1.6876(100Pdrop)

−0.56 (147)

• A′ is the correlation constant with Jet-A1 combustors (14 for advanced lean-direct-injection technol-
ogy)
• P3 is the fuel injector inlet pressure
• T3 is the fuel injector inlet temperature
• Pdrop is the percentual fuel injector air flow pressure drop

Now that the emission indices are obtained, Equation 148 is used to obtain a measure of the CF. As such,
RELIGHT can be compared with the CRJ700 in terms of operational emissions.

CF

[
kg CO2 − eq
pax · km

]
=
∑
p

EIp · F ·GWPp
Npax ·Rdesign

(148)

Table 73: Results of CF analysis for A/C operations
CF Units

RELIGHT 0.01956 kg CO2-eq/(pax km)
Bombardier CRJ700 0.08769 kg CO2-eq/(pax km)

Note how, in Equation 148 the mass equivalent CO2 is divided by the amount of passenger kilometers, to
account for a difference in these numbers.The subscript p is used for the different pollutants. EI is the
Environmental Index and F the fuel use. The results are summarized in Table 73.
As such, for the design range of 2000km and 75 passengers, compared to the CRJ700 with 2593km design
range and 78 passengers, RELIGHT has a 77.69% lower Carbon Footprint.
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8.3.3 Verification and Validation
For analysis of the operational emissions, the input parameters that were needed regard mainly the the flying
altitude and the fuel used. So, if one alters one of these parameters, it is expected that the emissions change
accordingly. For instance, when the fuel use is doubled, the Carbon Footprint is twice as high. Also when the
cruise altitude is changed to for instance 5km, almost no pollutants should be emitted according to Figure 69.
As expected, the CF is only 7.2E-7. Therefore this part of the code is verified. Also, the emissions are related
to passenger kilometers, which allows for relative comparison between different mission characteristics and
hence different aircraft. For instance, an aircraft with the same fuel use but less passengers should have a
lower CF. Indeed, 50% reduction in passengers results in a 50% larger CF. Therefore this is also verified.
Lastly, the emission indices are well-established in literature, and hence no verification for those is needed.

8.3.4 Compliance with Requirements
Evidently, as Table 73 shows, the CF of RELIGHT is substantially lower than the reference aircraft, the
Bombardier CRJ700. The requirement (SRA-STAKE-ENV-01.1) was to at least obtain a reduction of 25%.
This is fulfilled most certainly with a reduction of about 78%, even though only emissions from flying the
aircraft are included. When emissions from the production of fuel are included as well, the operational carbon
footprint would change depending on hydrogen production. If hydrogen is assumed to be produced from green
energy and H2O, this would add to the overall performance compared to kerosene refinery.

8.4 Cost Performance
The aviation sector has shown significant growth, and appears to continue to do so. Over the next two decades
approximately 450 new regional aircraft are to be shipped out to airlines and other purchasers32. According to
the reference this would consist of approximately 360 billion dollars, averaging at 18 billion a year. Especially
economic development in many countries and increasing wealth are driving the growth in the market. This
growth is currently strongest in regions historically lagging behind in the aviation industry, such as Africa and
South America. However there is a clear relationship between economic wealth and passenger-kilometers33.
As already mentioned in Section 2, RELIGHT especially aims to target these regions, hoping to establish
themselves as a trusted manufacturer. In order to do so the aircraft needs to be attractive economically.
The following section describes the performance of the aircraft with respect to development, manufacturing
and operational costs, as well as highlighting the potential for return on investment and the general market
situation. The section concludes by tying the cost performance back to the requirements that were set to
ensure competitiveness and how they have been achieved.

8.4.1 Cost Breakdown Structure
The following section shows an estimated breakdown of both the development and manufacturing cost, based
onmaximum take-offweight and statistical analysis of the industry. A quintessential step in the design process
of an aircraft is the estimation and prediction of the total cost of the development. A preliminary estimate on
the total cost of the aircraft program -that is to say without knowing the exact masses of each subsystem or part
of the aircraft- will be given in Section 8.4.1. Estimating both the development cost and the manufacturing
cost is important because a low development cost will result in higher profits. Since RELIGHT takes a novel
approach to the propulsion system configuration, development costs can be a difficult to predict. Estimating
the expected manufacturing costs is also critical as it allows to put a more realistic pricetag on the aircraft,
allowing for changes to bemade in time to ensure that the aircraft will be competitivewith comparable designs.
Ideally this price would be reduced as much as possible as this would translate into a lower purchasing price,
higher demand and ultimately higher profits and quicker return on investment.

Aircraft Program Development Cost Estimate The total cost of the development of an aircraft program
can be estimated based on the mass fractions of parts of the aircraft relative to the OEW. The estimated mass
fractions are shown in Figure 70 [89]34. With the use of historical data and existing aircraft [90] [1], the mass
fractions were established. Previously, the OEW of the Hybrid Hydrogen Concept was estimated to be equal
to 21370kg [4].

32https://www.cleansky.eu/regional-aircraft
33https://www.fzt.haw-hamburg.de/pers/Scholz/dglr/hh/text_2001_12_06_Cryoplane.pdf
34https://core.ac.uk/download/pdf/4384841.pdf

https://www.cleansky.eu/regional-aircraft
https://www.fzt.haw-hamburg.de/pers/Scholz/dglr/hh/text_2001_12_06_Cryoplane.pdf
https://core.ac.uk/download/pdf/4384841.pdf
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Figure 70: Estimated mass fractions based
on OEW

Table 74: Development cost of individual parts of the aircraft

Part Mass Cost
[US$ / kg]

Total Estimated
Cost [US$]

Wing 4915.0 39090.2 192,132,220
Empennage 641.1 114984.4 73,716,493
Fuselage 4915.1 70753.0 347,758,127
Landing
Gear 1709.6 5509.4 9,418,796

Installed
Engines 3846.6 19160.4 73,716,493

Systems 1068.5 75634.0 80,814,982
Payloads 4274.0 23728.4 50,707,532
Total 21370 - 878,958,042

The development cost of each aircraft part, in American Dollars per pound, has been obtained from the same
source and are, after a unit conversion has been applied, tabulated in Table 74. Note that in Figure 70 the
payload and systems have been combined in one group; it is assumed that 20% and 5% are taken as mass
fraction for payload and systems respectively. The total estimated development cost based on this estimation
is 878,958,042 US$.

In order to check whether the obtained cost estimate is reasonable, it is validated against already developed
aircraft. The total cost of the development of the Bombardier Challenger 600 series was roughly 1.1b US$
at the time 35. Bombardier developed, based on the challenger series design, the CRJ100 and 200 series.
In turn, the CRJ700 reference aircraft has been developed based on the CRJ200, costing an additional 450
million US$. When comparing the preliminary estimate of the Hybrid Hydrogen Concept development cost
with these values, it is concluded that the slightly less than nine hundred million dollar aircraft program is
estimated within reason.

Aircraft Manufacturing Cost Estimate An estimation of the expected manufacturing cost is made by deter-
mining the cost per kg for each separate subsystem or part of the aircraft from literature [89], identifying the
masses of each aircraft part based on their mass fraction with respect to OEW, as has been done in Section 7.2,
and lastly the cost per part is obtained by multiplication of the former two.

Table 75: Manufacturing Cost Estimation

Part Cost per kg [US$ / kg] Mass
[kg] Part Cost [US$]

Wing 1984.2 4915.0 9,752,355
Empennage 5139.0 641.1 3,294,600
Fuselage 2131.9 4915.1 10,478,363

Landing Gear 487.2 1709.6 832,955
Installed Engines 824.5 3846.6 3,171,635

Systems 996.5 1068.5 1,064,750
Payload 1243.4 4274 5,314,326

Final Assembly 143,3 21370 3,062,334
Total - 21370 36,971,317

In Table 75 the total estimated manufacturing cost of RELIGHT is given, which approximately equals 37
million US$. Furthermore, this estimate is in compliance with requirement SRA-PROD-PERF-19 [3]36, and
therefore is suited as a preliminary estimate. With increased production numbers the cost of manufacture will
further decrease, this can be modeled by applying a learning rate model, which might be considered for future
analysis.

35https://en.wikipedia.org/wiki/Bombardier_Challenger_600_series
36Requirement SRA-PROD-PERF-19: The unit-production costs shall not surpass 44.4 million US$

https://en.wikipedia.org/wiki/Bombardier_Challenger_600_series
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8.4.2 Return on Investment
In order to assess the amount of time it would take for an airline to make the return on investment for an aircraft
like this it is necessary to evaluate several parameters to be able to compare them to relevant competitors. This
section will first evaluate operational cost, specifically fuel cost and fuel consumption, Block Time and related
parameters and finally assess how many flights an aircraft would need to make to generate sufficient profit for
a return on investment.

Operational Costs The main downside of using hydrogen, in terms of operational costs, correspond to the
large tank volume and the increase in wetted area and therefore drag. Flying hydrogen can increase the
operational empty weight of an aircraft by 8% [91] however in this current design configuration no increase
in weight has been realized. Therefore the main difference in operational costs result from the difference in
fuel burnt, as well as the range and the amount of passengers delivered.

Block Time The block time is total trip time including taxiing, boarding and refueling. It can be described
by the following equation:

EB =
R

Vcruise
+∆t (149)

Table 76: Blocking time for a field operations time of one hour
Parameter RELIGHT CRJ700
Design Range [km] 2000 2553
Cruise Speed [km/h] 797 829
Block Time [h] 3.51 4.1

Where R is the range and ∆t the time required for field operations. A functional hydrogen infrastructure
would not increase refueling time in comparison to kerosene based aircraft [27]. Therefore the difference in
blocking time to the reference aircraft CRJ700 only arise out of differences in range and cruise speed. Setting
the time required for field operations to 60 minutes one can calculate the following values for both aircraft.
This means that the CRJ700 series has a 13% higher transport productivity. The transport productivity is
defined as:

Ph =
WpayloadR

EB
(150)

Table 77: Transport Productivity
Parameter RELIGHT CRJ700
Range [km] 2000 2553
Block Time [h] 3.51 4.1
Transport Productivity [kgkm/h] 4554159 5139624

Fuel Burn Since RELIGHT utilizes a different propulsion system, fuel burn and cost need to be taken into
account when assessing the operational costs of the aircraft. The design uses hydrogen as a main fuel source
and burns 0.1kg/s at full take-off throttle. This is equivalent to 360kg per hour. Taking the General Electric
CF34 turbofan engine as a reference engine for the CRJ700, one finds a fuel burn of 0.361kg/s or 1300kg/h37.

The price of hydrogen is approximately 1.70$ per kilogram whilst the price of kerosene is about 0.56$ per
kilogram [91]38. This means that the operating costs for the design are 612$ per hour whilst the CRJ700
series requires fuel worth 728$ per hour. Therefore the price to fly with hydrogen in the current configuration
is only 84% of what it would cost to fly the CRJ700 series. The hydrogen design therefore readily makes up
for the reduced transport productivity.

Return on Investment Currently the amount of fully hydrogen powered aircraft in operation is very small.
Therefore RELIGHT will have a unique value proposition with respect to the competition. In order to meet
global demand and keep the aviation industry growing in the future, solutions need to be found that on one
hand offer service to the demand for greener and more environmentally sustainable air travel and on the other
hand detach the industries dependence on fossil fuels, that will likely begin to run out within this century. Hy-
drogen produces zero emissions, when generated with green electricity sources and water is readily available
everywhere. Currently only small hydrogen powered passenger aircraft are being developed, therefore there

37https://link.springer.com/content/pdf/bbm%3A978-1-4614-3532-7%2F1.pdf
38https://www.fzt.haw-hamburg.de/pers/Scholz/GF/GF_Paper_DLRK_09-09-08.pdf

https://link.springer.com/content/pdf/bbm%3A978-1-4614-3532-7%2F1.pdf
 https://www.fzt.haw-hamburg.de/pers/Scholz/GF/GF_Paper_DLRK_09-09-08.pdf
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is no real competitor using this type of propulsion system39 many other projects remain in the project analysis
and feasibility stages. It seems that the lack of infrastructure is restraining manufacturers and designers from
moving forward with such projects. Should airports adopt hydrogen infrastructure, RELIGHT is going to be
ready to service it, being the first on the market.

Fuel costs amount to roughly 8% of total operating cost. Decreasing the fuel cost by 16% therefore decreases
the total operating cost of RELIGHT by about 1.3%. This could either directly translate into the ticket price,
giving the airline a competitive edge, or be used to pay-off the cost of investment. Assuming a block hour cost
of roughly 1500 US$ for the CRJ700 and 1481 US$ for RELIGHT, a ticket price of 100 US$ per passenger
per flight, at 3 flights per day (12.1 and 10.5 block hours respectively) results in a daily profit of 18150 US$
for a CRJ700 and 15551 US$ for RELIGHT. The performance is summarized in Figure 71. This equates
to roughly 6.6 and 5.7 million US$ profit a year. Taking a unit cost of 37 million US$, but a sales cost of
41 million US$ means the return on investment of RELIGHT can be achieved in roughly 7 years assuming
continuous utilization at the cost per block hour and the ticket price assumed. Due to the increased unit cost
of the CRJ700 at 41 million US$, the reference aircraft itself would only take roughly 3 months less to pay
off, under the same circumstances. A sales cost of 41 million would also ensure a return on investment for
the project development cost after 220 deliveries.

Figure 71: Fuel cost, fuel cost per passenger kilometer and block hour cost per passenger kilometer compared
between Bombardier CRJ700 series and Relight aircraft design

Considering the fact that the cost of fossil fuels will likely increase this century, due to decreasing supply, the
full hydrogen propulsion design might end up significantly more economical.

39https://www.theverge.com/2019/8/14/20804257/zeroavia-hydrogen-airplane-electric-flight

https://www.theverge.com/2019/8/14/20804257/zeroavia-hydrogen-airplane-electric-flight
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8.4.3 Compliance with Requirements

Table 78: Cost requirements
Requirement Identi-
fier

Requirement Compliance

SRA-STAKE-AL-05 Operation & Maintenance costs of the aircraft shall not increase
more than 25% with respect to the reference aircraft, the Bom-
bardier CRJ700.

3

SRA-STAKE-AL-07 Purchase costs of the aircraft shall not increase by more than 25%
with respect to the reference aircraft, the Bombardier CRJ700 se-
ries.

3

SRA-STAKE-AL-03 The aircraft shall have similar flight crew cost with respect to the
reference aircraft, the Bombardier CRJ700 series.

3/ 7

SRA-STAKE-AL-04 The aircraft shall have a similar cabin crew cost with respect to
the reference aircraft, the Bombardier CRJ700 series.

3/ 7

SRA-STAKE-AL-06 Airport taxes per passenger shall be similar for the aircraft with
respect to the reference aircraft, the Bombardier CRJ700 series.

3/ 7

SRA-PROD-PERF-19 The unit-production costs shall not surpass 44.4 million US$
3

Table 78 gives an overview over the requirements generated in [3]. These were based on direct comparison
with the reference aircraft. RELIGHT retainedmany conventional features in its configuration. This was done
intentionally to ensure that no extensive increases in cost would surface for maintenance, flight control and
crew demand. Despite the hydrogen propulsion system the engines remain comparable in their construction,
to other high bypass ratio turbofans. One of the main challenges is the inspection and maintenance of the aft
fuel tank. Due to the cryogenic nature of the fuel additional stresses maybe introduced due to the temperature
gradients. The liners for permeation prevention may need to be exchanged periodically and this will cause and
increase in maintenance costs. With respect to the operational aspect of the SRA-STAKE-AL-05 stakeholder
requirement it has been shown in the previous section the requirement is met. The unit production cost
requirement SRA-PROD-PERF-19, aiming to keep the aircraft competitive economically is also expected to
be fulfilled as can be seen by the cost breakdown structure in Section 8.4.

8.5 Aircraft Sustainability
The foregoing sections about noise, emissions and cost contain, respectively, quantification of part of the
social, environmental and economical sustainability. To add to this and obtain a stronger baseline for sus-
tainability, two other footprints have been analyzed as well: the Water Footprint (WF) and the Air Pollution
Footprint (APF).

8.5.1 Requirements
Table 79 shows the requirements that remain for sustainability.

Table 79: Requirements related to emissions
Requirement Identi-
fier

Requirement Compliance

SRA-STAKE-ENV-
01.0

The aircraft program shall have a minimum of 25% percent lower
environmental footprint w.r.t. the Bombardier CRJ700 series.

3

SRA-STAKE-EOL-01 Serviceable subsystems shall be able to be re-used in operational
airframes.

3/ 7

SRA-STAKE-EOL-02 Materials of the airframe shall be recyclable. 3/ 7
SRA-STAKE-ENV-
01.2

The disposal of the aircraft after service life shall have a 25%
reduction in environmental footprint with respect to the disposal
of the reference aircraft, the Bombardier CRJ700.

7

8.5.2 Footprint Analysis
The two additional footprints are the Water Footprint and the Air Pollution Footprint (Section 8.5.2 and
Table 8.5.2. After that, in Section 8.5.3, other aspects of sustainability are touched upon even if they are not
quantified in this project.
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Water Footprint TheWFmainly represents the amount ofH2O used in fuel production. Evidently, hydrogen
is to be produced fromH2O and green energy, which has impact on fresh water supplies. However, kerosene
production also usesH2Owhich allows for comparison. Even though water is widely available, it is important
to analyze.
The production of 1 liter of Jet-A1 fuel requires about 0.09 liters water [22], and is thereby one of the least
water consuming fossil fuels. In contrast, the production of 1 liter hydrogen, assuming no losses, requires
about 0.0012 liters of water per liter of gaseous H2, which translates to 0.08866 liters of water per liter of
LH2 [92]. Relating this to passenger kilometers, such that the CRJ700 and RELIGHT can be compared,
RELIGHT needs 31.3% more H2O as feedstock for fuel production. The results can be seen in Table 80.

Table 80: Results from the water footprint analysis
WF [m3 H2O / (pax km)]

RELIGHT 5.91e-7
Bombardier CRJ700 4.50e-7

Air Pollution Footprint Air pollution is expressed as the amount of pollutants that have impact on human
health, and hence is part of the social footprint of RELIGHT. The main pollutant emitted from kerosene
combustion that indirect effects on human health is NOx. NOx influences the formation of O3, which has
effects on human health. Kerosene combustion also results in Particulate Matter (PM2.5) formation, which
are very tiny particles such as soot. These are very damaging to human health and emission of it should be
avoided [93]40. Hence, it is analyzed in what amount these emissions result from hydrogen as well. Hydrogen
combustion produces no particulate matter directly as it is a zero carbon fuel [94]. However, NOx emission
has influence on the formation of PM2.5 formation [95], which is not included in the analysis. The results
are summarized in Table 81.

Table 81: Results from the air pollution footprint analysis
APF [kgCO2 − eq/(paxkm)]

RELIGHT 0.0277
Bombardier CRJ700 0.0894

8.5.3 Other Sustainability Aspects
Since not all requirements have been touched upon concerning sustainability, they are discussed in this section.
These requirements are SRA-STAKE-EOL-01, SRA-STAKE-EOL-02 and SRA-STAKE-ENV-01.2.

Production The overall design follows that of a conventional aircraft closely, meaning the production meth-
ods and techniques used are similar. This means that the emissions during production are similar in magni-
tude. To reduce them the use of recycled material. The higher the complexity of a part the higher the impact
on emissions as more time and resources need to be spent, thus increasing waste generated. For example, the
winding of the hydrogen tank, a small defect can lead to the whole part needing replacement.

End-of-Life The end-of-life handling of the aircraft still needs to be incorporated into the design. The waste
that remains after the aircraft has been retired should be as limited as possible. The structure of the aircraft is
made of metal. This allow for great recycling potential, as metals can be sorted, purified, melted and reshaped
again with no loss of performance. However, the hydrogen tanks are of Carbon Fiber Reinforced Polymers
(CFRP), which are almost non-recyclable. Also, seating materials and plastics are not very applicable for
recycling.
Furthermore, as the different aircraft from the model use the same parts, some parts can be reused after they
are refurbished from the retired aircraft. That way spare part cost can be reduced also reducing the resourced
needed for new parts being produced. This can be done for the flight instruments, fuel pumps, hydraulic
system and auxiliary fuel tanks after sufficient tests are performed to ensure the safety and reliability of the
parts. Since recycling of the hydrogen tanks is difficult due to the composite used, they should be made
applicable for reuse in new aircraft.

Recommended Analyses Firstly, a more extensive analysis on production and manufacturing should be done
in terms of emissions. Also, in terms of recyclability, mainly because of the tank materials, RELIGHT
will score a little worse than the reference, but more extensive analysis is needed to quantify this. Also

40https://www.epa.gov/pm-pollution/health-and-environmental-effects-particulate-matter-pm

https://www.epa.gov/pm-pollution/health-and-environmental-effects-particulate-matter-pm
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quantification is needed on reuse and refurbishment of subsystems. It is also recommended to research how
the emission of NOx from hydrogen combustion has an effect on PM2.5 formation, even though not much
NOx is emitted.

8.5.4 Compliance with Requirements and Overall Sustainability
The aforegoing sections have, starting in Section 8.2, made estimations for footprints of environmental, eco-
nomical and social sustainability. Compliance is obtained with the following requirements: SRA-STAKE-
ENV-01.0, SRA-STAKE-ENV-01.1, SRA-STAKE-AL-05, SRA-STAKE-AL-07, SRA-PROD-PERF-11. Not
all aspects, such as recyclability, could be quantified and therefore the following requirements are not met in
this project: SRA-STAKE-ENV-01.2, SRA-STAKE-ENV-02, SRA-PROD-PERF-10, SRA-STAKE-EOL-
01, SRA-STAKE-EOL-02. The result for sustainability is presented in Figure 72. For all categories from
left to right holds; the lower the score, the better (except for the profit per year). All footprints are related
to passenger kilometers, such that a fair comparison with reference aircraft is possible. Note how a division
between the three pillars of sustainability is made. Also, note how the scores of RELIGHT for each footprint-
/category are compared on a 0-1 scale with the reference aircraft, the Bombardier CRJ700. Footprints that
do not meet the requirements, are highlighted in red.

Figure 72: Sustainability comparison between RELIGHT and the Bombardier CRJ700
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9 Future Aircraft Development
The design activities performed throughout the DSE merely cover the conceptual phase of the complete air-
craft design process. This chapter describes all the steps and processes that will have to be done in order to
actually get RELIGHT moving passengers through the skies. These processes can be split in three main cat-
egories: design completion in Section 9.1, aircraft testing in Section 9.2 and series production in Section 9.3.
Once the aircraft is tested and deemed airworthy, it can enter series production and be shipped to customers.
A risk analysis and a mitigation plan for the entire post-DSE process are provided in Section 9.5.

9.1 Continuation of Aircraft Development
RELIGHT is expected to enter service in 2036 at the latest. This is an extremely conservative estimate, and
the aircraft is likely to be ready much sooner. Since the aircraft is not based on any pre-existing airframe
and brand new hydrogen-based subsystem have to be designed, the development cycle is expected to last
about 10 years. In the first three years of design the main aircraft aerodynamic, structural, control and system
interaction analysis will be defined in order to meet all the performance requirements. In the following five
years the details of the aircraft will be optimized to the highest possible degree. All structural elements such
as ribs, rivets, cutouts etc. will be sized with accuracy and systems such as electronics, hydraulic actuators,
landing gears and HLDs will be designed thoroughly. Before production can finally start, the manufacturing
and production plan will have to be revised to fit all the needs of the finalized design. Once this is done and
the aircraft is ready for production, a final assessment of the cost and emissions will be made. The timeline
of this complete design process is detailed in Figure 9.4.

9.2 Aircraft Testing Procedures
After the design is finalized, a small number of prototypes will have to be built and tested to ensure airwor-
thiness. The test program is based on Airbus’ testing program [96]41. The first series of tests includes all
on-the-ground tests. These include testing the resistance of the aircraft structures and the effectiveness of
control surfaces at maximum load conditions, ensuring sufficient fatigue performance by putting the aircraft
through an amount of fatigue cycles higher than what it will go through in its operational lifetime. It is also
crucial to test extensively for all risks related to the implementation of hydrogen. Insulation tests and fatigue
cycling must be done on the tank to make sure it can handle the pressure and temperature stresses. The same
goes for the engine feeding system and the hydrogen pumps on the ground. Also, engine ingestion are per-
formed at this stage. Once the worthiness of the airframe has been verified the flight tests can begin. These
tests will put the prototype aircraft against the most varied and critical situations it may encounter during its
operational lifetime. The aircraft will be tested to operate from/to airports with particular climatic and altitude
conditions. After all the tests have been carried out, the results are reviewed critically to see if the aircraft is
failing to meet any requirements. Once the aircraft passes all scheduled tests, certifications are issued and se-
ries production can begin. The testing process, including construction of the prototype(s), is expected to take
about 5 years, and its timeline is specified in Figure 9.4. The testing procedures taking so long are explained
by having to integrate an entirely new technology in the commercial aviation sector, namely hydrogen.

41https://www.airbus.com/aircraft/how-is-an-aircraft-built/test-programme-and-certification.html

https://www.airbus.com/aircraft/how-is-an-aircraft-built/test-programme-and-certification.html
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9.3 Manufacturing, Assembly and Integration (MAI) Plan

Table 82: Production requirements
Requirement Identi-
fier

Requirement Compliance

SRA-STAKE-MNF-
02

The manufacturing process shall follow the lean manufacturing
methodology.

3

SRA-STAKE-MNF-
04

The manufacturing process shall not require the creation of com-
ponents with a TRL of 4 or below.

3

SRA-STAKE-MNF-
01

The emissions from the manufacturing process shall be at least
25% lower than those of the Bombardier CRJ700 series.

3/ 7

SRA-STAKE-ENV-
01.3

The production of the aircraft shall have a 25% smaller environ-
mental footprint with respect to the reference aircraft, the Bom-
bardier CRJ700.

3

SRA-STAKE-MNF-
03

The throughput time for the production of a single unit shall not
exceed six months.

3

The production plan is displayed in Figure 73. The production plan starts with the manufacturing and procure-
ment of parts. As is standard in the industry, individual workshops produce all single parts and components
which will then be joined along an assembly line. Separate sub-assembly lines for subcomponents will as-
semble components from the workshop and then join the main assembly line where these subcomponents
will be attached to the airframe. Since the different sub-assemblies work on independent parts they can be
run in parallel to save time. Orders for parts from external suppliers, such as engines and the avionics suite,
will be made as soon as series production begins. The final step in the main assembly is to paint the aircraft
and this leads integration the final phase of the aircraft assembly plan. During integration the systems dis-
played in Figure 73 are connected and checks are performed to ensure aircraft functionality before it is sent
to testing in case of a prototype or delivered to the customer in case series production has started. According
to requirement SRA-STAKE-MNF-03, the total production time for a single unit (once production has been
set up and started) will be at most six months and the time frame of each action is shown in Figure 9.4 The
production process of RELIGHT will follow the principles of lean production as much as possible. This
means that waste of energy and resources is reduced to a minimum by adopting several measures. Some of
these measures are making sure that the part production workshops are as physically close as possible to the
assembly chain, Just-in-Time (JIT) delivery to minimize storage costs and load leveling to avoid bottlenecks
in the assembly process.
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Figure 73: Overview of manufacturing/production/integration process

9.4 Overview of Post-DSE Activities
An overview of all the activities mentioned in Section 9 is shown in Figure 74.

Figure 74: High-level flow chart of post-DSE activities
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9.5 Technical Risks in the Post-DSE Phase
As for all phases of the RELIGHT program, a technical risk analysis has been performed and a mitigation
plan has been devised for the future of the project.

9.6 Risk analysis
The sources of risk for the upcoming phases of the RELIGHT program have been investigated and compiled in
the following table. The risks are assessed for all elements of post-DSE development, from the continuation of
the design to series production. The risk identifier enumeration starts fromRISK_39, earlier risk identifiers
correspond to the risks identified in the preliminary stages of the project and design.

Table 83: Technical Risk Assessment
Identifier Risk Drivers Consequences Likelih. Impact
RISK_39 Propulsion pro-

duced reduced/in-
creased

The assumed efficiency
losses are either too
large or too small for the
propulsion system

Redesign of system 2 3

RISK_40 The stresses are
higher than antici-
pated

Temperature management
of cryogenic hydrogen

The fact that the thermo-
dynamic model does not
represent reality must be
accepted

3 3

RISK_41 The environmental
impact larger than
anticipated

Increased production of
contrails

The sustainability perfor-
mance is lower

2 1

RISK_42 Subsystem is heav-
ier than anticipated

Class II weight estimation
of aircraft

Snowball Effect,Stability
Issues / Center of grav-
ity is not within allowable
range

3 4

RISK_43 Reduction of
aerodynamic per-
formance larger
than anticipated,
increased drag,
decreased lift

Wing twist more rotational rigidity
required, increased in
structural weight

2 3

RISK_44 The aircraft does
not meet the newly
drafted safety re-
quirements during
testing

Not established hydrogen
aircraft requirements.

Redesign must be done,
delays in certification is-
suing

2 4

RISK_45 The workers go on
strike

Worker demands not met Temporary delay in pro-
duction and assembly

2 2

RISK_46 Raw material/em-
ployee wage price
fluctuations

Economic downturn Cost increase and can lead
to strikes

2 4
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Identifier Risk Drivers Consequences Likelih. Impact
RISK_47 Hydrogen energy

cost not decreased
Hyrogen as alternative
fuel loses popularity in
funding

Emissions not reduced
and value proposition
massively decreased.

2 5

RISK_48 Bottlenecks in
assembly process/
Excessive storage
time for completed
parts/subassem-
blies

Discrepancy in time taken
to perform different steps
of the production process

Increased storage costs
and delays in production

2 3

RISK_49 certification de-
lays/not certifiable

propulsion too compli-
cated

delays and cost increase
or possible termination of
current propulsion system
if certification is not pos-
sible

2 4

RISK_50 Market difficulties higher operational cost
w.r.t to current com-
petitors, and ground
operations limitations

Decrease in overall sales
of the aircraft, due to lack
of competitiveness

3 3

The table of risks above is summarized in a risk matrix below. The risk matrix shows the the unmitigated
risks, after this plans will be made to mitigate as many risks as possible with the goal to lower their likelihood
and impact as much as possible.

Figure 75: Unmitigated risk matrix

9.6.1 Mitigation Plan
The probability and/or severity of the risk events needs to be lowered as much as possible. To this end, the
following mitigation plan has been devised. Some risks are accepted as is since it would not be physically or
economically possible to mitigate them.

Table 84: Mitigation Plan
Identifier Mitigate Explanation
RISK_39 Accept The true losses are estimated and uncertainty that comes along with that much

just be accepted
RISK_40 Accept The risk must be accepted that there is a deviation between the thermodynamic

model and reality.
RISK_42 Treat Sensitivity analysis performed to quantify the amount of change introduced if

subsystems have a variant in mass and to ensure is acceptable.
RISK_43 Treat Set a strict angle of twist to reduce the adverse effects
RISK_44 Accept .
RISK_45 Accept .
RISK_46 Treat Set up contracting pinning prices with suppliers on raw materials, passing the

risk onto the suppliers and avoid being affected by material price fluctuations.
RISK_47 Accept .
RISK_48 Treat Make a production plan to reduce the level of bottlenecking in the production

line.
RISK_49 Accept .
RISK_50 Treat Investigate government subsidies, due to pollution reduction, to make the prod-

uct economically more competitive with their kerosene counterparts.
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Now that the mitigation plan is made the reduction in likelihood and impact is shown in the mitigated risk
matrix.

Figure 76: Mitigated risk matrix

Finally a contingency plan is made that covers what plan of action to take if a risk is fulfilled.

Table 85: Contingency planning
Identifier Contingency plan
RISK_39 Reassess the feasibility of the design with the new changes.
RISK_40 Same contingency plan as Risk_39
RISK_41 The pollution of the contrails is larger that anticipated a reassessment of the

sustainability of the aircraft is made.
RISK_45 Set up emergency meeting to to expedite a response plan to appease workers
RISK_47 Reevaluate project viability.

9.7 Risk Mitigation during Design
There are several risks that have been taken care off during the design phase of the aircraft.

Table 86: Contingency planning
Identifier Contingency plan
RISK_11 Noise compliance we are well below current noise regulations reducing the

likelihood of the risk to very unlikely.
RISK_21 The risk to stability due to the tank was solved through the use of podded tanks.

Likewise the risk of the fuselage size increasing due to the tank size increase
was removed through the means of the podded tanks.

RISK_34 Eliminated by using a full metal aircraft (aluminum) the risk of poor recycla-
bility and re-usability is gone since this only applied to certain composites. It
also makes the aircraft more sustainable from a production point of view.
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10 Conclusion and Recommendations
The inspiration and objective of the RELIGHT is to provide a sustainable solution to the growing regional
flight market. Every single decision that was made during the design process of the aircraft was made to fit
that need while keeping the aircraft competitive from an economic point of view.

RELIGHT’s superior environmental performance stems from a number of design choices, of which the one
with the biggest effect is the use of hydrogen as fuel. Compared to other green fuel options such as biofuels,
hydrogen has the advantage of no emissions for CO2 and minimal emissions for NOx. The high wing con-
figuration allows for ultra-high bypass ratio turbofans, which have been adapted to work with hydrogen. The
wing structure has been designed to use the added weight due to the engines and the wing-mounted tanks
to relieve the load caused by the lift, leading to a lighter overall weight. The performance in sustainability
during operations have been quantified by the Water Footprint and Air Pollution Footprint. RELIGHT has a
31.3% higher WF than the CRJ700 due to the higher amount of feedstock needed for fuel production. How-
ever, the APF is a staggering 69 % lower compared to the CRJ700. While sustainability during operations
is paramount, RELIGHT has been designed under the philosophy that emissions and cost for production and
end-of-life. That is why materials have been chosen taking into consideration ease of manufacturing and ease
of disposal after end-of-life. Furthermore, the aircraft meets all ICAO stage 5 noise requirements, providing
a reasonable upper bound to noise pollution.

All these innovations and improvements in performance lead to an aircraft which is capable of fulfilling its’
mission of carrying 75 passengers over 2000 km with extremely low emissions while also being cheaper than
the reference competition aircraft, the Bombardier CRJ700, at $37 million vs. $41 million per unit cost.
According to the post-DSE development and production schedule, the first commercial RELIGHT aircraft
is expected to enter service in late 2036. The development stage is expected to take approximately 10 years
while the rigorous testing program will take about 5 years. Finally, the throughput time per unit once series
production has begun will be six months.

Table 87: General aircraft performance parameters
Cruise Mach 0.74
Cruise altitude 11000 m
Take-off distance - sea level 1037 m
Landing distance - sea level 1049 m
Design range 2000 km

Table 88: General aircraft characteristics
Capacity 75 passengers
Crew 4 (2 cabin + 2 pilots)
Payload 7975.0 kg
Max fuel 1833.0
OEM 18275.6 kg
MTOM 28083 kg
Total length 28.0 m
Aspect Ratio 8.0
Wing span 22.32 m
Wing area 62.25m
Fuselage diameter 3.49 m

10.1 Recommendations
This section contains suggestions for the continuation of the design process.

10.1.1 General Performance
Many of the concepts that were touched upon in the literature study earlier in the DSE were not considered
during this conceptual design phase. However, they show significant promise and investigating them further
in the future might be the key to breakthroughs. Some of these technologies might also become cheaper
and/or more widely available in the future.

10.1.2 Aerodynamics
The current maximum L/D ratio is larger than necessary. While a large L/D ratio is beneficial, this means
that the wing might be over-sized. This large L/D ratio also means that there was no need for many leading
and trailing edge high-lift devices. For this reason, basic plain flaps were chosen. However, these plain flaps
do not provide optimal performance in terms of stall angle of attack and drag, so more complex flap types
should be considered. This would have a positive effect on landing and take-off performance, asCLmax could
be increased, which has effect on the thrust and wing loading.
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The wing-mounted tanks have been designed as cylinders with hemispherical caps on both ends. Their drag
contribution amounts to about 5.3% and, while quite low already, it could be lowered by analyzing more
aerodynamically efficient shapes. Also, shock waves could be minimized by putting more research into
Küchemann/anti-shock bodies. Furthermore, it could be investigated whether swap tanks are profitable and
usable. This would lower the turnaround time.
Then, to get a better estimate for the aerodynamic properties, computational fluid dynamics or finite element
method analysis is necessary. However this was out of the scope of this project.
Finally, modifications to the wing planform could be done tomaximize efficiency. Although not very common
on high wing aircraft, winglets could provide reductions in induced drag and are thus worth investigating.
Other considerations worth looking into are using different airfoils throughout the wingspan, adding twist to
the wing and adding kinks or yehudi.

10.1.3 Fuselage Layout
It is worth investigating different seating configurations to allow for more (or less) passengers. Adding seats
would have a negative effect on the range, and bigger tanks would also mean more drag and weight. Con-
versely, removing seats can significantly increase the range, if the weight is exchanged for fuel: by removing
5 passengers and increasing the wing-mounted tanks volume by 50% the range could be extended to 3000km.
Increasing this tank volume comes at a drag penalty, and has an impact on control and stability, which must
be reevaluated. Also cabin lighting should be improved and cargo placement can be reconsidered.

10.1.4 Stability & Landing Gear
High wing aircraft usually perform quite poorly in terms of rolling maneuverability. If this turns out to be the
case for RELIGHT, a solution could be adding anhedral to the wing. This would exchange some of the excess
rolling stability to allow for better maneuverability. The dynamic stability properties of the aircraft in general
will also have to be analyzed, along with the possible use of ballasts to optimize both static and dynamic
stability. The structural design of the landing gear and adding more plies to the tiresis to be investigated more
thoroughly. Also, a more in-depth look into landing gear brakes is recommended

10.1.5 Propulsion & Noise
Gaseous hydrogen is known for its excellent cooling characteristics. A small part of the liquid hydrogen in the
tanks could be converted to gaseous form and used to intercool stages in the engine compressor, increasing
its efficiency. With regards to the APU, the energy extracted from boil-off gases might not be sufficient. If
this turns out to be the case, a system to provide the APU with power from the liquid hydrogen in the tanks
will have to be designed. Although the requirements on noise are not expected to become problematic in
the detailed design phase, there are plenty of noise suppression concepts that could be studied such as flow
mixers, acoustic lining and silencing engine nozzles.

10.1.6 Maintenance
Maintenance can make up us much as 25% of the aircraft operational cost per block hour; it is therefore
very important to make sure that all components are designed with ease of inspection in mind. This applies
especially to more unconventional components such as the hydrogen external wing tanks. Since the tanks
are made of carbon-fiber-reinforced thermoplastics, innovative methods for thermoplastic repair are worth
exploring [97]. Usingmodular components wherever possible may also lead to easier and quicker inspections.

10.1.7 Hydrogen Tanks
The thermodynamic effects of the free-stream airflow on the external wing tanks during flight should be
researched and insulation thickness should be added accordingly; requiring weight and drag to be reassessed.
Forming of ice must be investigated, as do de-icing mechanisms. The tanks must be designed to cope with
bird strikes or ground collisions.

10.1.8 Sustainability
Throughout the project, the emphasis regarding the sustainability approach was set on the operations of the
aircraft. Many systems were designed having that in mind. As a sustainable design entails the whole life cycle
of the aircraft, considerations regarding each phase need to be taken into account in the design. Continuing
work from this point should explore the effect on the other phases of the life such as manufacturing and
end-of-life in more detail than it was presented in this report.
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